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PREFACE 


This  Lecture  Series  is  sponsored  by  the  Propulsion  and  Energetics  Panel  and  the 
Consultant  and  Exchange  Program,  and  is  a  review  of  some  of  the  work  of  the  Ad  Hoc 
Committee  for  Airplane  Engine  Interference. 

The  basic  concepts  related  to  optimizing  airplane  installations  are  described,  and  some 
of  the  analytical  and  experimental  methods  used  for  the  investigation  of  such  interference 
are  reviewed  in  detail.  Subsonic,  transonic,  and  supersonic  ranges  are  considered. 

The  interference  problems  are  discussed  in  two  groups:  (1)  inlet-airplane  interference; 
and  (2)  nozzle  and  exhaust  jet,. and  airplane  interference.  A  detailed  discussion  of  different 
experimental  techniques  presently  used  by  different  laboratories  is  given.  A  critical  review 
of  the  shortcomings  of  some  of  the  new  techniques  used  is  presented.  The  problem  related 
to  dynamics  of  the  engine  inlet-engine  nozzle  integration  is  reviewed,  and  a  consistent  set 
of  definitions  of  airplane  and  engine  characteristics  is  given. 

A  round  table  discussion  with  the  participation  of  all  the  speakers  concludes  the  Lecture 
Series  presented  in  four  different  NATO  nations  (USA,  France,  Germany  and  England),  from 
22  June  to  4  July  1972. 
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ENGINE  AIRPLANE  INTERFERENCE 

DEFINITION  OF  THE  PROBLEM  AND  RELATED  BASIC  FLUID  DYNAMIC  PHENOMENA 


by 


Antonio  Ferri 

Director,  Aeroipace  Laboratory 
Astor  Profetaor  of  Aerospace  Science* 
New  York  University 
Bronx,  New  York  10453 


1.  INTRODUCTION 


In  the  paat,  the  development  of  aerodynamic  technology  haa  been  based  on  the  use  and  application  of 
scaling  criteria  which  have  permitted  the  investigation  of  many  aerodynamic  configurations  by  means  of 
wind  tunnel  tests  where  carefully  Instrumented  small  scale  models  are  investigated  experimentally.  The 
extensive  use  of  similarity  laws,  in  order  to  Investigate  alternate  solutions  for  a  given  problem,  is 
somewhat  unique  for  the  aeronautical  Industry,  and  is  probably  one  of  the  reasons  for  the  rapid  progress 
of  this  industry. 

The  basic  similarity  laws  for  aerodynamics  requires  simulation  of  ncndlmensional  parameters  such  as 
Reynolds  and  Mach  numbers,  and  for  high  Mach  numbers,  the  Nusaelt  and  Prandtl  number*.  In  view  of  the 
difficulties  encountered  in  simulating  all  of  the  parameters  in  wind  tunnel  tests,  we  have  learned  to 
extrapolate  data  from  one  condition  to  another;  however,  in  some  ranges  of  speed  we  have  found  difficulties 
in  performing  these  extrapolations.  Besides  the  effects  due  to  testing  at  different  similarity  numbers, 
other  effects  are  present  that  sometimes  make  it  difficult  to  extrapolate  small  scale  test  results  to 
full  scale.  Such  effects  are  due  to  Imperfect  simulation  of  the  physical  and  geometrical  parameters  in¬ 
volved  in  the  experiments.  The  presence  of  tunnel  walla  creates  substantial  changes  in  the  flow  fields 
at  subsonic  and  especially  at  transonic  speeds.  The  presence  of  the  support  of  the  model  produces  Inter¬ 
ference  with  the  model  flow,  especially  at  subsonic  and  transonic  speeds.  Aeroelastlc  effects  interfere 
with  accurate  simulation.  In  addition,  the  lack  of  simulation  of  the  engine  flow  introduces  In  some 
instances  substantial  differences  between  the  aerodynamics  of  tne  actual  airplane  and  of  the  model  tested. 
The  purpose  of  this  series  of  lectures  is  to  discuss  the  last  problem  in  some  detail,  to  review  some 
of  the  most  recent  advances  and  some  of  the  unresolved  problems  in  this  field,  and  to  suggest  possible 
ImproveaMnts  of  better  techniques  and  fields  of  research  directed  toward  a  better  understanding  of  the 
problem.  In  order  to  outline  the  problems  Involved  with  the  lack  of  correct  representation  of  the  engine 
flow,  I  will  review  as  an  Introduction  some  of  the  characteristics  related  to  Interference  between  the 
airplane  and  the  engine  ,  and  their  effects  on  the  calculated  pcrformencea  of  the  airplane.  The  problems 
are  somewhat  different  at  subsonic  and  transonic  speech  and  at  supersonic  speed;  therefore,  I  will  discuss 
the  two  velocity  regimes  separately.  First,  I  will  review  the  effects  of  tho  engine  on  the  airplane. 

2.  INTERACTION  OF  THE  ENGINE  FLOW  ON  THE  AIRPLANE 


2.1  Subsonic  and  transonic  speeds 

The  engine  thrust  is  defined  by  the  variation  of  total  momentum  of  the  flow  entering  the  engine 
between  free  stream  conditions  existing  far  ahead  of  the  engine  and  the  conditions  occurring  at  the  exit 
of  the  engine.  The  engine,  by  lncreacing  the  total  momentum  of  this  flow,  produces  internal  thrust;  but 
at  the  same  time  generates  external  forces  that  affect  the  drag  and  lift  of  the  airplane.  The  drag  pro¬ 
duction  is  due  to  either  viscous  losses  or  shock  losses.  Therefore,  In  order  to  analyze  the  effect  of 
the  engine,  we  must  analyze  the  effect  of  the  shocks  and  viscous  phenomena  produced  by  the  engine  on  the 
flow  outside.  The  engine  induces  large  pressure  variations  in  the  region  in  front  of  the  engine  and 
behind  the  engine  that  can  Influence  the  aerodynamic  properties  of  the  airplane  including  lift  and  pitch¬ 
ing  moments .  In  order  to  understand  qualitatively  such  effects,  consider  first  an  isolated  axially 
symmetric  engine  nacelle.  At  very  lew  flight  speed  a  turbojet  engine  acts  as  a  hollow  body  having  a 
distribution  of  sinks  and  sources  at  the  axis.  In  the  front  we  have  sink*  that  accelerate  the  flow. 

Because  the  flow  velocity  at  the  inlet  entrance  is  much  larger  than  the  flight  velocity,  in  the  front,  the 
streamtube  entering  the  inlet  is  a  rapidly  converging  streamtube.  Fig.  1.  The  flow  is  accelerated  and 
heated  by  the  engine,  and  at  low  speed  the  streamtube  leaving  the  engine  is  much  smaller  than  the  free 
streamtube  and  the  streamtube  at  the  inlet;  therefore,  the  sink  strength  is  larger  than  the  strength  of 
the  sources.  The  air  leaving  the  engine  mixes  with  the  outside  air.  Such  mixing  occurs  with  a  variation  of 
streamtube  area;  thus,  the  Interference  between  engine  flow  and  external  flow  extends  downstream  of  the 
engine.  The  mixing  produces  a  vtrlation  of  cross-sectional  area  that  is  equivalent  to  a  displacement 
thickness  corresponding  to  the  mixing  process.  Such  variation  of  area  of  the  streamtube  produces  a 
variation  of  static  pressure  equivalent  to  the  pressure  produced  by  a  body  of  cross-sectional  area  equal  to 
the  variation  due  to  mixing.  Therefore,  if  the  nacelle  is  placed  in  the  vicinity  of  an  airframe,  the  nacelle 
induces  a  flow  field  that  affects  lift  moments  and  skin  friction  drag  of  the  airplane. 

In  the  absence  of  the  flow  field  Induced  by  the  airplane,  the  shape  of  the  streamtube  of  the  flow 
entering  and  leaving  the  engine  can  b»  determined  analytically.  In  the  subsonic  region,  before  localized 
supersonic  regions  appear  in  the  flow,  linear  theory  permits  determining  the  streamtube  shape  in  front  and 
behind  provided  that  a  mixing  analysis  is  combined  with  the  linearized  theory  in  order  to  determine  the 
shape  of  the  mixing.  Such  types  of  analyses  are  available,  and  a  computer  program  can  ba  easily  generated 
provided  that  the  turbulent  transport  properties  are  assumed  from  experimental  information. 

A  more  complex  analysis  can  be  performed  for  the  transonic  region  by  means  of  the  linearized  transonic 
analysis  or  by  more  complex  transonic  analyses  based  on  relaxation  in  time  dependent  methods.  However, 
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all  of  cheae  analyses  should  Include  the  mixing  regions  behind  the  engine  in  order  to  use  the  correct 
boundary  conditions  for  the  problem.  Such  a  region  Incorrectly  Is  not  considered  as  a  part  of  the  problem 
In  3ooe  of  the  work  presently  under  way.  Presently,  such  analyses  are  not  performed  systematically  for 
any  new  engine,  and  are  not  required  as  a  part  of  an  engiue's  characteristics  in  spite  of  the  fact  that 
the  results  could  be  useful  in  order  tc  evaluate  engine  performance  when  installed  In  the  airplane.  The 
shape  of  the  mixing  displacement  thicknesj  depends  strongly  cn  the  cycle  of  the  engine  In  general,  if 
we  consider  the  mixing  of  two  streams  having  the  same  y,  the  variation  of  the  cross-sectional  crea  due 
to  mixing  at  constant  pressure  sfter  complete  mixing  Is  given  by: 

4A  "  (Hj/ui  -  Hj/ug)  (uj  -  uj) 

where  the  4A  is  the  increase  of  the  stresmtube  area  at  constant  pressue,  and  H2  the  total  enthalpy  of 
the  two  streams  and  ui,  u2  the  velocities  of  the  streams.  For  an  engine,  the  jet  velocity  u^  Is  always 
larger  than  the  external  velocity  m>U2.  At  low  flight  velocities  U2  is  small  and  H2/U2  la  larger  than 
Hi/ui;  therefore,  the  mixing  between  the  external  flow  and  che  engine  flow  tends  to  produce  a  converging 
streamtube.  In  a  bypass  anglne,  we  must  consider  three  streams.  The  engine  flow  can  have  a  value  of 
Hl/ui  larger  or  smaller  than  the  value  of  H2/U2  of  the  fan  flow,  depending  on  the  compression  ratio 
of  the  fan  and  flight  velocity.  At  low  flight  speed,  the  value  of  H2/U2  increases  rapidly  when  the  fan 
compression  ratio  decreases.  Then  at  low  speed  for  an  engine  having  low  pressure  ratio  fans,  the  con¬ 
verging  of  the  streamtube  downstream  of  the  jet  due  to  the  mixing  of  the  engine  flow  and  fan  flow  is  very 
large. 

Figure  1  indicates  schematically  the  variation  of  streamtube  area  of  a  bypass  engine  having  bypass 
ratio  6  and  40,000  lbs  takeoff  thrust,  at  flight  Mach  numbers  of  0.15  sea  level.  The  streamtube  converges 
from  an  area  of  120  ft2  corresponding  to  free  stream  conditions  to  an  area  of  50  ft?  at  the  exit.  The 
displacement  of  the  mixing  la  negative:  therefore,the  streamtube  continues  to  converge.  Consider  now  an 
airplane  having  engines  placed  In  nacelles  under  the  wings.  When  we  perform  a  model  test  In  order  to 
determine  airplane  performances,  we  should  represent  this  flow  field  correctly;  therefore.  If  we  do  not 
use  engine  simulators,  we  should  Insert  under  the  ving  bodies  having  roughly  the  shape  of  the  streamtube 
of  the  engine.  However,  the  interaction  among  the  airplane  flow  fields  and  the  jet  flow  fields  changes 
the  local  pressure,  which  therefore  changes  the  equivalent  body  shape;  then,  the  equivalent  body  shape 
la  nonsymoetrlcal  and  is  not  known  "a  priori11  from  a  calculation  for  a  uniform  flow  field.  These  inter¬ 
action  effects,  hoveve  ,  can  be  determined  by  means  of  an  Iteration  procedure.  Often,  experiments  are 
made  where  the  nacelles  are  either  not  represented,  or  are  represented  by  duct  having  the  some  external 
shape  as  the  engines  and  passing  some  flow  through.  The  second  approach  is  lets  satisfactory  than  tl.e 
flrat  because  in  the  absence  of  an  engine  simulator  placed  inside  the  nacelle,  the  maas  flow  entering 
the  inlet  of  the  nacelle  is  much  leas  than  the  engine  maas  flow  (unless  the  exhaust  area  is  increased) 
because  a  pressure  drop  occurs  Inside  the  nacelle.  Then  the  streamtube  shape  entering  the  nacelle  is 
quite  different  than  in  flight,  and  the  flow  field  in  front  of  the  engine  and  behind  It  is  quite  different 
from  the  corresponding  flow  field  in  the  airplane.  These  effects  are  large  at  all  speeds,  and  are  import¬ 
ant  especially  at  transonic  speeds. 

Figure  2  gives  an  Indication  of  the  difference  of  streamtube  cross  section  required  at  the  exit 
for  different  engine  cyles,  and  for  the  case  of  a  cowling  without  an  engine  simulator  when  the  inlet 
maas  flow  is  matched.  The  data  are  for  “  0.90.  The  figure  also  gives  the  streamtube  of  an  engine 
simulator  which  simulates  accurately  entrance  conditions,  exit  Mach  number,  exit  area,  and  exit  pressure; 
but  not  exit  temperature  for  a  typical  turbojet  and  turbofan.  In  the  data  presented.  It  is  assumed  that 
the  engine  simulator  haa  a  compressor  that  compresses  the  air  entering  the  Inlet  which  is  simulated,  while 
the  turbine  that  drives  the  compressor  is  driven  by  compressed  sir  carried  in  from  the  outside  through  a 
channel.  Then  the  exit  maas  flow  is  larger  than  the  entrance  mass  flow  and  includes  Inlet  air  and  turbine 
air.  Such  additional  air  balances  the  lack  of  heat  addition;  then  the  area  Mach  number  and  pressure  are 
matched  at  the  inlet.  For  the  turbojet  engine,  a  case  where  transition  from  laminar  to  turbulent  mixing 
occurs  at  some  distance  from  the  nozzle  is  also  shown.  The  differences  of  streamtubes  are  large,  and  in 
some  cases  can  be  Important. 

Figure  3  gives  an  indication  of  the  differences  between  the  streamtube  area  for  engine  simulators  used 
in  this  type  of  testing  for  a  bypass  engine  and  an  actual  engine.  In  this  simulation  at  M.'v  0.85,  the 
entrence  maas  flow  through  the  inlet  is  less  than  in  the  actual  mass  flow  engine  (14X  less);  the  pressure 
ratio  through  the  fan  is  the  same,  the  exit  area  of  the  main  engine  la  smaller,  and  the  flow  from  the 
engine  simulator  is  cold;  therefore,  the  same  discrepancy  as  shown  in  Fig.  2  exists  for  the  mixing  region. 
The  difference  in  streamtube  area  for  four  engines  in  full  scale  corresponds  to  17  ft2  initially,  and 
becomes  32  ft?  at  some  distance.  The  Importance  of  these  effects  should  be  evaluated,  and  if  Important, 
corrections  to  the  experimental  data  should  be  introduced. 

Two  alternate  solutions  are  suggested: 

(1)  test  without  nacelles  and  make  analytical  corrections, 

(2)  uae  engine  simulators. 

The  first  approach  is  already  used  during  the  preliminary  design  phase;  however,  corrections  are  seldom 
performed  In  spite  of  the  fact  that  they  are  possible  for  podded  engines.  The  second  solution  requires 
more  complex  and  expensive  apparatus,  and  even  with  the  additional  complications,  cannot  give  a  completely 
satisfactory  simulation ;  therefore,  even  in  this  cue  analytical  methods  that  permit  estimating  such 
lack  of  complete  simulation  ahould  be  used. 

The  experimental  results  in  wind  tunnels  are  usually  corrected  for  wall  effects;  however,  numerical 
methods  ere  not  yet  available  to  evaluate  corrections  for  engine  interference  on  the  airplane.  Such 
methods  could  be  generated  within  the  ability  of  present  analytical  methods  for  podded  engines  as  used 
in  transport  airplanes.  The  problem  for  engines  Imbedded  in  the  fuselage  is  more  complex,  and  requires 
further  Investigations;  however,  some  correction  is  possible  rven  for  this  case.  The  method:  to  be  used 
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ate  fairly  simple  because  superposition  of  solutions  is  possible  (e.g.,  Ref.  1) .  Numerical  programs 
based  on  superposition  of  solutions  can  define  the  equivalent  body  shape  that  represents  the  engine  flow 
as  a  function  of  the  flow  field  produced  by  the  airplane  for  subsonic  flow.  Then  by  using,  as  an  Input, 
experimental  data  that  defines  the  flow  field  of  the  airplane  without  the  engine,  the  flow  field  Induced 
by  the  engine  on  the  airplane  can  be  determined.  If  required,  interaction  procedures  could  be  used  In 
order  to  obtain  a  second  order  correction  on  the  streamtube  shape.  The  basic  concept  suggested  here  is 
to  use  a  combination  of  computers.  The  wind  tunnel  is  used  as  an  analog  computer  for  tha  data  simulation 
of  the  airplane  flow  field  because  of  its  ability  of  determining  viscous  flow  effects  and  three-dimensional 
flow.  Then  a  digital  computer  is  used  to  determine  the  equivalent  body  that  represents  the  engine,  flow 
in  the  presence  of  the  airplane  flow,  and  the  Influence  of  such  a  body  on  the  airplane.  The  use  of 
engine  simulators  simplifies  somewhat  the  experimental  problem;  however,  even  in  this  case  the  simulation 
is  not  perfect  and  therefore  the  Influence  of  the  differences  should  be  evaluated.  The  problem  becomes 
.rore  difficult  when  transonic  flow  Is  present  because  In  this  velocity  range,  the  numerical  analyses  are 
much  more  complex,  and  at  the  same  time  the  effects  of  variation  of  cross-sectional  area  of  the  engine 
flow  are  more  important.  Presently,  research  is  in  progress  for  the  analysis  of  the  flow  field  around 
nacelles  as  shown  in  Pig.  3.  Unfortunately,  in  the  analysis  it  is  assumed  that  the  streamtube  leaving 
the  engines  does  not  mix  with  the  external  flow;  therefore,  the  boundary  conditions  downstream  of  the 
fan  and  the  engines  are  not  representative.  The  affect  of  the  mixing  of  the  fan  flow  cen  be  Introduced 
as  a  correction  of  the  boundary  conditions ,  and  can  be  determined  in  advance  from  the  determination  of 
the  displacement  thickness  obtained  from  a  calculation  of  the  mixing;  however,  the  introduction  of  the 
mixing  of  the  flow  field  downstream  is  more  difficult  because  it  affects  the  pressure  distribution. 

2.2  Supersonic  speed 

The  interaction  of  the  engine  on  the  airplane  at  supersonic  speed  is  limited  to  the  region  downstream 
of  the  inlet.  Such  interaction  is  very  important  and  can  be  utilized  to  produce  li,ft  or  reduce  drag  of 
the  airplane.  In  many  installations  we  can  define  an  L/D  of  the  engine  defined  as  the  increase  in  lift 
due  to  engine  interference,  divided  by  the  additional  external  drag  produced  by  the  engine.  The  fact 
that  the  inlet  and  inlet  spillage  produces  not  only  drag,  but  also  lift  is  important,  and  is  a  factor 
in  the  selection  of  the  inlet  configuration  and  engine  position. 

The  basic  conceptlonal  principles  for  the  utilization  and  analysis  of  favorable  engine  airplane 
Interference  has  been  given  in  Ref.  2.  Consider  Fig.  4  (taken  from  Ref.  2),  the  equivalent  body  that 
represents  the  variation  of  streamtube  entering  the  engine  can  be  represented  as  a  distribution  of 
singularities.  The  singularities  are  sources  and  sinks  for  axially  symmetric  configurations,  and  multi¬ 
poles  for  nonsymmetrical  configurations.  Both  the  airplane  and  the  equivalent  body  induce  n  flow  field 
that  can  be  calculated.  The  front  part  of  the  body  produces  a  pressure  rise  in  the  rear  part  of  the 
wing,  decreasing  pressure  drag  and  increasing  lift,  while  the  front  part  of  the  wing  produces  a  pressure 
rise  in  the  rear  part  of  the  body  decreasing  the  pressure  drag  of  the  body.  The  effect  of  such  flow 
fields  can  be  evaluated  by  simple  Integral  relations  if  the  interaction  is  felt  by  flat  surfaces,  or  it 
requires  numerical  integration  if  the  surfaces  are  not  flat.  In  any  case,  the  pressure  field  induced  by 
the  equivalent  body  caa  be  evaluated  and  the  variations  due  to  interference  can  be  obtained  provided 
that  linear  theory  can  be  applied. 

Figure  5  indicates  invlscld  polar  diagrams  for  an  isolated  wing,  and  a  wing  and  additional  body  con¬ 
veniently  shaped, placed  under  the  wing.  The  body  increases  the  shock  drag  and  also  the  lift;  therefore, 
the  L/D  is  increased  by  the  presence  of  the  new  body.  The  possibility  of  increasing  lift  is  important 

because  it  tends  to  decrease  the  penalties  due  to  external  compression  for  the  inlet.  As  mentioned 

previously,  the  analysis  of  the  interference  effects  can  be  performed  easily  when  linear  theory  is 
utilized.  Improvements  on  this  type  of  analysli  can  be  obtained  by  using  the  Uhltham  type  of  analysis 
which  is  used  extensively  for  the  analysis  of  sonic  boom.  In  this  case,  the  intensity  of  the  perturbation 
is  still  given  by  the  linear  theory;  however,  the  propagation  of  the  perturbation  is  given  along  a  Mach 
line  or  shock  that  takes  into  account  the  change  of  speed  of  sound,  and  Che  effect  of  velocity  disturbances; 
therefore,  the  Mach  line  is  not  inclined  at  u«  (Mach  angle  of  the  undisturbed  velocity)  with  the  flight 
velocity  but  at  (v+0) ioc*i  where  u  is  the  local  Mach  angle  and  0  the  inclination  of  the  velocity.  Either 
linear  theory,  or  experimental  data  that  gives  the  flow  field  produced  by  the  inlet,  or  more  accurate 
theory  can  be  used  to  determine  the  disturbances  produced  at  the  surface  of  the  body  that  represents  the 
engine  streamtube.  The  propagation  of  such  disturbances  is  determined  by  the  second  order  theory  of 
Uhltham  as  described  in  Refs.  3  and  4.  The  interaction  and  reflection  of  such  waves  with  the  airplane 
surface  is  determined  by  linear  theory.  Then  the  effect  of  interaction  on  local  preasure  is  obtained  by 

two  components.  The  first  is  proportional  to  the  local  velocity  perturbation  produced  by  tha  equivalent 

body,  the  propagation  of  which  is  analyzed  in  second  order;  the  second  contribution  is  obtained  by 
assuming  that  a  aource  sink  distribution  is  present,  defined  by  the  local  component  of  the  velocity 
perturbation  normal  to  the  airplane  surface  generated  by  the  equivalent  body  representing  the  engine. 

The  intensity  and  distribution  of  sources  and  sinks  is  proportional  to  this  normal  component.  Then  the 
velocity  and  pressure  at  any  point  generated  by  this  distribution  can  be  obtained  from  linear  theory, 
and  the  aecond  component  of  the  interaction  determined. 

At  high  Mach  numbers,  this  type  of  analysis  is  unsatisfactory  becauee  ell  analyses  depend  on  the 
validity  of  linear  theory.  Then  either  experimental  lnvestlgatlona ,  or  more  complex  analyses,  are 
required  in  order  to  obtain  the  perturbation  flow  field  at  small  distances  from  the  inlet.  Time  dependent 
types  of  analyses  are  attractive  for  such  investigations.  The  extrapolation  to  larger  distances  cen  be 
obtained  with  the  method  described  above,  or  with  improvements  of  the  method  as  described  in  Refs.  3  and  6. 
The  distance  where  extrapolation  is  possible  Is  defined  by  the  necessity  of  existence  of  a  solution  given 
by  linear  theory  at  the  distance  considered;  therefore,  it  is  s  function  of  the  Mach  nustber  and  local 
intensity  of  the  disturbance. 

3.  INTERACTION  OF  THE  AIRPLANE  FLOW  FIELD  ON  THE  ENGINE  PERFORMANCES 


The  effect  of  the  flow  field  produced  by  the  airplane  on  the  engine  performance  le  strong  tor  englnee 
Imbedded  in  the  fuselage  and  ia  smaller  for  podded  engines.  Usually,  for  podded  engines,  simple  corrections 
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can  be  incroduced  on  the  Isolated  engine  performances  In  order  to  take  care  of  such  effects.  However,  In 
some  cases,  at  low  flight  speed  and  for  high  bypass  engines,  even  for  podded  engines  the  Interaction  of 
the  airplane  flow  field  can  be  Important  when  the  airplane  changes  substantially  the  pressure  field  at  the 
exit  of  the  fan.  This  local  change  of  pressure  affects  the  split  between  engine  and  fan  mass  flow,  and 
therefore  the  bypass  ratio.  In  addition,  this  pressure  field  induced  by  the  airplane  Is  not  uniform' 
t’-  •  it  can  produce  nonsteady  fluctuation  in  the  flow  of  the  fan  by  producing  peripheral  variations  .i 

pressure  at  the  exit  of  the  fan.  These  effects  can  be  present  only  at  low  speed  because  at  high  subsonic 

speed  the  flow  leaving  the  fan  becomes  sonic  or  supersonic  even  for  low  fan  pressure  ratio  engines. 

Whi'.e  the  flow  Induced  by  the  airplane  does  not  affect  substantially  the  engine  performances,  when 
padded  engines  are  sidered,  the  flow  can  affect  the  external  drag  of  the  nacelle.  Because  of  the  pres¬ 

ence  of  the  airplane,  large  cross  flows  can  exist  at  the  exit  of  the  jet.  Such  cross  flows  at  transonic 
speed  and  supersonic  speed  can  affect  substantially  the  nacelle  drag  of  the  engine.  Some  mismatch  of  static 

pressure  of  flow  direction  is  presented  at  the  exit  of  the  fan  flow,  or  engine  flow.  Then  some  local  sepa¬ 

ration  takes  place  near  the  nozzle  exit.  This  separation  usually  is  beneficial  because  it  tends  to  decrease 
over-expansion  and  therefore  drag.  Fig.  6. 

The  local  separation  and  the  amount  of  drag  depends  on  the  momentum  and  temperature  thickness  of  the 
boundary  layer.  Such  quantities  are  strongly  affected  by  the  presence  jf  cross  pressure  gradients  and 
cross  flows  because  they  distribute  the  boundary  layer  nonuniformity  around  the  nozzle.  Therefore,  the 
airplane  pressure  field  can  modify  the  nozzle  performances  and  the  nacelle  drag.  (This  effect  will  be 
discussed  in  more  detail  later  on.) 

The  problem  of  Interference  is  of  primary  importance  when  the  engine  inlets  and  nozzles  are  either  part 
of  the  fuselage  or  are  located  on  the  lower  surface  of  the  wing.  In  these  cases,  the  flow  induced  by  the 
wing  or  by  the  fuselage  interacts  with  the  inlet  and  the  nozzle  of  the  engine  and  affects  engine  performances 
directly.  This  problem  is  especially  important  for  airplanes  that  must  have  supersonic  capabilities  and  good 
performances  at  transonic  speeds,  and  must  operate  efficiently  and  at  high  angles  of  attack  during  maneuvers. 
For  these  configurations,  the  airplane  and  engine  flow  are  closely  interdependent;  therefore,  the  effects 
of  the  airplane  flow  on  the  engine  performances, and  of  the  engine  flow  on  the  airplane  performances, are  of 
primary  importance.  The  compromise  of  the  inlet  and  nozzle  design  for  a  given  engine,  selection  of  the  best 
engine  cycle,  and  engine  location,  must  take  into  account  from  the  beginning  interference  effects.  The 
flow  field  produced  by  the  fuselage  in  locations  convenient  for  inlets  either  at  subsonic,  transonic,  or 
supersonic  velocities,  is  highly  nonuniform  especially  at  large  angles  of  attack.  The  cross  flow  generated 
by  lack  of  axial  symmetry, or  angle  of  attack,  produces  vortices  and  regions  of  local  separation  that  start 
in  the  front  region  of  the  fuselage  which  can  enter  the  engine  inlet.  The  non-uniformities  entering  the 
inlet  generate  large  distortions  in  the  inlet  flow  that  either  can  be  unacceptable  for  the  compressors  or 
the  fans,  or  can  produce  penalties  in  performance.  A  large  amount  of  experimental  information  has  become 
available  recently  in  this  field  (e.g. ,  Ref. 7).  Such  results  indicate  the  importance  of  the  problems  and 
some  possible  solutions;  3ome  of  the  most  important  results  will  be  discussed  later  on.  Here,  I  will  limit 
my  attention  to  discussing  possible  analytical  contributions  to  the  understanding  of  the  problem.  The  in- 
viscld  flow  field  can  be  analyzed  accurately  at  subsonic  and  supersonic  speed.  Recently,  analytical  methods 
have  been  developed  also  for  transonic  speed;  however,  such  available  analytical  methods  are  not  fully 
utilized  In  airplane  design  practice.  The  reason  is  that  the  boundary  layer  effects  cannot  be  predicted 
by  analysis  as  accurately  as  the  lnvlscld  effects,  and  they  produce  important  modifications  on  the  flow 
field.  The  boundary  layer  properties  and  the  production  of  separated  regions  are  a  function  only  of  local 
pressure  gradients.  Th recent  availability  of  a  large  amount  of  experimental  lnfon. ->tion  in  this  field 
gives  indications  of  such  dependence;  therefore,  it  will  probably  be  possible  in  the  )  ture  to  generate 
analytical  prediction  methods  of  the  flow  field  taking  into  account  the  presence  of  boundary  layers,  pro¬ 
vided  that  the  available  experimental  data  are  utilized  to  define  the  properties  of  the  boundary  layer. 

When  the  available  Information  is  used,  a  generalized  numerical  program  could  probably  be  generated  that 
defines  approximately  thv  flow  field  and  permits  extrapolating  experimental  data  performed  at  low  Reynolds 
number  to  higher  Reynolds  numbt.'s.  The  availability  of  such  a  type  of  analysis  would  help  the  designer. 

Such  analysis  could  indica-a  pro  aising  directions  of  configuration  changes  required  to  eliminate  an  exist¬ 
ing  problem,  and  could  help  during  preliminary  design  to  select  the  more  promising  locations  of  air  intakes 
and  engines,  and  fuselage  shapes  in  a  given  airplane  configuration.  The  integration  of  analytical  and 
experimental  information  in  a  numerical  method  for  fuselage  flow  analysis,  should  be  the  next  step  of  the 
research  program  in  this  field.  Such  a  type  cf  analysis  should  cover  the  subsonic,  transonic,  and  super¬ 
sonic  ranges. 

In  connection  with  the  interference  between  airplane  and  inlet  flow  at  subsonic  and  transonic  speed, 
careful  attention  should  be  given  to  the  interpretation  of  experimental  data.  Often  the  airplane  inter¬ 
ference  on  an  inlet  Is  determined  experimentally  in  wind  tunnels  by  determining  the  forces  on  the  region 
of  the  airplane  configuration  extended  in  front  of  the  inlet  in  the  vicinity  of  the  inlet,  and  on  the 
inlet,  without  correct  representation  of  the  rear  part  of  the  airplane.  Such  ezasurements  can  be  highly 
misleading  at  subsonic  and  transonic  speeds. 

Assume,  for  example,  that  we  investigate  the  effect  of  a  ramp  AB  placed  in  front  cf  an  inlet,  as  shown 
in  Fig.  7,  and  we  want  to  compare  the  drag  of  a  given  airplane  inlet  combination  at  subsonic  or  transonic 
speed  for  the  case  where  the  inlet  has  ramp  AB  (configuration  a),  and  for  the  case  of  an  inlet  without 
the  ramp  (configuration  b).  If  we  measure  the  force  only  in  the  front  part  of  the  airplane,  in  front  of 
section  S-S  for  the  same  inlet  mass  flow,  then  we  find  that  the  ramp  produces  an  additional  "apparent" 
drag  because  the  streamline  entering  the  inlet  is  lnvlscld  and  has  a  bump  where  the  pressure  is  above 
atmospheric.  However,  such  a  drag  is  balanced  by  a  thrust  in  the  rear  part  of  the  airplane.  Therefore, 
at  subsonic  speed,  this  "ramp  drag"  la  mainly  due  to  the  testing  technique  and  is  not  an  actual  increase 
.'n  drag  of  the  airplane  unless  the  recovery  in  the  rear  part  of  the  airplane  is  reduced  by  viscous 
phenomena.  This  can  be  seen  immediately  if  we  analyze  the  pressure  distribution  in  a  subsonic  "bump"  as 
shown  in  Fig.  8.  The  pressure  along  a  corrugated  surface  at  subsonic  speed  is  symmetrical  and  the  pressure 
in  the  front  part  balances  the  pressure  in  the  rear.  Therefore,  if  the  total  displacement  is  zero,  the 
lnvlscld  drag  is  also  zero.  The  two  possible  sources  of  drag  are  viscous  effects  and  localized  shocks. 

The  viscous  losses  and  formation  of  localized  shocks  occur  in  the  region  of  the  airplane  that  is  not 
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represented  In  the  test,  and  therefore  cannot  be  measured.  Any  measurement  of  losses  at  subsonic  and  tran¬ 
sonic  speeds  without  a  careful  Investigation  of  the  downstream  conditions  can  lead  to  Incorrect  conclusions 
The  only  valid  Investigation  for  this  type  of  test  Is  an  investigation  that  attempts  to  determine  the 
presence  and  defines  the  Intensity  of  additional  viscous  and  shock  losses  Independently  of  the  pressure 
field. 

A  similar  type  of  comment  applies  to  the  experimental  investigation  of  the  boundary  layer  scoops 
either  at  subsonic  or  supersonic  speeds.  In  all  inlets  attached  to  the  fuselage  or  wing,  the  boundary 
layer  produced  on  the  surfaces  in  front  of  the  inlet  is  directed  outside  of  the  inlet  by  boundary  layer 
diverters  or  scoops  that  connect  the  low  velocity  flow  inside  or  in  front  of  the  inlet  to  a  region  of 
lower  pressure.  The  drag  oi  such  scoops  depends  on  the  pressure  variation  of  the  boundary  layer  flow. 

A  large  part  of  the  flow  in  the  scoops  is  either  transonic  or  subsonic;  therefore,  the  flow  has  subsonic 
characteristics  and  the  pressure  variation  inside  the  scoop  depends  substantially  on  the  downstream  con¬ 
ditions.  Such  conditions  depend  on  many  parameters;  e.g. ,  the  geometry  of  the  rear  part  of  the  airplane, 
the  Reynolds  number  of  the  tests,  and  on  the  angle  of  attack  of  the  airplane.  Therefore,  experiments  on 
boundary  layer  scoops  should,  as  a  first  step,  prove  that  the  downstream  conditions  are  correctly  repre¬ 
sented.  Tnis  could  be  done  by  measuring  the  pressure  on  the  airplane  in  the  region  of  the  boundary  layer 
scoops  and  by  checking  that  the  pressure  in  this  region  is  reproduced  in  the  inlet  tests.  Often  this 
type  of  proof  is  missing  in  the  report  describing  such  experiments. 

4.  INTERACTION  BETWEEN  ENGINE  FLOW  AND  EXTERNAL  FLOW  NEAR  THE  NOZZLE 

One  of  the  most  important  interactions  between  the  airplane  induced  flow  and  the  engine  flow  occurs 
in  the  region  of  the  engine  nozzle.  Here,  especially  at  transonic  speeds,  a  large  percentage  of  the 
airplane  drag  is  generated.  Such  a  drag  is  controlled  by  the  interaction  between  the  internal  and  ex¬ 
ternal  flows;  therefore,  the  most  complex  compromise  between  external  and  inter.idi  performances  is 
required  in  the  selection  of  nozzle  design.  The  difficulty  is  increased  by  the  fact  that  the  effect  on 
the  external  drag  is  not  included  in  the  definition  of  engine  performances,  and  by  the  fact  that  in 
practice  two  independent  engineering  design  groups  are  responsible  for  the  designs  of  the  configuration 
of  the  nozzle  that  controls  the  internal  flow  and  for  the  configuration  of  the  external  shape  of  the 
fuselage. 

The  presence  of  large  external  drag  in  the  region  of  the  nozzle  exit  is  somewhat  related  to  the 
characteristics  of  the  engine  design.  The  flow  leaving  the  turbine  has  low  exit  Mach  number,  and  is 
discharged  through  annulus;  therefore,  the  turbine  diameter  Is  much  larger  than  the  diameter  of  the 
minimum  area  of  the  nozzle  where  the  flow  is  sonic.  In  order  to  minimize  heat  and  viscous  losses,  the 
transition  from  the  turbine  to  the  nozzle  is  short;  therefore,  the  rear  part  of  the  engine  has  a  very 
rapid  converging  section  at  the  end.  Only  for  supersonic  flight  a  diverging  section  follows  the  converging 
nozzle  reducing  the  difference  between  turbine  and  exit  nozzle  diameter.  Therefore,  this  effect  is 
maximum  at  transonic  speed.  For  example,  for  a  typical  bypass  engine  for  a  subsonic  transport,  the 
ratio  between  the  diameter  of  the  engine  in  the  turbine  region  to  the  nozzle  of  the  main  flow  is  of  the 
order  of  1:4  -  1:6.  This  rapid  convergency  of  the  engine  tends  to  produce  large  local  overexpansion 
that  tends  to  produce  pressure  drag.  When  the  engine  is  placed  on  a  pod,  the  local  external  area 
change  can  be  balanced  by  an  area  increase  produced  by  a  different  component  of  the  airplane,  such  as 
the  wing  or  the  fuselage;  therefore,  the  effect  on  overall  drag  at  transonic  speed  can  be  minimized. 

However,  when  the  engines  are  placed  in  the  fuselage,  usually  the  nozzles  are  located  at  the  end  of  the 
fuselage,  then  this  compensation  is  impossible.  Therefore,  at  transonic  speed  substantial  drag  is 
generated  by  this  region  for  airplanes  having  engines  in  the  fuselage.  The  main  reason  for  the  selection 
of  the  positioning  of  the  engine  in  the  rear  part  of  airplanes  of  this  type, is  due  to  the  fact  that  the 
exhaust  gases  of  the  jet  are  at  high  temperature;  therefore,  the  solution  where  the  engines  are  placed  in 
front,  and  the  gases  are  discharged  underneath  the  fuselage  would  produce  severe  aerodynamic  heating  for 
the  skin  of  the  fuselage  in  contact  with  the  Jet.  Many  parameters  affect  the  drag  near  the  Jet  exhaust, 
some  of  which  are  related  to  the  airplane  design,  others  are  defined  by  the  details  of  the  engine  design. 

A  correct  representation  of  all  the  parameters  involved  in  a  small  scale  experiment  is  extremely  difficult, 
and  the  importance  of  some  of  the  parameters  cannot  be  defined  "a  priori;"  however,  presently  the  possible 
importance  of  some  of  these  parameters  is  not  clearly  recognized.  A  detailed  discussion,  therefore,  of 
such  interaction  could  be  useful.  Consider  first  an  axial  symmetric  installation  similar  to  the  case 
of  a  single  jet  airplane.  Usually,  the  inside  flow  generated  by  the  engine  has  several  streams  mixing  in¬ 
side  the  nozzle,  each  having  different  stagnation  properties.  Figures  9  and  10  indicate  two  different  pos¬ 
sible  configurations.  The  first  has  a  converging  nozzle,  the  second  used  for  supersonic  airplanes  has 
a  converging,  diverging  section. 

Figure  9  schematizes  either  a  jet  engine  or  a  bypass  engine  where  the  bypass  flow  is  discharged  ahead 
of  the  engine  nozzle -The  ikwat  pdnt  c  includes  the  bypass  and  the  engine  flows,  and  only  some  cooling 
air  is  discharged  between  the  airplane  shell  and  the  nozzle  engine.  In  the  converging  region  of  the 
fuselage,  some  se, oration  occurs  in  the  outside  that  tends  to  decrease  the  drag  of  the  airplane.  The 
separation  region  is  controlled  by  several  flow  parameters.  The  flow  in  front  of  point  B  is  locally  super¬ 
sonic  at  transonic  and  supersonic  flight  speeds;  therefore,  the  flow  outside  is  qualitatively  similar  to 
the  flow  over  a  supersonic  or  transonic  wing  in  the  region  of  separation.  The  separation  point  B  is  a 
function  of  ths  boundary  layer  profile  in  front  of  B.  In  this  case,  because  of  the  difference  of  the 
separation  in  the  wing,  both  velocity  and  temperature  profiles  must  be  considered  as  parameters  since  some 
heat  transfer  takes  place  between  the  structure  of  the  engine  and  the  boundary  layer  due  to  the  fact  that 
the  inside  flow  has  higher  temperature  than  free  stream.  At  transonic  speed,  the  separation  of  the  boundary 
layer  produces  an  envelope  shock  and  the  Mach  number  downstream  at  point  D  is  of  the  order  of  one.  Then 
the  pressure  rises  from  D  to  C,  and  at  C  the  pressure  is  higher  than  at  D.  The  position  of  B  depends  on 
the  ability  of  the  flow  along  the  streamline  BCC  to  overcome  the  pressure  rise  between  B  and  C.  At  B, 
the  velocity  along  the  streamline  is  zero,  at  D  it  is  higher  than  zero  and  at  C  is  again  zero.  The  velocity 
prof 11 ee  are  qualitatively  indicated  in  Fig.  9.  The  pressure  rise  requires  a  balance  between  shear  forces 
and  pressure  gradients  and  is  accomplished  by  the  work  due  to  the  shear  produced  by  the  velocity  gradients 
normal  to  the  streamline.  This  shear  depends  on  the  characteristics  of  the  flow  inside;  the  flew  at  A  ex¬ 
pands  because  the  flew  at  the  jet  is  slightly  underexpanded.  Due  to  this  underexpansion,  the  pressure 
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at  C  depends  on  the  characteristics  of  the  inside  flow  that  affects  the  pressure  distribution  along  AC. 

In  addition,  the  shear  along  AC  contributes  substantially  :o  accelerating  the  flow  in  the  separated  region, 
DC;  therefore,  the  shear  along  AC,  and  the  pressure  along  AC,  depend  on  the  inside  properties  of  the  flow 
and  on  the  outside  properties  of  the  flow.  Then  additional  parameters  that  are  Important  for  the  definition 
of  point  B  and  of  the  pressure  along  BA,  are  velocity  and  temperature  profiles  of  the  boundary  layer  flow 
at  A,  expansion  process  of  the  internal  flow  related  to  t’.  e  flow  distribution  at  the  nozzle  exit,  velocity 
and  temperature  profiles  of  the  boundary  layer  of  the  external  flow  at  B,  in  addition  to  the  main  properties 
such  as  total  enthalpy,  Mach  number,  and  pressure  of  all  flows.  The  mixing  along  EF  between  cooling  flow 
and  main  flow  affects  directly  the  pressure  along  AC,  because  i"  defines  the  profile  of  che  velocity  at  A; 
therefore,  such  mixing  must  also  be  considered  in  experiments. 

In  addition  to  these  flow  quantities,  other  parameters  are  of  primary  Importance.  The  pressure  rise 
along  BC  and  AC  is  related  to  shear  due  to  turbulent  mixing.  The  mixing  is  affected  by  swirl  of  the  flow, 
by  leakage  of  the  flow  across  the  sections  of  the  variable  nozzle.  Therefore,  a  representative  test  requires 
the  control  of  many  other  parameters  above  the  ratio  of  the  jet  Mach  number  and  pressure  at  A.  For  this 
reason,  it  is  Improbable  that  the  use  of  engine  simulators  in  the  form  of  small  rocket  engines,  or  turbojet 
engines,  that  simulate  only  a  few  overall  properties  of  the  flow  can  give  significant  qualitative  results 
without  substantial  additional  tests  of  analyses  that  investigate  the  Importance  of  the  parameters  not  simu¬ 
lated.  For  example,  the  presence  of  coolant  flow  in  the  outside  of  the  engine,  or  leakage  of  engine  flow 
through  the  nozzle,  is  usually  not  considered  in  nozzle  tests.  Such  flows  can  have  significant  eifects  be¬ 
cause  they  define  the  velocity  and  temperature  profiles  at  A.  The  scale  of  the  turbulent  fluctuations  of  the 
engine  flows  in  the  presence  of  swirl  are  also  important  parameters  of  the  problem  because  the  turbulent  mix¬ 
ing  along  AC  depends  on  such  quantities.  Such  quantities  could  and  should  be  measured  in  the  tests  of  the 
actual  engine,  and  scaled  correctly  in  the  simulation.  The  scaling  laws,  however,  have  not  yet  been  clearly 
determined. 

The  mass  flow  of  the  secondary  flow  1  depends  on  the  pressure  distribution  at  E,  which  is  controlled  by 
the  shape  of  the  nozzle  and  by  the  mixing  occurring  before  A,  and  by  the  pressure  at  A.  The  possibility 
exists  that  the  mixing  between  secondary  and  primary  flow  is  slow,  and  that  a  reverse  flow  takes  place  in  the 
outside  and  inside  of  the  nozzle.  Fig.  9b. 

When  the  nozzle  has  a  divergent  section  following  the  throat,  then  the  separation  at  transonic  speed,  or 
at  low  subsonic  speed  occurs  in  the  inside.  Fig.  10a;  while  at  higher  Mach  nuinbers  and  at  design  speed  occurs 
outside.  Fig.  10b.  Again,  the  separation  region  is  controlled  by  the  mixing  of  the  inside  flows,  and  by 
their  interaction  with  the  outside  flow,  which  is  controlled  by  the  details  of  the  inside  flow  such  as  tem¬ 
perature  and  velocity  profiles,  turbulence  level, and  scale,  in  addition  to  stagnation  properties  and  geometry 
of  the  nozzle. 

In  some  instances  part  of  the  external  flow  is  used  to  fill  the  engine  nozzle,  which  is  designed  for 
supersonic  performances.  Fig.  11.  Then  mixing  takes  place  between  the  cooling  flow  and  the  external  flow, 
and  between  these  flows  and  the  main  jet.  The  external  flow  first  expands  and  then  i3  compressed  through  a 
shock  wave.  The  expansion  and  the  shock  produce  external  drag  that  must  be  considered  as  part  of  the 
engine  performance.  The  problem  is  similar  to  the  problem  described  before;  however,  here  the  mixing  process 
inside  is  more  complex.  Here  the  details  of  the  external  boundary  layer  are  extremely  important  because  they 
define  the  amount  of  expansion  occurring  outside  and  the  amount  of  mass  flow  entering  the  engine. 

In  actual  applications,  the  flow  outside  the  nozzle  is  three-dimensional.  Then  the  pressure  at  A  of  Fig. 
9  is  also  three-dimensional.  As  a  consequence,  the  secondary  flow  1  of  Fig.  9  and  the  secondary  tlow  3 
coming  from  the  outside  in  Fig.  11  are  not  axially  symmetric.  The  mass  flow  of  these  streams  changes  around 
the  periphery  of  the  nozzle,  concentrating  in  the  region  of  low  local  pressure.  This  effect  makes  the  prob¬ 
lem  extremely  complex  and  more  difficult  to  investigate.  It  is  clear  that  such  complex  phenomenon  cannot  be 
investigated  by  te3ts  of  wind  tunnel  models  of  airplane  configurations  alone  even  if  complex  engine  simu¬ 
lators  are  used.  Experimental  programs,  with  a  combination  of  isolated  nozzle  engines,  where  external  flows 
and  three-dimensional  effects  are  simulated  and  engine  simulators  installed  on  the  airplane  are  used,  are  the 
more  promising. 

•Presently,  tne  research  in  this  field  is  unsatisfactory  because  it  has  been  directed  mainly  toward  the 
determination  of  selecting  satisfactory  nozzle  designs,  rather  than  toward  a  better  understanding  of  the  in¬ 
fluence  of  the  different  parameters  and  development  of  good  testing  criteria.  Many  of  the  parameters  such  as 
properties  of  secondary  flow,  turbulence  level,  or  effects  of  nozzle  leakage,  and  three-dimensional  flow,  are 
usually  not  considered  in  present  tests;  therefore,  substantial  additioncl  basic  work  is  required  before  a 
satisfactory,  analytical,  and  experimental  technique  is  developed,  that  permits  evaluating  nozzle  airplane 
interference. 

5.  CONCLUDING  REMARKS 


This  brief  introduction  indicates  that  substantial  additional  research  work  is  required  in  the  field  of 
engine  airplane  interference.  We  will  follow  up  with  a  detailed  discussion  of  some  of  the  most  important 
problems.  Here,  only  one  conclusion  will  be  made. 

In  the  problem  of  engine  interference,  like  in  many  other  important  problems,  the  tendency  in  the  past 
has  been  to  rely  mainiy  on  experimental  data;  this  should  be  changed.  New  approaches  are  required  where 
analog  and  digital  simulation  is  Integrated,  where  the  wind  tunnel  or  test  stand  furnishes  analog  data. 

Then,  corrections  generated  by  numerical  methods  are  introduced  to  these  data  in  order  to  improve  the  results 
obtained.  Such  approaches  should  be  used  extensively  in  preliminary  design,  and  in  the  determination  of 
engine  and  airplane  performances. 
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Fig.  1  Streamtube  variation  for  typical  bypass  engine  at  M  »  0.1 
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Fig.  2  Variation  of  streaatube  area  at  M  -  0.90, across 
and  dovnstreaa  of  the  engine 


Fig.  9  Interaction  between  Jet  exhaust  and  external  flow  In  a  converging  nozzle 
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SUMMARY 

Discussions  will  be  presented  on  the  basic  technological  problems  and  potential  solutions  relating  to 
the  development  of  inlet  and  airframe  design  criteria.  Results  of  the  analytical  and  experimental 
work  conducted  will  be  presented  emphasizing  details  of  closely  coupled  inlet  airframe  concepts.  Inlet 
flow  fields  generated  by  basic  forebody  and  forebody/wlng  combinations  will  be  reviewed  together  with 
an  analysis  of  the  effects  of  variations  in  fuselage  shape,  forebody  camber,  wing  geometry  and  inlet 
position.  Problems  associated  with  boundary  layer  development  and  vortex  ingestion  will  be  discussed 
in  terms  of  their  effect  on  inlet  design.  Attitude  effects  such  as  angle  of  attack  and  angle  of  yaw 
will  be  reviewed.  The  losses  due  to  spillage,  bleed  and  bypass  flows  will  be  analyzed  as  they  affect 
vehicle  performance.  Criteria  will  be  reviewed  to  minimize  such  loss  for  the  development  of  optimal 
inlet/airframe  performance.  Specific  problems  relating  to  the  subsonic-transonic  flight  regime  and 
the  supersonic  regime  will  be  presented. 


ILST  OF  SYMBOLS 

A  Area 

AH  AxLsynmetrlc 

Ao/Ac  Capture  Area  Ratio  or  Maas  Flow  Ratio 
B.L.  Boundary  layer 

Cd  Drag  coefficient  D/qo 

Cl  Lift  coefficient  L/qg  Ac 

Cg  Thrust  Correction  Factor 

D  Drag,  diameter 

Dx  Distortion  parameter 

ECS  Environmental  Control  System 

P  Thrust 

h  Wing/cowl  spacing 

hfc  Throat  height 

IN  Inches 

INBD  Inboard 

KaDD  Actual  Spillage  Drag/Theoretical  Additive  Drag 

L  Lift 

M  Mach  Number 

m  Mass  flow 

P,p  Pressure 

q  Dynamic  pressure 

SFC  Specific  Fuel  Consumption 

V.G.  Vortex  Generators 

W  Weight  flow 

x  Axial  distance 

y  Lateral  distance 

©<  Angle-of-Attack,  incidence 


•fi  Angle-of-Sideslip 

A  Quantity  change 

S  Boundary  Layer  height 

§2,  9r  Variable  ramp  deflection  angles 

0L  Cowl  lip  angi-> 

Z.  Angle 

Subscripts: 

o,  or  Free  Stream 

2  Compressor  face 

ADD  Additive 

EL, hi  Bleed 

EPjBYP  Bypass 

c  Capture 

D  Drag 

DD  Drag  Divergence 

INT  Interference 

i  ideal 

L  Local  conditions.  Lift 

Max  Maximum 

Kin  Minimus 

N,n  Net  Value 

p  Pitot  condition 

HMS  Root  Mean  Square 

T,t  Total  conditions 

TH  Throat 

u  Unstart  condition 
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1.0  Inlet  Influence  on  Aircraft  Performance 

The  inlet/airplane  integration  problem,  basically,  is  the  requirement  for  efficient,  uniform 
delivery  of  air  to  the  aircraft  engine  at  all  operating  conditions.  In  the  case  of  turbine  engine 
aircraft  operating  in  the  subsonic/supersonic  Mach  Number  range,  inlet  performance  is  measured  in  terms 
of  its  effect  on  both  the  thermodynamic  performance  of  the  engine  and  the  aerodynamic  performai.ce  of 
the  airframe .  Several  parameters  are  involved  in  the  determination  of  inlet  performance,  including 
total  pressure  recovery,  flow  distortion  and  turbulence  at  the  engine  compressor  face,  additive  drag, 
cowl  lip  suction,  boundary  layer  bleed  drag,  bypass  drag,  and  boundary  layer  diverter  drag.  There 
is  also  an  effect  of  variations  in  inlet  mass  flow  ratio  on  aircraft  lift  and  drag  which  must  be 
taken  into  account.  Most  of  the  inlet  related  losses  stem  from  the  fact  that  turbojet  and  turbofan 
engines,  in  order  to  power  aircraft  efficiently  throughout  a  large  flight  envelope,  demand  a  wide 
range  of  mass  flow  ratios.  If  the  inlet  is  sized  to  meet  a  supersonic  high  altitude  flight  engine 
demand  efficiently,  there  i3  a  great  deal  of  excess  airflow  at  transonic  Mach  Numbers  (Figure  1-1). 

Some  of  the  inlet  airflow  may  be  required  for  boundary  layer  control  (inlet  bleed),  environmental 
control  systems,  or  propulsion  system  cooling,  (Figure  1-2)  but  all  of  this  excess  flow  oust  ex¬ 
perience  some  loss  in  momentum  as  it  is  diverted  or  processed.  It  is  the  job  of  the  inlet  designer 
to  reduce  these  losses  and  momentum  losses  of  the  actual  engine  airflow  to  a  minimum  while  maintaining 
low  weight  and  system  complexity. 

1.1  Total  Pressure  Recovery 


The  engine  face  average  total  pressure  recovery  is  oi  prime  interest  due  to  it3  direct 
effect  on  engine  thrust.  One  method  for  correcting  engine  thrust  for  the  effect  of  total  pressure 


recovery  specifies: 


where:  Fjj  ■>  net  thrust 

PTj/PTq  “  Total  Pressure  Recovery 
Cr  “  Correction  factor 


Typical  values  of  the  correction  factor,  Cr,  for  turbojet  and  turbofan  engines  fall  between  1.1  and 
1.6  over  the  Mach  Number  0.8  to  2.2  range  as  shown  in  Figure  1-3. 

1.2  Inlet  Flow  Distortion 

As  seen  by  the  compressor  face  airfoils,  inlet  flow  distortion  is  actually  a  velocity 
distortion,  but  has  typically  been  expressed  in  terms  of  total  pressure  variations  for  the  sake  of 
simplicity.  The  swat  apparent  effect  of  flow  distortion  on  the  turbine  engine  is  a  downward  shift 
of  the  engine  surge  line  (see  Figure  1— A) .  This  shift  is  primarily  due  to  the  fact  that  many  of  the 
compressor  blades  are  operating  closer  to  stall  in  the  distorted  flow.  If  the  distortion  is  sufficient 
to  alter  the  blade  lift-curve  slopes,  operating  line  efficiency  will  be  changed  so  that  the  distortion 
results  in  a  shift  along  the  engine  operation  line  to  a  lower  operating  pressure  ratio.  If  surge 
margin  loss  due  to  flow  distortion  is  greater  than  anticipated,  the  engine  may  have  to  be  derated  in 
ordor  to  allow  sufficient  margin  for  engine  transients  and  other  effects  shown  in  Figure  1-5.  The 
primary  effect  of  inlet  turbulence,  as  shown,  is  to  drop  the  surge  line  even  closer  to  the  operating 
line,  but  it  can  also  be  expressed  as  an  expansion  of  the  operating  line  into  a  band. 

1.3  Inlet  Drag 

Propulsion  installation  penalties  not  affecting  the  actual  engine  airstream  are  normally 
expressed  in  terms  of  drag  -  either  as  separate  increments  or  as  variations  to  the  airframe  drag 
polar.  Additive  Drag  is  the  momentum  loss  of  the  airstream  defined  by  the  capture  area,  A<.,  as 
excess  flow  is  diverted  around  the  inlet  (Figure  1-6).  Some  of  this  lost  momentum  may  be  recovered 
in  lip  Suction  as  the  diverted  flow  accelerates  over  the  cowl,  creating  a  low  precjure  region  which 
acts  in  the  thrust  direction.  Boundary  Layer  Bleed  Drag  and  Bypass  Drag  are  defined  as  the  com¬ 
bination  of  (1)  momentum  lost  by  these  flows  from  the  time  they  are  taken  into  the  inlet  till  they 
exit  the  aircraft  and  (2)  exit  door  pressure  drags.  Diverter  Drag  (occasionally  included  in  inlet 
drag)  is  simply  the  momentum  lost  in  airflow  that  is  turned  by  'he  boundary  layer  diverter  measured 
by  the  integration  of  pressures  on  its  surface. 

1.4  Installed  Performance 

These  effects  all  find  their  way  into  the  equation  defining  the  total  forces  acting  on  an 
airplane  in  straight  and  level  flight. 
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Ftotal  “  PN  +  A  FHiniet  +  ^  FNaxhaust  +  Daero 

where:  Fjj  *  Installed  engine  thrust  including  effects  of  inlet  recovery  and  distortion, 

internal  nozzle  performance,  engine  thrust  and  power  extraction. 

AFNiniet  “  All  drag  increments  between  the  Dgero  configuration  and  a  model  which 
reproduces  the  range  of  inlet  mass  flow  ratios  and  all  other  inlet-related 
flows  (bleed  and  bypass). 

A  FNexhauat  “  All  drag  increments  between  the  DMr0  configuration  and  a  model  which 
reproduces  the  real,  afterbody/nozzle  geometry,  flow  fields,  and  critical 
operating  parameters. 

Daero  “  Airplane  exterior  friction  and  pressure  drag  plus  additive  drag  of  the  air 
entering  the  inlet. 

As  mentioned  previously,  the  propulsion  system  performance  effects  must  be  considered  together  with 
weight  penalties  in  order  to  assure  the  best  mission  performance.  An  example  of  such  a  trade  study 
is  shown  in  Figure  1-7  where  several  inlet  types  v«re  considered  for  a  mixed  mission  aircraft.  Note 
that  the  relative  importance  of  the  two  missions  may  have  a  rather  large  impact  on  the  final  choice 
of  inlet  design.  Also,  advantages  in  supersonic  performance  gained  through  a  sophisticated  inlet 
design  may  be  negated  by  the  associated  increase  in  aircraft  weight.  The  quest  for  high  component 
performance  cannot  be  achieved  at  the  expense  of  total  aircraft  performance  and  reliability.  Keeping 
this  admonition  in  mind,  it  must  be  realized  that  consideration  of  the  topics  in  this  lecture  is  most 
certainly  necessary,  but  not  sufficient  to  assure  optimum  mission  performance.  This  discussion  will 
include  only  the  items  involved  in  inlet  performance  and  the  assurance  of  inlet-engine  compatibility. 

2.0  Fore body  Flow  Fields 

Continuing  development  of  turbine  engines  for  transonic/supersonic  flight  applications  has, 
among  other  things,  led  to  tighter  control  of  the  surge  margin  with  fewer  unknowns  allowed  in  the 
inlet  performance  and  flow  distortion  levels.  In  determining  inlet  performance,  therefore,  it  is 
necessary  to  define  (1)  how  the  airframe  distorts  flow  entering  the  inlet  and  (2)  how  the  inlet 
reacts  to  upstream  flow  variations.  The  importance  of  the  first  item  can  be  seen  from  the  compar¬ 
ison  of  performance  of  a  simple  fixed  geometry  two-dimensional  inlet  design  integrated  with  several 
different  tactical  fighter  forebody  shapes  (Figure  2-1).  The  second  requirement  (definition  of  inlet 
reaction)  stems  from  the  fact  that  different  inlet  types  may  react  to  external  flow  field  distortion 
in  a  variety  of  ways.  One  method  of  defining  and  controlling  flow  distortion  is  shown  in  Figure  2-2. 
Use  of  this  artificial  flow  field  has  been  made  in  a  comparison  of  two-dimensional  and  axi symmetric 
external  compression  inlet  data  in  both  uniform  flow  and  identical  distorted  flow  fields  (Figure  2-3). 
This  flow  field  distortion  has  a  greater  effect  on  the  axAsynnetric  inlet  and  the  effect  differential 
increases  with  Mach  Number.  Inlet  sensitivity  to  upstream  flow  distortion  is  extremely  important  in 
the  establishment  of  forebody  or  fore body/wing  flow  field  uniformity  requirements. 

A  number  of  programs  have  been  conducted  to  give  some  definition  of  forebody  flow  fields,  but 
much  of  the  data  available  is  for  rather  crude  designs  and  has  obtained  only  pitot  or  total  pressure 
profiles  of  the  flow.  Other  investigations  have  been  accomplished  for  specific  aircraft  designs, 
but  have  rot  been  published  formally  or  lack  sufficient  variety  to  be  of  use  to  a  designer.  The  most 
recent  programs  to  generate  reasonably  accurate  measurements  of  important  flow  field  parameters, 
have  been  accomplished  for  highly  maneuverable  supersonic  tactical  fighter  aircraft.  The  ensuing 
discussion  of  forebody  flow  fields,  therefore,  will  be  concentrated  in  this  area. 

2.1  Side-Mounted  Inlet  Flow  Fields 

There  are  a  great  many  variables  involved  in  the  study  of  side  mounted  inlet  flow  fields. 
Amoung  these  variables  are  nose  shape,  fuselage  underbody  shape,  canopy  shape,  noae  droop,  fuselage 
camber,  fuselage  aspect  ratio  and  inlet  position  with  respect  to  the  canopy.  Two  teat  programs 
in  particular  are  of  interest  for  the  purpose  of  studying  the  influence  of  these  variables.  The 
first  investigation,  referred  to  hereafter  as  Program  "F"#,  has  been  performed  in  small  (1/12)  scale 
using  a  basic  forebody  shape  consistent  with  typical  fighter  designs  (Figure  2-4).  Provisions  have 
been  made  in  this  model  for  variations  in  nose  shape,  fuselage  underbody  shape  and  canopy  shape. 
Measurements  of  the  flow  field  have  been  accomplished  with  a  rake  of  three  cone  probes  remotely  con¬ 
trolled  to  map  the  flow  field  at  a  given  fuselage  axial  position  (Figure  2-5).  The  most  tho-ough 
comparisons  in  this  program  have  been  accomplished  for  the  various  fuselage  shapes.  An  exanple  of 
variations  in  fuselage  effect  is  shown  in  Figure  2-6  for  a  supersonic  maneuvering  flight  condition 
(Ho  «  2.2,  «  o  “  20°).  The  local  angle-of-attack  («l)  contours  are  quite  similar,  where  0(  j,  “  22°, 
but  closer  to  the  fuselage  lower  corner  the  influence  of  geometry  variations  show  up  in  the  0<  1  “  26^ 
contours.  As  a  general  rule  it  appears  that  more  flat-bottomed,  square  cornered  fuselage  shapes 
tend  to  influence  flow  further  from  the  fuselage  and  generate  greater  flow  distortion  in  the  lower 
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inboard  comer  of  the  inlet.  In  the  caee  of  local  aidealip  (£  l)  flow.  Figure  2-7  indicates  little 
in  the  way  of  a  consistent  trend,  but  again  suggests  that  the  influence  of  flow  shed  by  the  flat- 
bottomed  fuselages  at  high  angle  of  attack  tends  to  penetrate  the  inviscid  flow  away  from  the  body 
more  deeply. 

Another  program,  referred  to  as  "G"**,  was  performed  in  larger  scale  (approximately  1/4 
scale)  on  several  forebodies  which  represented  a  somewhat  different  concept  in  fighter  design, 
having  greater  body  camber,  a  more  prominent  canopy  and  further  aft  positioning  of  the  inlets 
(Figure  2-8).  A  comparison  of  somewhat  similar  fuselage  shapes  betvmen  the  two  programs  (F  and  G) 
in  Figure  2-9  indicates  very  great  differences  in  the  two  flow  fields.  The  differences  were  so 
great,  in  fact,  that  one  of  the  models  from  program  "F"  was  modified  to  represent  model  A-l  from 
program  "G"  and  re-tested.  The  result  of  this  follow-on  test  was  gratifying  to  the  extent  that  the 
flow  field  of  the  modified  model  was  much  more  like  the  A-l  model  from  program  "G"  (Figure  2-10). 

On  the  other  hand,  these  results  point  out  another  problem  in  that  there  are  a  great  many  variables 
in  vehicle  forebody  design  which  have  a  major  effect  on  the  composition  of  inlet  flow  fields.  Tn 
program  "F"  it  has  been  found  that  the  effect  of  nose  shape  on  inlet  flow  fields  is  conditioned  by 
the  aircraft  canopy  shape.  The  canopy  itself  has  a  significant  effect  on  inlet  flow  fields,  but 
the  nature  of  this  effect  is  dependent  upon  the  relative  axial  location  of  the  inlet  on  the  fuselage. 

A  more  accurate  and  detailed  r.-.oparison  of  some  of  the  fuselage  shape  effects  can  be  determined 
from  program  "G"  on  models  A-l,  A-l-1  (a  modification  of  A-l),  and  A-2,  representing  increasing  fuse¬ 
lage  lower  shoulder  radii.  As  an  example.  Figure  2-11  shows  local  angle-of-attack  (C<i)  and  angle-of- 
sideslip  (^  l)  contours  for  model  A-l-1  at  Mo  “  2.2  and  0<  0  **  20°.  Valias  of  0(  j,  in  the  lower  part 
of  the  field  are  less  than  0(o  due  to  flow  deflection  by  the  forebody  nose.  As  the  flow  moves  upward 
around  the  fuselage  and  the  influence  of  flow  expansion  over  the  top  of  the  fuselage  is  felt,  cX  L 
values  increase  rapidly.  Sideslip  effects  are  most  prominent  in  the  lower  inboard  region  of  the 
flow  field  due  to  the  shedding  of  flow  from  the  high  pressure  region  under  the  fuselage.  The  influ¬ 
ence  of  the  fuselage  shape  is  shown  in  Figures  2-12  and  2-13  where  selected  local  flow  angularity 
contours  are  compared  for  the  three  different  fuselage  shapes.  Little  effect  of  the  shape  changes 
onofj,  is  seen  in  the  lower  part  of  the  flow  field  (Figure  2-12),  but  in  the  middle  inboard  region 
the  sharper-cornered  model  A-l-1  generates  significantly  higher  flow  angularity.  Shifting  attention 
to  the  effect  of  fuselage  shape  on  local  sideslip  (Figure  2-13),  an  altogether  different  sensitivity 
pattern  is  observed.  In  this  ca3e,yff  l  **  0°  contours  in  the  upper  part  of  the  flow  field  are  least 
affected  whereas  major  variations  are  seen  in  the  l  “  6°  contours  in  the  lower  part.  Here  it  is 
noted  that  the  sharp-cornered  fuselage  at  high  angle  of  attack  sheds  flow  laterally,  influencing 
sideslip  angularity  at  rather  large  distances  from  the  fuselage  in  the  lower  portion  of  the  flow 
field.  The  more  rounded  A-l  fuselage  does  not  influence  the  flow  at  such  large  distances,  but 
creates  large y?  j,  higher  in  the  floi  field.  A  significant  improvement,  however,  is  observed  with 
the  A-l  forebody  shape.  In  this  case,  undarbody  flow  is  shed  more  nearly  in  an  upward  direction, 
creating  much  less  sideslip  at  the  lower  inboard  comer  of  the  inlet.  Additional  insight  into  the 
flow  field  effects  is  provided  by  Figure  2-14,  a  comparison  of  boundary  layer  development  for  the 
three  fuselage  shapes  at  this  flight  condition.  The  more  rounded  fuselage  shape  results  in  higher 
energy  airflow  adjacent  to  the  fuselage,  Mach  2.2  flight  at  0(0  **  20°  has  been  used  for  the  purpose 
of  convenient  data  comparison  and  ne pi-maxi  mum  flow  field  effects,  but  the  same  general  observations 
can  be  made  for  Mach  1.6  flight  at  *  20°  (Figures  2-15,  2-16)  or  0<o  «  15°  (Figures  2-17,  2-18). 

At  this  point  it  is  worth  while  to  explore  the  utility  of  theoretical  analysis  in  the 
determination  of  these  flow  fields.  There  are,  of  course,  many  different  types  of  analysis  which 
could  be  applied  -  from  very  simple  hand  calculations  to  highly  complex  computer  programs  requiring 
large  amounts  of  computer  running  time  to  obtain  a  single  solution.  A  relatively  simple  analysis  has 
been  chosen  for  program  "G"  which  uses  the  method  of  characteristics  and  linear  theory  to  define  flow 
field  angularity.  Subsonic  (Mo  *  0.90)  and  supersonic  (Mo  m  1.50,  2.50)  solutions  are  compared  with 
applicable  data  in  Figures  2-19,  2-20,  2-21.  At  the  subsonic  Mach  Number  (Figure  2-19),  small 
perturbations  to  linear  theory  works  reasonably  well  in  both  and  jSj,  prediction  up  to  an  aircraft 
angle-of-attack  (  ®(o)  of  10°.  Application  of  the  small  perturbations  to  a  method  of  characteristics 
solution  at  Mo  *=  1.50,  however,  does  not  approximate  experimental  data  well  at  the  same  0(0 
(Figure  2-20)  and  givee  only  fair  approximation  of  the  contours.  For  Mach  2.50,  neither  <XL  nor 
•fix,  values  are  estimated  well  by  this  technique  (Figure  2-21).  Other  methods  of  analysis  such  as 
a  three-dimensional  method-of-characteristics  solution  are  being  explored  to  generate  more  accurate 
supersonic  flow  field  predictions  which  are  still  reasonably  simple  and  economical  to  apply. 


2,2  Shielded  Inlet  Flow  Fields 

Inlut  shielo.  0  may  be  used  to  reduce  local  angles-of-attack  at  the  inlet  face  during 
maneuvering  flight,  but  this  technique  of  airframe-inlet  integration  must  still  be  accomplished  very 
carefully  in  order  to  assure  inlet-engine  compatibility.  As  an  example.  Figure  2-22  shows  the  inlet 
flow  fields  for  two  different  fuselage  shapes  from  program  "F",  both  "shielded"  by  a  top-mounted 
wing.  During  maneuvering  flight,  low  energy  flow  moves  upward  from  the  high  pressure  fuselage 
underbody  region,  but  when  it  intercepts  the  adverse  pressure  gradient  imposed  oy  the  wing,  this 
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flow  separates  and  has  a  tendency  to  travel  outward  with  the  wing  outwash  -  directly  into  the  path 
of  the  inlet.  It  can  be  obsorved  from  the  data  in  Figure  2-22  that  the  more  nearly  square  fuselage 
cross  section  results  in  the  most  uniform  inlet  flow  field  (unlike  the  case  of  side-mounted  inlets). 
Apparently,  the  sharper  cornered  fuselage,  tends  to  delay  the  3hedding  of  under body  low  energy  flow 
and  "channels"  the  wing-body  flow  somewhat,  reducing  the  formation  of  large  vortex  flow  in  the  inlet 
region. 


The  integration  problem  can  be  relieved  substantially  by  means  of  a  low-wing  installation  such 
as  the  configurations  (models  B-3  and  B-4)  shown  in  Figure  2-23  from  program  "G".  The  basic  compati¬ 
bility  advantages  of  this  type  of  configuration  over  side-mounted  inlet  installations  is  shown  in 
Figure  2-24,  where  reduced  flow  field  angularity  and  reduced  Mach  Number  ahead  of  the  inlet  can  both 
contribute  to  improved  inlet  performance.  Cn  the  other  hand,  this  type  of  shielded  inlet  demands 
careful  design  of  a  very  short  subsc  c  diffuser  and  may  also  result  in  increased  vehicle  st.uciural 
weight. 


Investigation  of  the  wing-shielded  inlet  position  indicates  that  the  ideal  design  for  inlet- 
engine  compatibility  would  be  a  completely  flat  underbody  surface.  An  example  of  tnis  indication 
taker,  from  boundary  layer  rake  data  on  model  &-4  is  shown  in  Figure  2-25.  The  original  B-4  model 
with  the  rounded  lower  fuselage  profile  tends  to  promote  boundary  layer  separation  in  the  fuselage/ 
wing  outwash  flow.  Refairing  of  the  lower  surface  to  the  flatter  B-4-1  model  profile  proved  to  be  a 
highly  satisfactory  solution  to  the  separation  problem. 

Inlet  flow  fields  may  also  be  affected  by  missile  installation.  Figure  2-26  illustrates 
the  effect  of  a  semi-submerged  missile  installation  on  the  B-4  model  at  Mo  =  1.4.  In  addition  to 
the  0(  j,,  $  L  gradients  shown,  there  is  a  reduction  in  flow  field  total  pressure  associated  with 
the  missile  installation. 

As  with  the  3ide-mounted  models,  experiment  is  compared  with  theory  in  Figures  2-27,  2-28, 
and  2-29.  The  same  basic  type  of  analysis  has  been  employed  in  all  cases.  At  Mo  =  0.9  and  1.50, 
iS  j,  is  predicted  reasonably  well  whereas  0<x,  somewhat  inaccurate.  The  flow  field  inaccuracies 
at  Mo  =  2.50  are  considered  to  be  of  somewhat  more  concern  due  to  their  magnitude  and  the  increased 
inlet  sensitivity  to  flow  variations  at  the  higher  Mach  Numbers.  The  analysis  also  predicted  that 
thi  average  inlet  flow  field  total  pressure  recovery  at  Mo  “  2.50  would  be  approximately  l&  lower 
than  the  measured  value  of  Ptl  “  0.99. 


2.3  Forebody/Wing  Design  Philosophy 

In  spite  of  the  many  variables  associated  with  forebody/wing  design  which  affect  inlet  flow 
fields,  some  basic  design  principals  can  be  derived  from  the  information  which  has  been  generated. 

There  has  been  a  sufficient  amount  of  data  generated  to  establish  approximate  flow  field  conditions 
for  a  wide  range  of  basic  configurations.  Relatively  simple  flow  field  analysis  techniques  may  be 
used  with  confidence  up  to  Mach  Numbers  of  approximately  1.5  and  aircraft  angles-of-attack  up  to  10°. 
Improved  analysis  techniques  are  required  for  higher  supersonic  Mach  Numbers.  There  are  major  inte¬ 
gration  problems  to  bo  solved  for  any  type  of  airframe/inlet  installation,  but  several  variables  can 
be  manipulated  for  any  configuration  sype  to  improve  the  inlet  flow  field. 

Side-mounted  inlets  for  supersonic  maneuvering  aircraft  must  incorporate  effective  fuselage 
boundary  layer  diverters  and  bo  capable  of  acceptable  operation  in  the  free  stream  at  angles-of-attack 
at  least  as  high  as  the  aircraft  experiences  and  with  W  x,  gradients  of  to  75%  of  °*ojjjjr.  They 
must  alto  be  able  to  tolerate  relatively  high  %3i,  conditions  associated  with  maneuvering  flight.  Inlets 
designed  for  shielded  positions  may  be  much  less  tolerant  to  angles-of-attack,  but,  depending  on  the 
type  of  installation,  may  have  to  provide  for  considerable  boundary  layer  diversion  (top-mounted  wing) 
or  accept  moderate  levels  of  local  sideslip  (bottom-mounted  wing).  The  sensitivity  and  performance 
of  inlets  integrated  with  aircraft  designs  will  be  considered  in  subsequent  sections. 


3.0  Inlet  Performance  and  Flow  Dietortion 

The  general  subject  of  inlet  integration  with  airframes  embraces  a  huge  matrix  of  design 
possibilities.  There  have  been  many  inlet  and  airframe/inlet  designs  developed  and  tested  over  the 
past  several  years  with  only  a  few  ever  having  actually  found  their  way  into  prototype  or  production 
flight  hardware.  The  designs  for  which  performance  data  exist  include  axisymmetric .  two-dimensional, 
and  three-dimensional  designs  employing  both  external  and  mixed  compression.  They  include  podded 
and  fuselage-integrated  installations;  side-mounted,  wing-shielded,  fuselage-shielded,  top-mounted 
and  nose  installations.  They  incorporate  wide  variations  in  cowl  shape,  ramp  geometry,  boundary 
layer  bleed,  throat  design,  dlffussr  shape  (and  length),  bypass  design,  side  plate  shape  and  fuselage 
boundary  layer  diverter  design.  It  would  not,  of  course,  be  practical  to  attempt  a  comprehensive 
review  of  all  the  technical  problems  and  the  results  of  the  investigations  associated  with  all  of 
these  design  variations.  Ae  an  alternative,  selected  programs  and  their  results  will  be  used  which 
highlight  some  of  the  more  difficult  problems  associated  with  inlet  performance  and  flow  distortion. 
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3.1  Subsonic/Transonic  Inlets 

Speaking  strictly  in  terms  of  total  pressure  recovery  and  compressor  face  flow  distortion, 
the  problems  associated  with  subsonic/transonic  design  aircraft  are  not  felt  to  warrant  much  atten¬ 
tion  in  this  discussion.  Generally  speaking,  the  inlets  for  these  applications  are  sized  for  cruise 
altitude  and  Mach  Number  and  require  no  variable  geometry,  bypass,  boundary  layer  bleed  or  control 
complexities  in  order  to  provide  satisfactory  operation.  They  are  usually  characterized  by  generously 
rounded  cowl  lips  and  are  either  podded  or  fuselage  integrated  in  such  a  way  that  no  appreciable 
amount  of  low  energy  air  or  vortex  flows  are  likely  to  be  ingested.  Some  designs  have  incorporated 
blow-in  doors  for  low'speed,  low-altitude  flight,  but  when  safety  of  flight  is  a  prime  consideration, 
the  inlet  cowl  is  usually  sized  sufficiently  large  to  avoid  the  added  complexity  of  variable  geometry, 
e.g.,  fixed  geometry  cowl  retrofit  on  the  Boeing  747.  If  inlets  for  this  class  of  aircraft  were  to 
be  placed  in  the  wing  or  fuselage  shadow,  careful  tests  vreuld  have  to  be  conducted  to  assure  non¬ 
ingestion  of  vortices  or  other  separated  flows  during  any  realistic  flight  condition.  The  problems 
associated  with  such  inlet  testing  are  covered  in  a  separate  discussion  on  experimental  investigation 
techniques. 

3.2  Supersonic  Inlets  -  External  Compression 

External  compression  inlet  performance,  in  general,  is  less  sensitive  to  external  flow  field 
variations  than  mixed  compression  inlet  performance.  Consequently,  supersonic  aircraft  required  to 
perform  acceptably  over  wide  ranges  of  altitude,  maneuver  condition  and  Mach  Number  typically  employ 
external  compressio  \  designs  in  which  terminal  shock  movement  can  act  as  a  flow  control  device  without 
endangering  stability  of  the  basic  inlet  flow  field.  The  examination  of  performance  aspects  of  inlet/ 
airplane  interference  and  integration,  then,  can  best  be  illustrated  using  this  type  of  an  inlet. 

3.2.1  Side-Mounted  Inlets 

As  observed  previously  (Figure  2-3),  the  performance  of  both  axisymmBtric  and  two-dimensional 
inlets  is  affected  to  varying  degrees  by  the  type  and  level  of  external  flow  field  distortion.  An 
idea  of  the  relative  suitability  of  tnase  two  design  types  for  side-mounted  installations  can  be 
observed  (for  the  3ame  two  inlets)  in  a  comparison  of  the  isolated  supersonic  angle-of-attack  perfor¬ 
mance  of  both  in  Figure  3-1.  The  fundamental  structure  of  the  two-dimensional  inlet  flow  field 
remains  stable  to  higher  angles-of-attack,  resulting  in  less  turbulence  and  total  pressure  distortion 
at  the  compressor  face.  This  same  type  of  comparison  can  be  made  using  two  installed  inlets  from 
the  previously  mentioned  program  "G".  Performance  variations  with  Mach  Number  (Figure  3-2)  and  angle- 
of-attack  (Figure  3-3)  again  point  out  the  inlet-engine  compatibility  advantages  of  the  two-dimen¬ 
sional  design  (A-l)  over  the  axisymnetric  design  (A-2). 

Some  of  the  differances  in  performance  can  be  traced  back  to  the  slightly  different  forebody 
flow  fields  noted  in  section  2.  This  forebody  effect  was  checked  by  testing  the  two-dimensional 
A-l  inlet  on  both  the  A-l  and  A-2  forebodies.  Figure  3-4  gives  comparisons  of  the  basic  inlet  per¬ 
formance  and  Figure  3-5  gives  an  overall  compatibility  assessment  of  each  installation.  The  cross- 
hatched  envelopes  in  Figure  3-5  encompass  all  time-averaged  distortion  index  data  point  values 
versus  the  corresponding  levels  of  inlet  turbulence  of  the  inlet3  as  indicated.  These  envelopes 
are,  in  turn,  compared  to  the  region  of  assured  stability  defined  in  the  figure  for  a  typical  -iigh 
performance  turbofan  engine.  It  is  obvious  that  the  more  rounded  A-2  fuselage  underbody  shape  would 
be  preferable  for  the  side-mounted  inlet  installation. 

The  influence  of  forebody  shape  is  not  sufficient,  however,  to  account  for  the  differences  in 
the  inlet-engine  compatibility  of  the  two-dimensional  and  axisymmetric  inlet3  as  indicated  in  Figaro 
3-6.  These  ot0,  /So  compatibility  envelopes  were  prepared  by  checking  the  distortion  and  turbulence 
levels  of  each  oic,  /So  teat  point  with  the  screening  curve  of  Figure  3-5.  In  order  to  3tudy  the 
performance  differences  of  the  two  inlet  types  in  greater  detail,  total  pressure  surveys  measured  by 
rakes  positioned  in  the  inlet  ducts  are  presented  in  Figures  3-7  and  3-8.  Mach  2.2  data  from  the  A-l 
inlet  shows  that  ensrgy  levels  in  the  flow  fall  off  slightly  with  increasing  angle-of-attack,  <X0, 
but  the  basic  flow  field  maintains  its  structure.  In  inlet  A-2,  however,  pressures  drop  off  rapidly 
with  Oi0  in  the  upper  part  of  the  inlet  where  flow  separation  is  experienced.  This  flow  separation 
is  fairly  well  localized  at  o(0  ■  5°.  At  e(0  ■  15°  though,  the  separation  spreads  rapidly  and 
affects  the  entire  flow  at  the  compressor  face.  The  performance  problem  for  side-mounted  axisymmetric 
inlets  in  supersonic  maneuvering  flight  is  seen  as  a  very  fundamental  flow  interaction.  It  might 
be  possible  to  reduce  this  problem  somewhat  by  employing  variable  spike  geometry  biased  with  airplane 
angle-of-attack  in  which  high  O<0  operation  calls  for  the  second  cone  angle  to  be  increased  on  the 
lee  (upper)  side  of  the  spike  and  possibly  reduced  slightly  on  the  lower  side. 

3.2.2  Wing-Shielded  Inlets 

Expanding  the  comparison  of  inlet  types  for  given  installations.  Figure  3-9  adds  to  a  previous 
illustration,  showing  now  the  performance  of  axi-symraatric  and  two  dimensional  inlets  in  wing-shielded 
flow  fields  (B-3  and  B-4  respectively)  as  well  as  side-mounted  flow  fields.  Judging  from  this  figure 
alone,  both  wing-shielded  inlets  would  appear  to  have  substantial  advantages  in  performance  and 
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compatibility  over  the  side-mounted  inlets  for  highly  maneuverable  supersonic  aircraft.  This  view, 
however,  is  modified  considerably  when  the  effects  of  sideslip  are  examined  in  Figure  3-10  and  taken 
into  account.  The  performance  of  the  wing-shielded  2-D  inlet  (B-4)  drops  off  sharply  with  any  lee¬ 
ward  (negative)  angle-of-sideslip.  Reference  to  diagnostic  instrumentation  in  the  duct  (Figure  3-8 
is  used  as  an  example ) ,  reveals  the  reason  for  the  o  sensitivity.  From  these  pressure  measurements 
in  the  duct,  it  is  observed  that  the  adverse  sideslip  flow  creates  a  massive  flow  separation  at  the 
inboard  sideplate  leading  edge  which  spreads  as  the  flow  progresses  through  the  duct,  resulting  in 
low  average  total  pressure  recovery  and  high  distortion  at  the  compressor  face  station.  Cn  the 
other  hand,  negative  sideslip  flow  impinging  on  the  inboard  side  of  the  wing-shielded  half  axisym- 
metrlc  inlet  cowl  is  deflected  by  the  spike  so  that  the  flow  is  effectively  turned  and  remains 
attached.  Using  tho  distortion  versus  turbulence  limit  curve  presented  earlier,  flight  maneuver 
inlet-engine  compatibility  envelopes  have  been  prepared  for  each  of  the  inlets  discussed  (Figure 
3-12).  From  these  envelopes  and  the  preceding  discussion  it  would  appear  that  the  two-dimensional 
inlat  for  side-mounted  installations  have  fundamental  advantages  to  offer  the  designer  of  supersonic 
fighter  aircraft. 

3.2.3  Influence  of  Component  Design  Variations 

Although  the  foregoing  considerations  suggest  what  is  possibly  the  easiest  line  of  approach, 
there  vre  a  number  of  techniques  that  can  be  employed  to  improve  the  performance  of  any  given  inlet 
design.  Several  of  these  will  be  identified  and  discussed  briefly  in  succeeding  paragraphs. 

One  important  technique  for  improving  the  inlet  performance  of  maneuvering  aircraft  is  proper 
scheduling  of  flow  bypass.  In  the  case  of  the  side-mounted  two-dimensional  inlet,  increases  in  eX0 
force  the  inlet  to  spill  large  amounts  of  excess  flew.  The  basic  mechanism  for  this  increased 
spillage  is  forward  movement  of  the  normal  shock,  but  this  may  allow  a  slipstream  from  the  oblique/ 
normal  shock  interaction  to  enter  the  inlet  or  precipitate  other  interaction  phenomena  unfavorable  to 
efficient  inlet  operation.  Getting  rid  of  some  of  this  excess  air  by  means  of  throat  slot  bypa33  is 
seen  from  Figure  3-13  to  offer  definite  advantages  in  terms  of  fundamental  inlet  performance.  The 
bypass  schedule  used  for  this  research  inlet  (Program  "G")  started  at  very  low  values  at  o( o  c  0° 
for  all  Mach  numbers,  but  at  <X0  =  20°,  it  ranged  from  of  engine  mass  flow  at  Mo  =  0.9  to  3556  at 
Mo  =  1.6  to  nearly  7056  at  Mo  =  2.50.  A  rigorous  trade  study  should  take  bypass  drag  into  account, 
but  it  must  be  remembered  that  the  condition  spoken  of  here  is  transient  and  the  bypass  is  being 
employed  primarily  for  the  sake  of  inlet-engine  compatibility. 

Boundary  layer  bleed  may  also  be  employed  in  the  inlet  to  control  shock-wave  boundary  layer 
interaction  and  prevent  massive  flow  separation.  Isolated  results  for  such  a  3tudy  '  .  the  program 
"G"  side-mounted  axj symmetric  inlet  are  shown  in  Figure  3-14  for  perforated  bleed  ahead  of  a  throat 
bypass  slot.  Peak  performance  was  obtained  at  approximately  2.5/6  bleed  flow  over  the  Mach  Number 
range  studied  (Mo  =  2.0-2. 5).  The  amount  of  bleed  required  to  obtain  such  a  peak  may  vary  widely 
depending  on  bleed  location,  boundary  layer  conditions,  and  terminal  shock  strength. 

Inlet-engine  compatibility  can  be  affected  quite  significantly  by  subsonic  diffuser  design. 

The  portion  of  the  inlet  downstream  of  the  throat  may  act  as  either  a  flow  distortion  reducer  or 
amplifier.  Assuming  that  the  design  is  accomplished  with  reasonable  care,  the  critical  compatibility 
design  parameter  is  usually  duct  length.  Flow  separation  and  turbulence  at  the  inlet  throat  can  be 
corrected  by  low  diffusion  rates  and  flow  mixing  downstream  of  the  inlet  throat.  Using  the  A-l  inlet 
from  program  "G"  as  an  example  again.  Figure  3-15  illustrates  the  dramatic  improvement  in  inlet-engine 
compatibility  criteria  achieved  by  a  straight-pipe  diffuser  extension  of  approximately  4056.  Othar 
investigations  have  shown  similar  if  not  as  dramatic  results.  Using  duct  length  to  achieve  compati¬ 
bility  is  expensive  in  terms  of  system  weight  though,  and  should  be  enqjloyed  only  when  high  levels  of 
inlet  throat  flow  distortion  can  not  be  avoided. 

I"  the  case  of  shielded  inlets  where  the  subsonic  diffuser  must  be  quite  3hort,  rapid 
diffusion  in  the  subsonic  duct  is  unavoidable.  In  such  a  case  vortex  generators  may  be  used  to 
energize  the  boundary  layer  aft  of  the  terminal  shock  in  an  attempt  to  maintain  attached  flow  in 
the  region  of  high  adverse  pressure  gradient.  An  example  of  the  effectiveness  of  their  use  is 
illustrated  in  Figure  3-16  showing  only  the  effect  of  adding  vortex  generators  on  the  wing-3hielded 
half-axisymmetric  inlet  spike  (model  B-3)  to  those  already  in  place  on  the  cowl.  The  only  observ¬ 
able  effect  in  this  case  is  a  reduction  in  inlet  turbulence  during  maneuvering  flight,  but  other 
applications  could  conceivably  show  more  significant  results. 

Cowl  lip  shape  has  been  used  as  a  variable  in  a  number  of  inlet  designs  in  order  to  improve 
external  compassion  inlet  performance  in  the  transonic  and  low  supersonic  Mach  Number  range.  An 
alternate,  blunted  cowl  lip  has  been  omployed  on  the  program  "G"  wing-sfiielded  two-dimensional  inlet 
test  (model  B-4)  in  an  attempt  to  make  its  performance  more  acceptable  in  maneuvering  flight.  As 
can  be  seen  in  Figure  3-17,  improvements  are  measured,  but  the  inboard  flow  separation  still  increases 
rapidly  with  negative  sideslip.  The  use  of  increased  cowl  lip  bluntness  to  achieve  improved  inlet- 
engine  compatibility  has  also  found  its  way  into  operational  aircraft,  the  F-lll  being  a  notable 
example. 

Another  inlet  design  variable  which  has  been  used  successfully  in  some  cases  to  improve  inlet- 
engine  compatibility  is  sideplate  design  of  two-dimensional  inlets.  Variations  of  this  parameter 
were  tested  on  both  the  side-mounted  and  wing-shielded  inlets  of  program  "G"  without  notable  impact 
on  any  of  the  performance  parameters.  It  should  be  noted  that  sideplate  geometry  is  a  rather  diffi¬ 
cult  design  feature  to  optimize  during  wind  tunnel  tests  due  to  its  dependence  on  fuselage  boundary 
layer  development  and  flow  interaction  phenomena  which  are  to  some  degree  affected  by  the  test  Reynold's 
Number. 
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The  discussion  of  the  influence  of  component  design  has  not  been  intended  to  be  completely 
comprehensive  either  in  terms  of  the  number  of  useful  design  parameters  or  their  effect  on  inlet 
performance.  It  is  considered,  however,  to  give  some  valid  trends  and  useful  design  criteria  for 
the  effective  integration  of  airframe  and  propulsion  systems  on  supersonic  fighter  aircraft. 

3.3  Supersonic  Inlets  -  Mixed  Corpression 

When  aircraft  missions  require  extended  flight  at  Mach  Numbers  in  the  2.0  to  3.0  +  range, 
external  compression  inlet  applications  become  much  less  desirable  in  spite  of  their  inherent  stabil¬ 
ity  and  simplicity.  At  Mo  =  3*0,  for  instance,  a  typical  two-dimensional  external  corpression  inlet 
might  have  a  final  corpression  ramp  angle  of  about  40°  with  a  cowl  lip  angle  of  approximately  25°  to 
3C°.  The  cowl  drag  which  results  from  this  high  lip  angle  can  more  than  offset  the  pressure  recovery 
potential  of  the  design.  On  the  other  hand,  a  mixed  compression  inlet  can,  by  means  of  a  series  of 
reflected  shocks,  accomplish  the  same  efficient  flow  diffusion  while  maintaining  low  cowl  drag  (see 
Figure  3-18).  A  few  of  the  Inlet-Airplane  Interference  and  Integration  prcbloma  associated  particu¬ 
larly  with  these  mixed  corpression  inlets  will  be  discussed  in  this  section. 

Both  two-dimensional  and  axi symmetric  designs  are  used  for  mixed  corpression  inlets.  The 
two-dimensional  inlet  tends  to  be  somewhat  heavy  (as  with  the  external  corpression  designs),  but  is 
less  sensitive  to  angle-of-attack  than  an  axisynretric  inlet  and  sometimes  easier  '.o  integrate  with 
an  airframe  design.  Axi symmetric  inlet  advantages  lie  in  light  weight  and  relative  shortness  for  a 
given  application,  but  even  with  translating  and  collapsing  centerbodles  it  ie  extremely  difficult 
for  this  inlet  type  to  provide  the  broad  range  of  mass  flows  demanded  by  high  pressure  ratio  turbofan 
engines. 


Some  of  the  different  mixed  compression  inlet  design  types  are  illustrated  in  Figure  3-19. 

The  configuration  possibilities  vary  widely,  but  all  share  a  few  fundamental  problems  when  integrated 
with  aircraft  designs.  In  the  case  of  wing-mounted  inlets  (YF-12,  SR-71)  th6  integration  problem 
may  be  limited  to  effects  of  airplane  angle-of-attack.  For  side-mounted  inlets  (Foxbat),  the  addi¬ 
tional  variable  of  fuselage  boundary  layer  development  must  be  considered.  Most  applications,  however, 
ar*  wing-shielded  (B-70,  TO- 144,  Boeing/NASA  SST  designs,  and  B-l  design)  and  must  be  properly  inte¬ 
grated  with  the  wing  flow  field  to  overcome  potential  problems  of  inlet-inlet  interference,  wing 
boundary  layei'-inlet  3hock  interaction,  flow  field  distortions,  and/or  transient  flow  disturbances. 

In  order  to  produce  high  thermodynamic  performance,  a  mixed  compression  inlet  must  approximate 
critical  operation  (terminal  shock  just  aft  of  the  throat)  requiring  precise,  rapid  response  control 
of  throat  flow  conditions.  The  research  and  development  effort  to  this  end  has  investigated  several 
aspects  of  airframe-inlet  design.  An  example  of  an  inlet  (wdsynmetrlc  Mach  2.5  design)  used  in  this 
manner  is  shown  in  Figure  3-20. 

NASA  investigations  have  explored  the  sensitivity  of  this  axisymmetric  inlet  to  angle  of 
attack  variations  and  upstream  flow  distortion.  As  angle  of  attack  is  increased,  an  over  compression 
develops  on  the  inlet  leeward  side  and  a  localized  region  of  subsonic  flow  develops  just  prior  te 
inlet  unstart.  Substantial  improvements  have  been  achieved  simply  by  redistribution  of  spike  and 
cowl  bleed  further  upstream  in  the  inlet  (Figure  3-21).  Small  upstream  flow  distortions  (on  the 
order  of  AMp,  *  0.10)  do  not  affect  performance  or  flow  distortion  significantly.  Study  of  the  use 
of  vortex  generators  in  this  inlet  type  indicate  that  their  use  ahead  of  an  unbled  shock-boundary 
layer  interaction  could  provide  flow  improvements,  but  not  as  much  as  a  good  bleed  system. 


Another  investigation  of  this  inlet  has  coupled  it  with  a  turbojet  engine  mounted  under  a 
simulated  wing  to  study  interaction  phenomena.  Unstarts  from  engine  stalls  create  transient  distur¬ 
bances  up  to  2.4  to  2.8  inlet  face  diameters  ahead  of  the  inlet  with  the  lateral  extent  of  this 
disturbance  requiring  adjacent  inlet  spacing  of  mors  than  4  diameters  to  avoid  mutual  interference. 
Wing  over-pressures  in  the  vicinity  of  the  cowl  lip  nave  reached  transient  values  of  10  times  the 
wing  flow  field  static  pressure.  The  extent  of  interaction  can  be  reduced  eith3r  by  increasing 
diverter  height  or  decreasing  boundary  layer  height  (Figure  3-22).  When  the  inlet  is  started 
(terminal  shock  swallowed)  performance  is  not  affected  by  proximity  of  the  inlet  to  the  wing  unless 
cowl  Up  actually  intercepts  the  wing  boundary  layer. 

Other  NASA  programs  have  been  conducted  to  explore  two-dimensional  inlet  design.  Figure  3-23 
shows  a  typical  design  of  a  Mach  3.0  design  inlet  which  employs  variable  compression  ramps,  a  trans¬ 
lating  cowl,  ramp  and  sideplate  bleed,  and  throat  vortex  generator  variations.  Contrary  to  the 
ttxisymaetric  inlet  tests,  it  has  been  found  in  testing  this  inlet  over  1.55  Mo^  3.2  that  the 
vortex  generators  are  effective  in  reducing  distortion.  Optimum  boundary  layer  interaction  control 
and  inlet  performance  is  achieved  by  means  of  a  combination  of  distributed  bleed,  vortex  generators, 
and  diffuser  shape  (Figure  3-24).  The  performance  of  this  inlet  is  more  sensitive  to  angle-of- 
attack  than  'gle-of-sideslip,  but  flow  distortion  is  not  affected  by  small  values  of  either  parameter 
(Figure  3-  r' 
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4-0  Inlet  Drag 

As  shown  earlier,  (Figure  1-7)  inlet  drag  is  critical  in  the  determination  of  aircraft  perfor¬ 
mance.  However,  its  relative  importance  will  be  dependent  on  the  mission  requirements.  Certainly 
cchieving  minimum  drag  in  a  long  range,  single  point  design  aircraft  (SST,  747,  etc)  is  much  more 
important  than  in  a  short  range  highly  maneuverable  fighter.  In  the  latter  system,  engine  stability 
and  compatibility  may  be  critical  allowing  some  penalties  in  inlet  drag  to  achieve  this  end.  Designs 
which  achieve  minimum  inlet  drag  do  not  necessarily  achieve  minimum  aircraft  drag  or  maximum  installed 
engine  thrust.  Similarly,  some  designs  that  tend  to  reduce  drag  may  impose  cost,  weight,  complexity, 
reliability,  or  maintainability  problems  which,  when  considered  over  the  operational  lifetime  of  the 
aircraft  system,  may  negate  the  benefit  of  a  slight  drag  reduction.  Also,  advances  in  inlet  and 
engine  technology,  such  as  variable  capture  inlets  and  the  variable  area  turbine,  will  offer  the 
potential  for  still  further  trade  considerations.  Commercial  and  military  applications  may  also 
dictate  still  other  arag  and/or  performance  considerations. 


4.1  Inlet  Drag  Bookkeeping 

Although  the  problems  associated  with  measurement  of  inlet  drag  and  the  assessment  of  thrust- 
drag  bookkeeping  is  the  subject  of  subsequent  lectures  it  is  useful  at  this  time  to  include  a  few 
statements  on  these  subjects  to  set  the  stage  for  the  following  discussion  of  inlet  drag. 

It  has  become  the  practice  of  many  contractor  and  government  agencies,  to  assess  as  inlet  drag, 
all  drag  associated  with  the  captured  streumtube  and  its  variations  with  engine  demand  and/or  air¬ 
craft  operating  conditions.  Several  bookkeeping  procedures  are  currently  being  used  to  account  for 
these  inlet  drag  terms,  the  engine  thrust,  and  the  aircraft  drag  to  arri\ >  a*  the  installed  aircraft 
performance.  While  the  variety  of  procedures  can  cause  some  difficulties  — i  the  evaluation  or  com¬ 
parison  of  contractor-' s  performance  estimates,  the  division  of  thrust  and  drag  forces  i 3  inmaterial 
in  the  final  performance  calculation  (provided  that  all  forces  are  accounted  for  once  and  only  once). 

Analytically,  this  buildup  is  somewhat  easier  to  accomplish  satisfactorily.  Host  problems 
arise  when  experimental  determination  and  validation  of  performance  is  sought.  Typically,  two  models 
are  employed,  one  aerodynamic  model  being  used  to  obtain  the  aircraft  aerodynamic  and  stability  charac¬ 
teristics  and  one  propulsion  model  used  to  obtain  the  inlet  performance  and  drag  characteristics. 
Additional  models  are  employed  to  obtain  the  exhaust  nozzle  drag  characteristics.  Generally  the  aero¬ 
dynamic  model  is  run  with  a  flow-through  inlet  at  some  reference  mass  flow,  and  the  inlet  drag  at  this 
condition  is  included  in  the  aircraft  drag  polar.  The  inlet  drag  variations  with  inlet  mass  flow 
ratio  are  ther.  obtained  from  a  propulsion  drag  model  and  applied  as  incremental  drags  to  obtain  per¬ 
formance  at  points  other  than  the  reference  mass  flow  conditions. 

In  experimental  measurements,  various  reference  mass  flow  conditions  have  been  used,  but 
it  would  appear  that  a  mas3  flow  near  critical  or  choked  conditions  should  be  employed  such  that  it 
can  be  tested  on  both  the  aerodynamic  and  propulsion  models.  A  reference  mass  flow  ratio  of  1.0 
generally  requires  an  additional  model  variation  and  data  extrapolation  that  gives  rise  to  possible 
error  s. 


Further  problems  arise  when  experimental  verification  of  inlet  drag  predictions  are  sought. 

L*  ^  ?Ult  ln13Uch  a  way  that  the  individual  inlet  component  drags  can  be  identified  as 
^  te  fone  analytically.  For  instance,  inclusion  of  a  sidewall  bleed  system  may  require 

the  external  geometry  to  be  modified  to  provide  a  bleed  passage.  Thus,  the  drag  measurement  may  be 
hfCaUSe  th®  pr0per  flov'  conditions  have  not  been  duplicated.  If  the  proper  cowl  contours 
L  ’  hoover,  it  may  not  be  possible  to  include  the  inlet  bleed,  and  again  the  measured  drag  will 

the  analytical  ^d-up,  not  only  are  the  proper  internal  and  exL-nal 
ge  tries  duplicated  a.  all  times,  but  also  the  internal  and  external  flow  fields.  Analytical  tech¬ 
niques  alos  lend  themselves  to  easy  identification  and  isolation  of  the  various  drag  component^ 

4.2  Inlet  Drag  -  Definition 


during  iS^fdlsiS^rini;^^  1,4  t0  3036  °f  the  P^P16  **&**■  drag  components  considered 

ing  inlet  design  and  installed  propulsion  system  performance  determination.  Employing  the  thrus*- 

S  s'SS/K  p^vlri1' iu  tha  *•*•*  *•« » «» 

^ ™  s  *w  *  "p”ss"d  “  *’*  «<*■«• 


=  ADADD  *■  ADOOWL+  +  %cp  +  ADjNT 
where  fuDgjjp  “■  incremental  change  in  additive  drag  (pre-entry  drag) 

“°CCWL  =  incremental  change  in  cowl  pressure  drag  (lip  suction) 

~  bleed  system  drag 
Derr  ”  bypass  system  drag 

^DlOT  ~  interference  drag  »•  incremental  change  in  aircraft  drag  due  to  inlet  operation  and 
change  in  inlet  drag  to  aircraft  installation  effects 
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Using  this  scheme,  inlet  diverter  drag  as  well  as  inlet  friction  ana  pressure  drags  at  the  reference 
flow  conditions  are  charged  against  the  aircraft  polar.  Also  chargeable  to  the  basic  aircraft  drag 
would  be  the  drag  associated  with  any  inlet  flows  required  for  ECS,  engine  bay  cooling  or  purge  air, 
leakage,  or  other  similar  required  flows  which  are  invariant  with  engine  throttle  demand. 


4.3  External  Compression  Inlets 

4.3.1  Spillage  Drag 

Generally,  the  additive  drag  and  lip  suction  components  are  combined  into  a  common  spillage 
drag  term.  The  importance  of  has  been  discussed  many  times.  In  an  aircraft  requiring  transonic 

flight  at  sea  level,  the  theoretical  additive  drag  could  cause  a  40jf  degradation  in  aircraft  range. 

For  sr.  aircraft  designed  for  a  Mo  =  3  cruise,  the  additive  drag  could  amount  to  of  the  airplane 
drag  at  a  subsonic  cruise  condition.  Fortunately  in  practice  this  entire  penalty  is  seldom  experienced. 
Proper  contouring  of  the  external  cowl  shape  can  reuult  in  appreciable  lip  suction  effects  due  to 
increased  velocities  and  decreasing  pressures  on  the  forward  portions  of  the  cowl  lip.  The  magnitude 
of  the  lip  suction  effects  may  result  in  the  cancellation  at  subsonic  and  transonic  speeds  of  up  to 
80£  of  this  drag  for  subsonic  inlets  and  up  to  5O5C  for  supersonic  inlets.  This  is  indicated  in 
Figure  4-1  using  the  factor,  which  is  the  ratio  of  actual  spillage  drag  to  theoretical  additive 
drag.  Of  course  in  the  selection  of  any  inlet  the  absolute  drag  level  must  be  determined  for  use  in 
performance  estimates. 

Many  test  results  have  shown  that  appreciable  flow  spillage  can  be  accomodated  with  little 
drag  penalty  when  the  inlet  throat  Mach  Number  is  kept  high.  This  can  be  accomplished  by  means  of 
increasing  the  compression  surface  angles  to  reduce  throat  area.  Presented  in  Figure  4-2  is  some 
typical  data  obtained  from  a  two  dimensional  variable  ramp  inlet.  As  can  be  seen,  increasing  the 
ramp  angle  can  result  in  an  appreciable  reduction  in  inlet  drag  at  a  constant  engine  demand.  However, 
the  reduction  in  throat  area  results  in  increases  in  both  steady  state  and  time  variant  diffuser 
exit  flow  distortion  as  well  as  a  decrease  in  total  pressure  recovery  due  to  the  higher  throat  Mach 
numbers.  Assuming  that  the  distortion  generated  is  within  engine  tolerances,  inlet  operation  at  the 
highest  ramp  angle  and  lowest  drag  would  be  desired.  However,  for  the  data  presented  here,  operation 
at  the  high  ramp  angle  incurs  a  356  loss  in  recovery  and  a  5<$  reduction  in  inlet  drag.  Employing 
the  sensitivity  factors  shown  in  the  Figure  for  a  typical  flight  condition,  it  is  readily  apparent 
that  the  loss  in  recovery  results  in  a  much  larger  increase  in  SFC  than  the  benefits  reduced  drag 
level  can  offset.  At  a  typical  high!  altitude  cruise  condition  operation  at  a  second  ramp  angle  of 
^>2  “  15°  would  result  in  a  l&  loss  in  SFC,  while  at  sea  level  this  would  be  decreased  to  approximately 
156  SFC  loss.  Operation  at  some  intermediate  condition  however,  such  as#/*2  =  5°  would  be  of  benefit 
because  there  is  a  substantial  drag  reduction  with  essentially  no  loss  in  recovery. 

4.3.2  E|ypas3  Drag 

When  one  considers  the  drag  of  the  bypass  system,  a  drag  tradeoff  occurs  between  the  spillage 
and  bypass  drag  such  that  the  minimum  inlet  drag  may  occur  at  an  airflow  condition  less  than  that  for 
minimum  spillage  drag.  A  typical  trade  study  is  shown  in  Figure  4-3  where  the  increments  of  spillage 
and  bypass  drags  are  shown  along  with  the  airflow  associated  with  minimum  drag  for  constant  engine 
demand.  Again,  this  is  an  ideal  situation  and  does  not  consider  the  interference  of  the  bypass  air 
on  aircraft  drag  and  stability  characteristics.  In  operational  use,  the  bypass  air  must  be  dumped  and 
this  usually  occurs  in  an  unfavorable  location  such  as  above  the  wing.  Data  shown  in  Figure  4-4 
indicate  some  of  the  impact  of  the  bypass  system  operation  on  the  yawing  and  rolling  characteristics 
of  the  B-70. 

Depending  upon  the  amount  of  excess  inlet  air,  it  may  be  possible  to  either  bypass  the  air 
around  the  engine  and  use  it  in  the  exhaust  nozzle  or  base  region  to  improve  nozzle  performance  or 
it  may  be  dumped  overboard  through  various  doors,  slots  or  nozzles.  Figure  4-5  shows  typical  drag 
increments  experienced  during  an  acceleration  depending  upon  the  air  being  dumped  overboard  or  used 
to  augment  the  exhaust  nozzle  flow.  For  this  ca3e  the  benefits  of  the  ejector  nozzle  are  quite 
evident.  Figure  4-5  shows  some  typical  drag  characteristics  for  various  means  of  discharging  the 
bypass  flow.  It  is  clear  that  proper  design  of  tho  bypass  exits  can  significantly  reduce  this  drag 
penalty.  Of  course,  proper  accounting  of  added  weight  penalties  and  aircraft  drag  increments  due  to 
the  bypass  system  must  be  included  in  the  total  system  analysis. 


4.3.3  Effsct  of  Inlet  Shape 

The  inlet  geometry  essentially  governs  the  inlet  drag  characteristics  and,  as  shown  in 
Figure  4-1,  tho  ;owl  lip  can  significantly  influence  the  inlet  drag  characteristics.  Figure  4-7 
indicates  the  level  of  aircraft  drag  sensitivity  to  slight  modifications  of  the  external  cowl  lip 
geometry.  However,  the  external  cowl  lip  geometry  (as  well  as  the  internal  cowl  lip  geometry) 
that  results  in  the  minimum  drag  is  dependent  on  the  local  flow  angularity  approaching  the  lip. 

This  flow  angularity  ia,  of  course,  highly  dependent  upon  both  the  compression  surface  geometry  and 
flight  condition.  Figure  4-3  presents  some  of  the  drag  characteristics  of  a  two  dimensional  variable 
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ramp  inlet  and  it  is  evident  that  the  ramp  geometry  effects  are  significant.  Increasing  the  ramp 
angle,  however,  may  require  an  increase  in  the  turning  angle  required  by  the  cowl  lip  to  satisfy 
aircraft  design  requirements.  Illustrated  in  Figure  4-9  aro  typical  inlet  drag  characteristics  for 
varying  internal  lip  angularity.  Thus,  the  drag  reduction  possible  with  increased  ramp  angle  can 
be  offeet  by  the  increased  cowl  drag  resulting  from  flow  turning  requirements. 

Several  investigations  have  shown  that  axisymoetric  conical  inlets  have  less  drag  than  two- 
dimensional  ramp  inlets  with  equal  throat/capture  area  ratios  and  equivalent  ramp  or  cone  angles. 
Typical  data  are  shown  in  Figure  4-10.  This  characteristic  can  be  explained  by  the  relief  provided 
by  the  three  dimensional  spillage  of  the  cone  resulting  in  lower  flow  spillage  angles,  i.  e.  the 
flow  deflection  is  less  than  the  two  dimensional  configurations,  resulting  in  lower  drag. 


Inlet  sideplate  geometry  also  can  have  a  significant  effect  on  the  inlet  drag  characteristics. 
Studies  of  various  sideplate  configurations  have  been  conducted  and  certain  characteristics  have  been 
obtained.  Kajd  factors  for  various  sideplate  configurations  in  Figure  4-U  showed  very  significant 
benefits  of  cut  back  sideplates  in  the  transonic  regime.  The  mechanism  for  drag  reduction  here  is  a 
combination  of  sideplate  suction  effects  and  the  three  dimensionality  of  the  side  spillage  which 
reduces  the  spillage  flow  angularity  and,  hence,  drag. 


4.3*4  Effects  of  Inlot  Installation 

The  effect  of  inlet  spillage  and  bypass  on  total,  aircraft  drag  and  even  on  exhaust  nozzle 
performance  should  not  be  overlooked  because  they  can  impose  an  appreciable  drag  increment.  These 
effects  generally  are  not  accounted  for  since  sophisticated  models  and  analyses  are  required  to 
acc  '"ately  assess  their  contribution  and  impact  on  aircraft  performance. 

As  mentioned  earlier,  the  effects  of  the  aircraft  forebody  on  inlet  drag  should  be  considered. 
Inlet  drag  characteristics  have  been  investigated  experimentally  for  isolated  inlets,  forebody  in¬ 
tegrated  inlets,  and  for  inlets  in  simulated  forebody  flow  fields.  It  can  be  seen  in  Figure  4-12, 
that  while  the  absolute  level  of  drag  varies  with  the  degree  of  forebody  flow  simulation,  the  slope 
of  the  drag  curves  remains  constant.  Therefore  it  appears  possible  that  an  evaluation  of  inlet  drag 
characteristics  may  be  made  with  isolated  models. 

Typical  data  presented  in  Figure  4-13  shows  that  there  is  a  slight  effect  on  the  forebody  lift 
and  drag  characteristics  which  varies  with  inlet  mass  flow  ratio.  This  effect,  however,  would  be 
highly  configuration  oriented  and  depend  on  inlet  type  and  location. 

The  importance  of  inlet  bleed  in  improving  the  recovery  characteristics  of  supersonic  inlet 3 
was  discussed  earlier.  The  bleed  flow  also  imparts  a  drag  penalty  which  must  be  accounted  for  to 
determine  the  optimum  thrust  minus  drag.  Bleed  flow  may  be  removed  by  either  porous  suriaces.  Hush 
slots,  or  ram  scoops.  Not  only  do  these  bleed  systems  affect  the  inlet  recovery,  r id  results  in  a 
drag  increment,  but  they  can  affect  the  range  of  stable  subcritical  operation  of  the  inlet.  The 
increase  in  recovery  achieved  through  the  use  of  bleed  may  more  than  offset  the  drag  penalty  associated 
with  the  bleed  flow.  Data  shown  in  Figure  4-14  shows  some  test  results  from  an  F-104  type  inlet  con¬ 
figuration.  For  this  configuration  the  flush  slot  bleed  resulted  in  the  best  overall  performance 
over  the  supersonic  range.  As  with  bypass,  the  bleed  air  could  also  be  ducted  to  the  nozzle  to  in¬ 
crease  thrust  or  dumped  in  a  base  region  to  reduce  base  drag  if  the  base  pressures  are  low  enough. 


In  Section  3,  the  effects  of  the  local  flow  field  on  inlet  performance  and  distortion  was 
discussed  and  showed  some  significant  areas  of  impact.  The  local  flow  field  similarly  can  influence 
the  inlet  drag  characteristics.  This  is  illustrated  in  Figure  4-15  where  the  drag  characteristics 
of  a  two  dimensional  inlet  in  a  horizontal  and  vertical  orientation  are  presented.  At  nominal 
cruise  angles  of  attack,  there  are  slight  differences  in  drag  due  to  the  local  flow  differences. 

The  effects  of  inlet  design  and  orientation  are  iurther  illustrated  in  Figure  4-16  for  the 
four  airplane  designs  of  program  "G".  Using  these  inlet  drag  characteristics  in  vehicle  performance 
estimates,  the  A-2  aircraft  configuration  showed  the  greatest  range  capability;  37t  greater  than 
B-4,  24JC  greater  than  B-3  and  15%  greater  than  A-l.  However,  overall  consideration  of  range  and 
maneuverability  (Figure  3-9)  for  the  various  missions  considered  led  to  the  selection  of  A-l  as  the 
"best  compromise"  airplane  design. 

4.4  Subsonic  Inlets 

For  those  aircraft  installations  featuring  subsonic  pod  type  nacelles,  the  problems  of  inlet 
drag  are  not  any  lees  serious.  As  cruise  speeds  have  approached  close"  to  sonic  conditions,  the 
problems  of  inlet  drag  «nd  inlet-airplane  inte~ferer.ee  drags  have  gained  in  significance.  However, 
due  to  the  emphasis  on  cruise  conditions,  the  entire  nacelle/cowl  can  be  made  optimum  for  a  given 
flight  condition  and  engine  airflow  requirement ,  The  subsonic  nacelle  experiences  mainly  skin 
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F  friction  drag  and  ™n  amounts  of  inlet  spillage  and  boattail  drag.  There  are  also  drag  contribu- 

;  tions  due  to  interference  of  the  nacelle,  wing,  and/or  fuselage.  Nacelle  designs  featuring  a  long 

r  duct  shrouding  both  fan  and  core  flow  and  exiting  through  a  conmon  nozzle  will  give  results  that  are 

\  different  from  a  short  duct  featuring  separate  nozzle  for  both  fan  and  core  flow.  For  these  systems 

*  trades  of  drag  and  weight  must  be  performed  to  select  the  proper  cowl  design.  / 

{  > 

The  isolation  of  the  interference  effects  due  to  inlet  spillage  and  nacelle  shape  are  difficult 
to  isolate  due  to  the  effects  of  the  engine  exhaust  on  the  nacelle/wing  flow  field,  which  becomes  more 
predominant  as  engine  bypass  ratios  are  increased.  Several  earlier  studies  presented  some  analytical 
results  of  the  effects  of  nacelle  placement  on  aircraft  lift  and  drag.  The  predominance  of  this  data 
is  for  the  lower  transonic  speed  regime.  As  the  cruise  flight  conditions  approach  Mach  1.0,  the  drag 
divergence  Mach  number  (Mdd)  of  the  cowl  becoi/ws  important  as  does  its  sensitivity  to  inlet  mass 
flow  ratio.  Some  recent  studies  have  shown  that  the  cowl  can  be  designed  so  that  the  Mop  is  insensi¬ 
tive  to  inlet  airflow  requirements.  This  is  shown  in  the  data  of  Figure  4-17  for  two  typical  long 
duct  cowls,  one  designed  for  operation  at  near  Mq  51  1,  the  other  a  typical  Mq  -  0.8  design. 


4.5  Mixed  Compression  Inlets 

As  with  subsonic  inlets,  the  mixed  compression  inlet  is  usually  designed  for  a  given  cruise 
condition.  An  optimum  balance  of  inlet  drag  and  performance  can  be  achieved  for  this  design  point. 
Inlet  drag,  however,  can  rise  drastically  when  the  aircraft  is  required  to  operate  at  some  other 
flight  condition.  At  the  supersonic  design  point,  inlet  spillage  drag  can  be  kept  to  a  minimum  and 
inlet  bypass  drag  can  also  be  minimized  by  proper  inlet/engine  matching.  During  transient  conditions, 
e.g.  aircraft  maneuver  or  engine  mismatch,  some  bypass  drag  may  be  encountered,  but  the  short  duration 
of  such  adverse  conditions  usually  makes  their  impact  on  aircraft  range  negligible.  Inlet  bleed  drag 
on  the  other  hand,  may  become  significant,  since  mixed  compression  inlets  susally  require  appreciable 
design  point  bleed  flow  rates  tc  maintain  high  efficiency  levels  and  internal  flow  stability.  Thus, 
it  becomes  very  important  for  this  class  of  inlets  to  obtain  a  design  with  a  minimum  of  inlet  bleed 
flow  requirements  and  then  maximize  the  bleed  exhaust  system  performance  to  recover  as  much  of  the 
bleed  flow  momentum  as  possible.  Figure  4-18  shows  some  of  the  drag  characteristisc  of  various  types 
of  bleed  exit  systems. 

The  mixed  compression  inlet  is  generally  selected  for  operation  at  cruise  speeds  above  Mach 
2.5;  but  if  the  mission  requires  an  extensive  transonic  flight  condition,  extensive  drag  penalties 
can  occur.  The  possible  extent  of  thi3  penalty  is  illustrated  in  Figure  4-1.  Referring  back  to 
Figure  1-7  and  comparing  configurationa  1  and  4,  it  can  be  3een  that  for  a  typical  subsonic  mission, 
the  mixed  compression  inlet  incurs  approximately  a  30Jt  decrease  in  range,  2l£  of  which  is  Just  due  to 
the  increased  spillage  drag  of  the  inlet  with  the  remainder  due  to  the  weight.  The  increased  spill¬ 
age  dreg  of  the  mixed  compression  inlet  results  from  a  sharp  cowl  lip  and  reduced  lip  suction  effects. 
On  the  eupersonic  mission  however,  the  external  compression  inlet  suffers  only  a  net  It  decrease  in 
range.  For  this  case  the  range  103s  due  to  the  increased  drag  and  lower  recovery  of  the  external 
compression  inlet  is  cut  in  half  as  a  result  of  the  weight  savings  of  the  external  inlet  system.  This 
again  points  out  that  drag  should  not  be  considered  as  an  independent  variable. 


5.0  Conclusions 

Forebody/'dng  design  plays  an  important  role  in  inlet  performance  and  inlet-engine  compatibil¬ 
ity.  siae  mounted  designs  are  quite  sensitive  to  forebody  camber  and  fuselage  underbody  shape. 
Shielded  designs  are  most  sensitive  to  wing  placement.  A  low-wing,  flat-bottomed  vehicle  design 
appears  to  provide  the  fewest  shielded-inlet  design  complications. 

Current  theoi „ iical  analysis  techniques  for  estimating  forebody  and  forebody/wing  flow  fields 
are  severely  limited  for  application  to  supersonic  flight  maneuvers.  Future  design  development  could 
benefit  considerably  by  screening  potential  designs  with  an  economical  but  relatively  accurate  analy¬ 
sis  procedure. 


Supersonic  external  compression  inlet  design  for  highly  maneuverable  aircraft  is  heavily 
dependent  upon  vehicle  deeign.  Inlet-engine  compatibility  considerations  clearly  favor  two-dimen- 
eicnal  inlets  for  side-mounted  installations,  but  axi symmetric  inlets  have  proved  best  for  the  wing- 
shielded  design.  Increased  subsonic  diffuser  length  appears  to  be  the  simplest  technique  for 
improving  compatibility  characteristics,  but  careful  system  development  should  explore  flow  bypass 
scheduling,  boundary  layer  bleed,  duct  vortex  generators,  cowl  lip  shape,  and/or  inlet  sideplate 
design  as  potential  solutions  with  less  weight  penalty. 

Supersonic  mixed  compression  inlet  designs  are  normally  incorporated  on  higher  design  point 
Mach  Number  aircraft  with  little  requirement  for  high  speed  maneuverability.  High  total  pressure 
recovery  requirements  demand  near-critical  operation.  Many  of  the  previously  mentioned  inlet  design 
variations  may  be  employed  to  improve  performance,  but  careful  design  and  tuning  of  the  boundary 
layer  bleed  system  appears  to  be  one  of  the  most  important.  Shielded  designs  must  include  consider¬ 
ation  of  transient  flow  conditions  which  could  cause  intolerable  inlet/inlet  interfe  --’nee  or  inlet/ 
wing  interference. 
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The  assessment  of  Inlet  drag  characteristics  is  critical  to  the  detemlnation  of  aircraft 
performance.  However,  the  evaluation  of  the  propulsion  system  drag  must  not  be  evaluated  independently 
of  the  aircraft  drag  characteristics  or  the  weight  and  other  influencing  factors.  The  critical  factor 
that  remains  is  the  assessment  of  total  aircraft  thrust  minus  drag  and  care  must  be  taken  both  ana¬ 
lytically  and  experimentally  to  assure  that  all  appropriate  components  are  accounted  for. 
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EXPERIMENTAL  DETERMINATION  OE  INLET  CHARACTERISTICS  AND  INLET  AND 
AIRFRAME  INTERFERENCE 

by 

E.  C.  Carter 

Aircraft  Reaearch  Astociation  Ltd. 

Manton  Lane,  Bedford,  U.K. 


SUMMARY 


This  le  t-  . e  will  cover  basically  three  items;  the  measurement  of  the 
interference  o:  ae  inlet  on  the  airframe,  the  measurement  of  the  interference 
of  the  airframe  on  the  inlet  and  the  measurement  of  the  performance  of  the 
inlet/airframe  combination  as  a  whole.  For  some  configurations  and  some  speeds 
these  divisions  may  be  straightforward,  for  others  it  is  only  possible  to  consider 
the  whole  combination. 

The  experimental  methods  of  determining  internal  and  external  forces  are 
'reviewed.  The  use  of  complete  aerodynamic  force  models  and  partial  models  is 
discussed  including  the  use  of  the  full  and  half  model  tunnel  techniques.  Particular 
attention  is  given  to  drag,  both  basic  and  spillage  drag,  and  the  special  techniques 
and  accuracies  required.  Where  necessary  distinction  is  drawn  between  the  use  of 
different  techniques  for  different  inlet  applications,  e.g.  podded  installations  above 
and  below  the  wing  and  on  the  rear  fuselage,  and  integrated  installations  on  supersonic 
transports  and  fighters.  Integral  parts  of  the  inlet/airframe  combination  such  as 
bleeds,  diverters  and  dump  doors  are  considered  in  the  experimental  methods.  In  order 
to  optimise  inlet  and  airframe  integration,  measuring  methods  for  flow  environment  and 
visualization  are  discussed. 

The  measurement  of  steady  state  engine  face  flow  and  distortion  is  discussed 
including  the  design  of  rakes  and  their  interference,  pressure  recording  methods  and 
displays.  Methods  of  surge  simulation  are  described  and  associated  unsteady  measurements 
in  the  inlet.  Measurement  of  mass  flow  and  calibration  techniques  are  discussed. 

In  the  review  of  these  methods  the  shortcomings  of  the  present  techniques  are 
pointed  out  and  where  possible  alternative  proposals  are  made.  These  on  occasion  involve 
the  use  of  engine  simulators  which  are  briefly  described.  Interferencr  "fects  due  to 
transonic  tunnel  flow  and  due  to  the  testing  methods  themselves  are  cr  iered,  as  are 
Reynolds  number  effects  and  methods  of  model  scaling. 
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EXPERIMENTAL  DETERMINATION  OF  INLET  CHARACTERISTICS  AND  INLET  AND 
AIRFRAME  INTERFERENCE 


by 

E.  C.  Carter 

Aircraft  Reaearch  Association  Ltd. 
Manton  Lane,  Bedford,  U.K. 


INTRODUCTION  -  INLET  AND  AIRFRAME  INTERDEPENDENCE 

Transport  Aircraft 

For  simplicity  of  design  and  test  analysis  a  propulsion  system  completely  independent  of  the  airframe 
is  most  desirable.  This  is  most  nearly  achieved  with  the  large  subsonic  transport  aircraft  with  underwing 
podded  installation.  The  inlet  is  mounted  well  forward  on  the  wing  and  tilted  and  toed  to  pick  up  an 
approach  flow  environment  almost  independent  of  the  supporting  airframe.  Such  an  arrangement  can  be 
optimised  at  a  design  point  to  give  intake  performance  equivalent  to  that  of  the  isolated  intake.  Early 
designs  like  the  B.707  and  C5A  had  relatively  long  pylons  which  aided  the  independence  of  inlet  and 
airframe,  but  currently  for  reasons  of  engine  size,  undercarriage  height  and  wing  position  the  tendency  is 
for  pylons  ro  be  greatly  reduced  in  height  with  a  consequent  increase  in  inlet/wing  dependence.  Whilst 
still  considering  the  large  transport,  as  we  move  into  the  transonic  regime  the  tendency  is  to  integrate 
designs  for  low  drag  and  area  rule.  Rear  fuselage  boundary  layer  ingesting  intakes  or  integrated  nacelle 
fuselage  der  ,ns  will  aim  at  high  drag-rise  Mach  number  and  a  low  magnitude  of  transonic  drag  rise. 


For  the  large  supersonic  transport  the  integration  philosophy  has  diverged  into  two  schools  -  the 
Concorde, XB-70A,TU-144;  and  the  Boeing  supersonic  transport.  The  former  takes  advantage  of  reduced 
frontal  area  with  buried  engine  installations  whilst  accepting  airframe  and  boundary  layer  interference  on 
inlet  performance;  the  latter  takes  inlet  air  free  from  viscous  interference  and  with  possible  favourable 
interference  but  accepts  a  larger  wetted  area  and  pylon  installation  penalties.  It  is  perhaps  debatable 
where  the  demarkation  lies  between  a  pylon  and  a  diverter  in  these  configurations! 
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FK3.1.  URGE  SUPERSONIC  TRANSPORTS 

Fighter  Aircraft 

By  the  very  nature  of  the  operational  requirements  most  fighters  fall  into  the  integrated-design 
category  irrespective  of  speed.  For  these  cases,  whilst  design  point  performance  is  important,  the 
off-design  behaviour  often  dictates  the  final  chosen  configuration.  Sensitivity  to  local  Mach  number 
changes  and  gradient,  flow  angle  and  body  vortices  strongly  influence  the  layout  although  the  number  of 
different  configurations,  produced  to  meet  a  given  specification,  still  remain  surprisingly  large.  In 
general  the  fighter  types  cannot  be  so  easily  categorised  as  the  transport,  each  case  needing  to  be 
considered  in  its  own  particular  application.  For  this  reason  inlet  testing  methods  on  fighters  often 
need  to  be  adapted  to  the  particular  configuration. 
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Testing  Requirement* 

Let  u*  consider  firstly  what  information  the  designer  requires  from  his  wind  tunnel  tests; 
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FIG.  3 

The  methods  of  approach  and  the  relative  importance  of  the  different  items  will  be  very  dependent  upon 
the  particular  aircraft  design,  its  application,  and  speed.  Careful  consideration  must  be  given  to  the 
breakdown  of  the  tests  into  different  models,  with  due  allowance  for  the  interaction  of  related  effects, 
e.g.  exhaust  and  inlet  flows  on  the  high  hy-pass  pod. 

1.  INTAX2  INTERFERENCE  OS  AIRFRAME 

1.1.  General  corrections  for  internal  duct  flow 

First  in  the  list  of  all  test  schedules  is  the  aerodynamic  force  and  moment  model.  This  is  the 
datum  model  that  carries  the  bulk  of  all  the  project  testing.  This  is  the  model  around  which  all  other 
tests  must  revolve,  their  object  being  to  provide  correction  increments  to  apply  to  the  datum  results.  It 
is  important  that  this  model  be  very  carefully  planned  from  the  start  as  an  incorrect  inlet  flow 
representation  will  create  a  need  for  correction  which  might  otherwise  be  avoided.  It  is  usually  axiomatic 
that  this  model  will  either  have  faired  or  free  flow  ducts,  the  present  situation  on  model  engines  not  yet 
being  sufficiently  far  advanced  for  use  in  general  routine  testing. 

Considering  firstly  the  free  flow  duct,  if  the  mass  flow  ratio  is  made  correctly  representative 
of  the  full  scale  flight  conditions  then  the  momentum  of  the  inlet  streamtube  is  a  correctly  scaled 
representation  of  the  full  scale  momentum,  hence  the  f-irces  interacted  between  the  inlet  and  entry 
streamtube  will  be  fully  representative.  In  these  circumstances  no  correction  needs  to  be  made  for  these 
inlet  forces  and  moments.  The  same  arguments  may  not  however  be  applied  to  the  duct  exit  which  for  a 
free-flow  model  cannot  in  any  way  be  representative  of  the  full  scale  force  and  moment  of  an  efflux. Hence 
in  the  design  of  this  model  it  is  preferable  to  make  the  inlet  os  nearly  representative  as  possible  in  its 
mass  flow  capacity,  by  oversizing  the  exhaust  nozzles  if  necessary,  so  that  the  final  results  will  not 
require  correction  for  both  an  unrepresentative  inlet  and  an  exhaust. 

The  generalised  equations  for  the  forces  and  moments  due  to  internal  duct  flow  are: 


For  stability  axes:- 
Drag 

Lift 
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2  2 

Yawing  moment  n^  ■  „el  “  Peve^ee2C0S*C08Y  ”  (Pe"P„)Aee3C0*  (o-^) 

The  process  of  correcting  model  results  measured  with  these  duct  forces  and  moments  to  full  scale  requires 
a  knowledge  of  the  differences  in  all  the  component  items  between  model  and  full  scale.  In  general  the 
only  terms  differing  significantly  between  model  and  full  scale  are  ^e>Pe>Pe  <n<*  ve  at  the  exhaust.  If  the 

captive  streamtube  area  A„  is  made  representative  then  all  the  terms  associated  with  the  inlet  momentum 
ere  fully  representative  of  flight  and  so  can  be  eliminated  at  correction  terms  in  the  above  equations 
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(including  ram  drag  of  course).  If  however  it  is  not  possible  to  make  the  inlet  flow  conditions 
representative  then  it  is  necessary  to  determine  a  AAm  and  values  of  e^  and  dp  AAW  is  relatively  easy  to 
measure  but  the  position  of  the  infinite  streamtube  ej  ar.d  dj  is  much  more  difficult. 

Drag  of  course,  remains  the  exception  by  the  nature  of  the  definition  of  standard  internal  drag 
which  corresponds  to  the  standard  net  thrust,  hence  the  elimination  of  the  entry  ram  drag  term  because  of 
its  correspondence  with  the  full  scale  ram  dreg  would  give  values  for  the  aircraft  external  drag  much 
larger  than  thos"'  normally  used,  these  values  would  then  have  to  be  used  with  gross  thrust  for  performance 
calculations. 


1.2.  Datum  Plow  Representations 

1.2.1.  Underwing  pod  installations 

The  inlet  is  the  least  of  the  problems  associated  with  the  underwing  pod  installation. 
In  order  to  minimise  inlet  flow  distortions  the  designer  places  his  inlet  well  ahead  of  the  wing  leading 
edge  and  adjusts  the  inlet  centreline  to  align  with  local  flow  at  cruise.  The  inlet  mass  flow  may  be 
correctly  represented  by  the  use  of  a  simple  free  flow  nacelle  with  appropriately  sized  exit,  for  a 
streamwise  subsonic  duct  the  net  standard  drag  due  to  internal  flow  is 
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AC  -  — —  j  H(C  -  C  )  +  —  }  6  -  C„ 

D  Aref  L‘  T  p£  tJ 

where  the  iseneropic  thrust  coefficient  C_  *  — —  {(p  -  p)+p  V  (V  -  V)} 

T  q,,  le  “  eee  " 

P  "  P„  5* 

C  »  -  ;  H  *  at  exit  e  :  0  *  Momentum  thickness  at  exit. 

p«  q  e 

c  <*> 

For  a  choked  duct  one  of  the  many  standard  internal  drag  equations  may  be  used. 


the  values  of  C  and  q  , 
P 


being  obtained  by  integration  over  the  exit. 


Interference  of  the  intake  flow  on  the  wing  flow  can  only  be  measured  in  a  qualitative 
manner  by  using  pressure  plotting  and  even  in  these  circumstances  a  true  evaluation  of  the  total 
interference  is  difficult  because  of  the  interchange  of  buoyancy  forces  between  wing  and  nacelle  which  do 
not  necessarily  constitute  drag.  Care  should  be  exercised  in  the  interpretation  r  interference  results, 
favourable  wing  interference  on  the  pod  is  very  easily  cancelled  by  unfavourable  wing  interference. 


The  representation  of  the  plume  shape  on  the  model  nacelle  for  a  high  by-pass  ratio  is 
the  major  difficulty.  For  simple  tests  a  shaped  aft  fan  cowl  is  used  assuming  that  it  will  have  a 
representative  interference.  For  more  complex  tests  the  pod  may  be  replaced  by  a  model  fan  engine,  which 
can  represent  at  the  same  time  both  the  inlet  and  exit  flows;  the  capture  ratio  of  the  inlet  being  reduced 
by  (By-pass  ratio)-1  and  the  fan  exit  being  representative  of  the  total  pressure  and  temperature. 


Measurements  with  these  simulations  on  configurations  of  the  type  shown  in  fig. 5  are  used 
to  study  the  combined  effects  of  inlet  and  exit  flows  on  local  airframe 
__  surfaces.  These  effects  are  measured  as  a  whole  and  the  use  of  this 
jgH  complex  simulation  can  only  be  justified  in  its  representation  of  the 
|  exit  interference  effects. 

A  limited  amount  of  data  is  available  on  the  interference  of 
’  - Ss|  podded  inlets  on  wing  flows,  it  might  be  argued  from  the  foregoing  that 
this  effect  in  isolation  is  of  little  importance  if  the  jet  flow 
predominates.  However  it  can  also  be  argued  that  spill  flow  (and  all 
inlets  do  spill  in  relation  to  their  highlight  area)  could  have  a  more 
significant  effect  on  the  wing  flow  characteristics  than  the 
undersurface  interference  of  the  jet.  If  spill  flow  is  looked  upon  as 
a  local  increase  of  wing  incidence,  and  jet  interference  is  looked 
upon  as  a  modification  of  local  trailing  edge  pressure  then  either  of 
these  effects  could  tilt  the  balance  of  a  critically  designed  wing 
section.  It  is  assumed  that  this  has  not  occurred  on  current  aircraft 
or  that  clever  design  has  obviated  its  effects,  but  in  the  field  of 
future  wing  designs  for  very  high  subsonic  Mach  numbers  there  will  be 
little  margin  for  underdesign  to  cope  with  an  interference  which  causes 
premature  trailing  edge  separation  and  forward  movement  of  the  upper 
surface  shock. 

It  is  in  this  realm  of  future  testing  that  Reynolds  number  effects 
will  predominate.  Future  designs  will  incorporate  all  the  potential 
advantages  of  the  relatively  thin  boundary  layers  of  full  scale  flight, 
trailing  edge  flow  separation  will  dictate  the  degree  of  permissible 
rear  loading  and  premature  breakdown  of  the  wing  upper  surface  flow  due 
to  inlet  interference  could  be  catastrophic  -  not  only  to  drag  and 
economics,  but  to  buffet  and  handling  in  general.  The  spill  conditions  of  cruise  flight  capture  ratios 
may  be  built  into  the  wing  design  but  the  engine  failure  case  could  be  more  critical  than  it  is  at  present. 
This  short  digression  is  made  to  emphasise  the  importance  of  intelligent  boundary  layer  representation  at 
current  test  Reynolds  numbers  and  to  demonstrate  the  need  for  high  Reynolds  number  facilities  -  at  least 
for  limited  check-out  purposes. 


1.2.2.  Over-wing  installations 

Whilst  this  may  be  a  somewhat  unusual  configuration  ics  presence  cannot  be  ignored.  In 
the  present  state  of  the  art,  as  far  as  wing  nacelle  integration  is  concerned,  it  is  unlikely  that  this 
type  of  design  will  be  seriously  contemplated  for  high  Mach  number  performance.  For  a  particular 


configuration  of  this  type  two  interference  factori  have  been  the  subject  of  study. 

In  the  first  experiment,  fig. 6,  the  effects  of  inlet  spill 
flow  were  measured  on  rotating  rakes  in  the  plane  of  the  fan 
cowl  exit,  using  the  momentum  defect  technique.  This  model 
was  a  specially  enlarged  version  of  the  aircraft  simulating 
accurately  only  the  strictly  relevant  parts.  These  results 
could  be  compared  with  isolated  nacelle  results  to  determine 
the  effects  of  the  presence  of  the  wing  and  fuselage,  anc.  in 
particular  the  wing  shielding  and  leading  edge  separation 
effects  at  high  incidence  and  Mach  number.  The  technique  was 
quantitatively  valuable  in  providing  the  drag  of  the 
nacelle-pylon  combination  without  the  confusion  of  buoyancy 
forces.  This  model  was  also  used  to  determine  the  interference 
effects  of  the  wing  leading  edge  and  upper  surface  flow  on  the 
internal  flow  in  the  fan  plane. 

The  second  experiment1  used  a  representative  free  flow  duct 
to  determine  the  interference  on  the  aerodynauiic  handling. 
Experimental  results  indicated  strong  interference  on  the 
local  wing  upper  surface  which  varied  chordwise  and  spanwise 
and  was  dependent  upon  spillage,  fig. 7. 
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The  overall  aerodynamic  effects  were  measured  on  a  conventional  aerodynamic  force  model, 
fig. 8,  with  free  flow  nacelle.  The  pitch  stability  was  of  particular  concern  as  it  was  realised  that  the 
loss  of  wing  lift  associated  with  the  interference  would  show  mainly  as  a  pitch  change  due  to  downwash 
change  at  the  tail.  The  resultant  effect  of  this  was  to  indicate  a  "speed  instability"  in  which  the 
pitching  moment  for  a  lg  flight  cruise  condition  showed  rapid  change  with  Mach  number.  Methods  of 
correcting  this  problem  were  obtained  in  further  wind  tunnel  tests  on  the  modified  model. 
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•  Rsar  fuselage  installations 


Flew  environmtnt  testa,  described  in  2.2, 
normally  define  acceptable  installation  areas  for  rear  fuselage 
installations.  The  influence  of  the  inlet  and  its  spillage 
may  be  obtained  in  the  same  vay  as  for  the  wing  installation, 
by  use  of  the  free-flow  nacelle,  with  the  same  corrections.  For 
this  configuration  however,  it  is  'possible  to  isolate  more 
easily  the  installation  interference  of  the  nacelle  airframe 
system.  This  *£akes  use  of  the  twin  sting  support  system,  whereby 
the  forces  on  the  rear  fuselage  and  nacelle  ere  measured 
independent  of,  but  in  the  presence  of,  the  wing  and  forward 
fuselage. 


The  use  of  this  test  system  is  best 
described  diagrammatical ly:- 


xn ou  aagUBP  i  with  hczux — 
(cotfUTt  aircraft)  i  without  nacelle  - 


(rear  fusclago 


1  NACPIE  A*C  _ 

DUMMY  STING 
4-  WITH  NACELLE  AMO 

corrbct  fuselage  _  ™ 

S  INTERNAL  CMC  ON  m  , 

(4)  - 

€  VFTHOUT  NACELLE  _ 

WITH  DUMMY  STING  SNG4 

7  WITHOUT  NACELLE  - 
WITH  CORRECT  FUSE-  LCASE, 
LACE 


CCRRCCT  AFT  FUSELAGE 
AND  NACELLES  CORRECTED  - 
FOR  INTERNAL  OSAO 


SMGlE  STING  MTER- 
FEROCE  FOR  NO-NACH 


CCBRBCT  CN  FOR  SINGLE 
STING  INTERFERENCE  AMO 
DIFFERENCES  SETWEEN 
UD  VRTH  AND  WITHOUT  ; 
SINGLE  STMG  j 


C0MR.ETE  AMOUNT  WTOH 
OUT  NACELLES  CORRECTED  L 
RDR  SNGLE  STING  INTER-  j 
FERENCE  I 


COMPLETE  AIRCRAFT  1 
CORRECT®  PTR  SWGLE! 
STMG  INTERFERENCE  f 
AMO  INTERNAL  FLOW  I 


AQf  nacelle 

INSIAUAhCN 

AFTCFSRUT 

UNC 


TOTAL  tCf 
AIRCRAFT 


XNClf  TESTS  t  WITH  NACELLE 

(LIVE  FORWARD  FUSE*  »  WITHOUT  NACELLE 

LAGE  AMO  \MNQ5) 


M^NACaiE 
INSTAUATCN  . 
FORWARD  OF 
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FIG. 10. 

2  The  many  details  of  this  technique  are  beyond  the  scope  of  this  lecture,  some  typical 

results  however  are  of  interest. 


WAR  PUBAOC*  warns 


REAR  FUMLAOE  •  NACELLES 


M  M  01  N  M  Ma*  to 


Oi  04  07  01  M  Mach  No 


SUPER  V.CIO  NACELLE  INTERFERENCE 


FIG. 11. 


urations 


Thit  category  cover.  .  multi tud.  of  different  configuration*  end  (peed*.  By  the  very 
nature  of  the  integration,  the  region*  of  interfi  rence  cannot  be  isolated  or  dealt  with  on  a  piecemeal 
baai*.  It  ia  accepted  that  general  interference  will  occur  and  measurements  are  made  to  enaure  that  the 
effects  are  minimised.  For  this  type  of  configuration  the  problem*  are  more  related  to  the  airframe 
interference  on  the  inlet  vhich  i*  les*  tolerant  than  the  airframe. 

For  the  aerodynamic  force  model  the  major  problem  ia  usually  the  choice  of  support  system 
The  site  of  the  model  forces  normally  dictate*  a  larg*  ating  which  causes  distortion  near  the  free  flow 
exit*  if  their  tize  is  to  be  compatible  with  the  inlet  mass-flow  ratio.  Sting  and  afterbody  distortion 
effects  may  be  classed  along  with  those  of  jet  representation  and  can  normally  be  simulated  on  special 
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blowing  models.  The  inlet  flow  may  be  satisfactorily  represented  although  varying  the  mass  flow  plu^ 
sites  can  be  tedious.  Mutual  interference  of  inlet  and  exhaust  must  always  be  considered  and  checked  if 
likely  to  be  significant.  Two  examples  are  the  best  way  to  highlight  the  problems,  and  some  specific 
solutions. 

In  the  first  example,3  the  model  was  of  an  aircraft  with  twin  inlets  and  exhaust.  The 
exhaust  was  close  to  the  rear  fuselage  similar  to  a  Phantom  and  it  was  required  to  separate  the  effects 
of  inlet  flow  variation  and  exhaust  flow  variation.  For  the  inlet  tests  the  whole  aircraft  was  represented 
with  free  flow,  hence  this  free-flow  air  exhausting  from  the  nozzles  would  be  at  an  unrepresentative 
pressure  ratio  and  would  give  erroneous  aerodynamic,  jet  interference  forces  on  the  rear  fuselage.  To 
separate  the  inlet  spill  flow  effects  an  extended  exit  duct  was  used  which  was  copiously  pressure  plotted 
to  determine  the  internal  drag. 


To  determine  the  basic  aircraft  non-spill  or  datum  drag,  the  correct  nozzle  geometiy  was  used,  again  with 
detaileu  pressure  plotting.  This  result  in  conjunction  with  other  tests  enabled  full  separation  of  the 
various  interference  terms,  within  the  limits  of  a  cold  experiment,  as  follows. 


Intake  flow 

Tailplane 

Nozzle 

Position 

Nozzle  PR 

Design 

Yes 

Correct 

Recovery 

W.S.  Static 

30Z  spill 

Yes 

Correct 

tt 

Design  to  zero 

No 

Downstream 

tl 

Faired 

Yes 

Correct 

Approx. 1  to  5 

Faired 

Yes 

Correct 

Approx. 1 

Effects  of 


Datum  design  point 

Check  datum  with  spill 
Spill  effect 
Jet  effect 
Datum  zero  jet 


The  second  example  is  a  model  of  a  transonic  vectored  thrust  aircraft  which  had  its  twin 
inlets  feeding  a  single  engine  which  in  turn  provided  two  cold  forward  jets  and  two  hot  rear  jets.  The 
direction  of  the  jets  was  such  that  their  influence  could  not  be  neglected  in  their  interference  on  the 
whole  aircraft  flow  field.  The  model  to  simulate  this  condition  used  a  peripheral  ejector  system  mounted 
in  the  rodel  shell,  this  system  was  effectively  an  engine  simulation  in  that  it  induced  an  approximately 
correct  inlet  flow  and  simulated  reasonably  well  the  total  pressure  ratios  of  the  4  jets  -  albeit  cold. 
Conventional  6-component  forces  were  measured  on  the  model  shell  which  surrounded  this  'engine  unit'. 


FIG. 13. 


This  test  technique  was  very  successful,  but  dreg  was  not  as  accurate  as  that  measured  on  a  conventional 
free  flow  model.  In  this  instance  the  problem  of  external  rake  measurements  and  internal  drag  definition 
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was  exchanged  for  the  problem  of  aatisfactory  seal  development  with  lov  Interference  and  hysteresis. 


1.2.5.  Supersonic  Transport  -  Slender  wing  configurations 

Supersonic.  Naturally  the  Concorde  has  dominated  the  European  scene,  demanding  techniques 
and  accuracy  far  m  advance  of  those  previously  required.  The  basic  supersonic  aerodynamic  force  model 
was  required  to  provide  a  datum  drag  to  an  accuracy  better  than  0.0001  in  Cq.  This  drag  figure  would  then 
be  used  in  conjunction  with  the  results  of  special  tests  to  estimate  the  installed  drag  at  a  precise  flight 
condition  of  fore-spill, diverter  height, nossle  pressure  ratio,  secondary  flow  and  many  other  variables. 

The  aerodynamic  model  had  to  be  a  perfect  external  representation  with  a  non-spilling 
inlet  and  carefully  constructed  internal  ducts  with  uniform  exit  flow  and  minimum  base  area.  In  practice, 
to  provide  a  guarantee  of  sufficient  accuracy  without  interference  from  the  measuring  system  an  auxiliary 
traverse  gear  carrying  4  pitots  and  a  single  static  was  used  to  provide  a  very  clone  matrix  of  data  from 
which  the  precise  exit  mass  flow  and  momentum  could  be  determined. 

Separate  calibration  of  the  duct  on  a  auction  rig  was  not  considered  to  be  sufficiently 
accurate  as  the  external  base  static  pressure  at  the  nozzle  exit  was  variable  across  the  exit  plane  due 
to  the  airframe  interference  and  model  incidence. 


Two  techniques  of  duct  representation  were  employed: 

(a)  a  constant  area  duct,  with  low  internal  drag  but  very  non-uniform  exit  flow 

4 

and  (b)  a  con-di-con  duct  with  an  exit  size  designed  to  give  minimum  sensitivity  to 

measuring  errors  in  the  exit  plane. 

In  order  to  dufine  the  optimum  duct  exit,  the  internal  drag  equation  ia  simplified  from 


D,  -  mV  - 


to  D_ 


(p.  ~  P„  +  mV)dA  for  small  inlet  and  exit  angles 


‘  I. 


p  f,(M  )dA  +  p  A 
*e  1  e  e 


where 


W  ■  |  V  He2  -  «  +  *  »e2)j 


This  latter  function  incorporated  with  pe  requires  the  evaluation  of  one  integration  and  also  permits 
the  determination  of  the  optimum  choice  of  Me  to  minimise  the  magnitude  of  the  internal  drag:- 


EFFECT  OF  MEASUREMENT  ERRORS 


FIG. 14. 

It  will  be  noted  from  these  figures  that  ^(Mg)  is  very  close  to  zero  for  ■  2.2  and 
H  ■  1.0,  in  thase  conditions  the  value  of  Dj  +  paA  both  terms  of  'which  are  independent  of  the 
measurements  at  station  e.  In  practice  of  course,  ®even  for  nominal  sonic  exit  flow,  local  variations 
require  elemental  integration  of  £p  fj(M  )dA^  .  The  error  curves  are  of  interest  in  that  they  indicate 
a  need  for  H,  •  1  to  eliminate  errors  in  p#  but  varying  subsonic  M,  to  eliminate  errors  in  p#.  The 
final  choice  of  duct  design  depends  upon  the  range  of  H.  of  the  test  and  the  level  of  absolute  accuracy 
required.  These  tests  provide  a  corrected  datum  result,  the  effects  of  spill  are  considered  in  1.3.3. 

Transonic.  A  series  of  tests  was  also  required  for  the  transonic  performance  including 
■pilltge.  For  these  tests  the  internal  shape  of  the  duct  exits  was  carefully  faired  to  give  a  smooth 
contraction  to  a  choked  exit.  The  lower  mass  flow  cases  created  a  peripheral  base  area  around  tha  duct 
exita  and  so  necessitated  additional  pressure  plotting.  Preliminary  experimenta  showed  that  virtually 
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any  external  rake  mounted  on  the  base  would  provide  interference  on  the  absolute  level  of  the  base  and 
duct  static  pressures.  It  was  therefore  essential  that  for  transonic  testing  in  particular,  the  base 
pressures  and  duct  exit  static  pressures  be  measured  by  pressure  tubes  installed  in  the  model.  Total 
pressure  profiles  were  obtained  by  multi-rake  measurements  which  served  to  relate  the  area-weighted  exit 
total  pressure  to  say  two  reference  pitot  pressures  in  the  rake.  These  two  reference  pressures  could 
then  be  measured  by  small  model-mounted  pitot  tubes  at  the  same  time  as  the  base  statics  and  duct  statics 
and  whilst  the  forces  were  being  recorded.  In  this  manner,  all  data  was  obtained  in  the  same  run,  a  very 
necessary  requirement  for  the  definition  of  the  drag  rise  curve. 

1.3.  Effects  0,  Inlet  Spill  Flow 

If  it  is  supposed  that  the  basic  force  and  moment  results  have  been  obtained  from  the  standard 
aerodynamic  model  then  in  these  tests  the  inlet  should  have  been  operating  near  its  design  point.  In 
practice  however  because  the  engine  demand  and  inlet  geometry  cannot  be  represented  at  all  test  points, 
it  is  necessary  to  determine  the  effects  of  this  mismatch.  In  general,  drag  of  primary  importance  in 
these  tests,  the  effects  on  lift  and  pitching  moment  being  secondary. 

y.a  principle  of  course  it  is  possible  to  make  tests  on  the  aerodynamic  model  to  determine  the 
effects  of  spill  flow.  This  would  be  done  with  a  range  of  mass  flow  control  plugs  and  comprehensive 
instrumentation  in  the  duct  exit.  In  practice  there  are  various  reasons  why  this  should  not  be  done. 

(a)  A  special  spill  model  can  be  made  to  a  larger  scale  with  good  representat.on  of  diverters, 
aft  spill  and  bleed. 

(b)  By  reasonable  aerodynamic  consideration,  only  parts  of  the  aircraft  need  be  represented, 
hence  sensitivity  of  particular  components  -  drag  in  particular  -  can  be  enhanced. 

(c)  Special  mass  flow  and  momentum  calibrated  sections  may  be  installed  in  a  special  model. 

(d)  Larger  mass  flow  is  possible  in  the  special  model  by  use  of  enlarged  exits. 

(e)  The  effect  of  base  pressure  can  be  measured  more  carefully  and  accurately  on  a  special  model. 

(f)  It  is  easier  to  install  a  remote  moving  mass  flow  control  plug  in  the  special  model,  and  this 
permits  the  recording  of  the  variation  of  force  components  directly  with  mass  flow,  in  a 
single  model  test  configuration. 

Various  different  model  arrangements  have  evolved  for  the  determination  of  spill  flow  effects. 
Considering  firstly  the  transonic  ponded  installation,  the  standard  procedure  is  to  optimise  the  cowl 
design  in  isolation  and  then  by  pressure  plotting  methods  determine  the  interference  effects  of  local 
surfaces  on  the  installation.  For  wing  installations  these  effects  are  generally  small;  for  aft  fuselage 
installations  flow  environment  studies  are  a  necessary  preliminary  to  the  tests  on  the  isolated  cowl. 

1.3.1.  Spill  Drag  methods  for  the  isolated  cowl  (Subsonic  and  Transonic  speeds) 

Current  requirements  for  high  by-pass  cowls  are  dictating  severe  design  requirements. 
The  very  fact  of  the  greatly  increased  mass  flows  which  are  taken  through  the  inlet  means  that  any  spill 
drag  increments  which  would  be  acceptable  on  the  pure  jet  engine  would  be  magnified  several  times  for 

the  high  by-pass  inlet.  The  sire  of  the  inlet,  forces  the  designer  into  large  ratios  of  D„.  ....  /V 

Highlight  max 

and  the  ever-increasing  cruise  Mach  number  demands  high  drag  rise  Mach  number.  For  this  reason,  accurate 

measuring  methods  are  needed  to  study  the  future  development  of  inlets  with  high  Dp/Dmax*  smaU  L/Dmax» 

and  high  Mcr^t.  The  development  of  the  M  «  1.0  transport  will  probably  relax  the  small  L/D  requirement 

and  perhaps  reduce  It,/ D  somewhat  but  M  . .  will  obviously  be  predominant. 

n  max  ent  r 

METHOD  I.  Cowl  surface  pressure  plotting  5 

For  the  more  advanced  requirements  with  supercritical  flows  and  shock  waves,  it  will  probably 
be  essential  to  discard  the  determination  of  drag  from  cowl  pressure  plotting  and  boundsry  layer  rakes. 
This  ..'hod  whilst  having  the  advantage  of  copious  surface  pressure  data  for  diagnostic  purposes  suffers 
from  tne  difficulty  of  stagnation  point  definition  and  the  calculation  of  additive  drag, 

$ 

HETHOD  II.  Force  balance 

These  latter  difficulties  are  avoided  by  the  use  of  a  force  balance  and  internal  momentum 
methods  -  as  for  the  aerodynamic  force  model.  This  method  has  the  advantage  of  measuring  asymmetric 
cowls  relatively  easily. 


"tl  *  *  (Vr  "  V.  1  *  -  >“,!  •  *4<PC  -!>,)•  -  Pc)  -  I 

FIG. 15. 
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METHOD  III.  Momentum  Loss 5 

A  third  technique  employs  the  momentum  defect  method,  whereby  the  loss  of  momentum  of  the  free 
stream  flow  which  is  influenced  by  the  cowl  is  measured.  This  method  requires  accurate  measuring 
techniques  and  does  not  satisfactorily  provide  an  absolute  datum  drag  level.  However  with  care,  accurate 
results  of  spill  drag  and  cowl  comparisons  may  be  made. 


FIG. 16. 

Problems  associated  with  these  methods 

For  transonic  cowls  the  previous  assumptions  of  independence  of  forebody  and  afterbody  are  no 
longer  valid.  Rigs  of  the  type  shown  in  the  figures  must  now  be  fully  representative  to  the  fan  exit. 

The  nacelle  drag-rise  condition  will  coincide  approximately  with  sonic  conditions  at  the  crest  and  with 
curvatures  currently  applicable  on  short  cowls  for  high  by-pass  engines  the  flow  at  the  crest  will  be  very 
aware  of  its  downstream  conditions.  However,  for  free  flow  or  sucked  nacelles  as  used  in  these  test  rigs 
it  is  often  impossible  to  reduce  the  duct  diameter  at  the  end  of  the  cowl  to  be  both  geometrically  correct 
and  to  pass  the  required  inlet  mass  flow  -  for  the  model  tests  we  do  not  have  the  fan  compression  to 
assist  the  reduced  exit  size.  So  it  is  hoped  that  the  shape  of  a  geometrically  shortened  aft  cowl  can  be 
made  sufficiently  representative  to  provide  correct  cowl  flow  at  the  crest. 


FIG. 17. 

It  does  unfortunately  mean  that  the  drag  of  the  whole  correct  cowl  assembly  may  not  be  measured.  In 
addition,  we  have  the  problem  of  the  forward  pressure  interference  of  the  expanding  duct  or  the  rakes 
on  cowl  flow  development.  Measurements  have  shown  these  to  be  significant  in  that  : 

(a)  The  pressure  field  may  influence  the  recompression  on  the  aft  cowl  causing 
premature  separation  which  would  lead  to  erroneous  conclusions  regarding 
the  spill  drag. 

(b)  The  pressure  field  will  give  a  buoyancy  force  on  the  body  which  will  interfere 
with  drag  measured  on  a  balance  but  will  not  affect  the  wake  traverse  result. 


7  ■;  $b 
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Measure-  ->nt»  of  the  interference  effects  of  an  expanding  body,  or  a  rake,  or  a  support  body,  aft  of  a 
cowl  at  i..‘nsonic  speeds  are  indicated  below  : 


FIG. 18. 

(c)  The  very  existence  of  these  sting  forward  influences  on  the  total  cowl  system 
accentuates  the  need  for  repreaentction  of  the  fan  jet.  There  appears  to  be  a 
strong  case  for  the  use  of  a  fan  simulator  in  this  work.  This  would  provide  the 
correct  representative  fen  pressure  ratio  and  would  permit  correct  geometric 
representation  of  the  fan  cowl.  The  forward  influence  of  the  expanding  fan  floe 
would  then  be  fully  representative  (except  for  R.No.)  end  the  total  profile  drag 
of  the  fore  and  aft  cowl  could  be  measured  by  the  momentum-defect  Method  III. 


It  is  not  proposed  that  all  experiments  should  be  done  this  way  but  that  an 
intelligently  selected  series  of  cowls  might  be  tested  to  determine  the  magnitude 
of  the  problems  and  the  interference.  It  is  not  considered  that  this  method  is 
easily  adaptable  to  force  balance  measurement*. 

1.3.2.  Spill  dtog  methods  for  infegra  ,ed  installations 

As  previously  jentioned,  special  models  of  maximum  scale  arc  used  to  accurately  determine 
the  effects  of  inlet  spill  flow  over  the  full  flight  spectrum.  The  methods  used  follow  those  of  the 
aerodynamic  model  and  the  same  momentum  equations  apply.  Models  for  this  purpose  are  usually  only 
representative  in  the  regions  where  the  influence  of  the  intake  and  the  intake  spill  flow  might  be 
expected  to  occur.  For  twin  inlets  at  i'-personic  upetJs  only  1  inlet  need  be  represented.  It  is  usual, 
for  example,  to  reduce  the  apan  of  the  wings,  where  possible,  to  reduce  the  balance  loads  and  increase 
sensitivity.  Such  special  models  tn./  be  used  to  optimise  the  installation  drag  of  the  baaic  inlet  and 
diverter  system  as  well  as  measure  spillage  drag.  It  1,  connor  to  make  the  fnaelage  section  constant 
shortly  behind  the  region  of  influence  to  minimise  aft  body  effects  which  might  mask  the  required 
measured  terms. 


DESIGN  REQUIREMENTS 

For  spill  interference  mean  .meats  it  is  very  desirsole  that  mass  flow  should  be  changed  during  s 
test  by  remote  control.;  This  requires  s  motorised  mass  flow  throttling  plug  which  may  or  may  not  be 
attached  to  the  live  model. 


7* 


Metric  man  flow  control 

For  the  live  (or  metric)  plug  the  total  force  on  the  model  end  plug  must  be  accounted  for  in  the 
data  reduction  force  equation*.  The  determination  of  the  force  associated  with  the  plug  exit  flow  is 
considerably  eased  if  an  annul ar  mass  flow  plug  system  can  be  used  in  pref-rence  to  a  central  plug. 


ttjNULAR  PLUG  METRE  CENTRA  FUUG 


FIG. 20 

For  this  reason  early  tests  of  this  type  were  made  in  a  series  of  different  test  runs  with  interchangeable 
annular  plugs.  In  this  way  the  erit  flow  could  be  well-defined  to  give  both  accurately  calibrated  mass 
flow  and  momentum.  This  method  is  probably  well  suited  to  a  blow-down  tunnel,  but  is  expensive  and  less 
accurate  for  a  continuous  tunnel. 

The  metric  central  plug  is  rarely  used,  this  has  the  major  disadvantage  of  the  difficulty  of 
defining  the  forces  on  the  plug  aft  of  the  exit  momentum  plane  which  have  to  be  accounted  for  in  the 
force  balance  equations. 

Non-metric  mass  flow  control 

This  system  whilst  being  similar  to  the  metric  plug  has  certain  advantages  in  the  definition  of 
terms  in  the  force  balance  equation: 


FIG. 21. 

In  this  method  the  mor^entum  at  the  end  of  the  live  model  is  determined  from  a  momentum  determination  at 
a  ptane  upstream  of  the  mass  flow  plug  and  an  estimated  or  calibrated  skin  friction  term  between  this 
station  ard  the  ex't  plane.  The  difficult  and  large  terms  on  the  plug  behind  the  exit  plane  do  not  have 
to  be  accounted  for  in  the  force  balance  equation. 

The  balance  of  forces  that  exist  on  both  the  metric  and  non-metric  plug  systems  is  shown  below: 


THRUST 


C 


CMS 


SPUT 


NON- METRE 


METRIC 
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Instrumentation  and  Calibration 

It  will  be  seen  from  the  above  terms  in  the  force  balance  equation  that  several  of  the  terms  are 
of  similar  or  greater  magnitude  than  the  resultant  external  drag.  This  imposes  very  stringent  requirements 
on  the  instrumentation  used  to  determine  these  terms,  and  it  is  for  this  reason  that  as  large  a  model  as 
possible  should  be  used. 

(a)  Balance 

The  six  component  force  and  moment  balance  is  required  to  provide  an  accuracy  equal  to  that 
of  the  required  final  answer,  which  in  turn  must  be  equal  to  that  of  the  aerodynamic  force 
model  i.e.  2  *5  drag  counts  (1  drag  count  ACq  “  0.0001)  for  a  sub  arid  supersonic  fighter, 

1  drag  count  for  the  subsonic  transport,  and  better  than  1  drag  count  for  the  supersonic 
transport. 

(b)  Mass  flow  and  Momentum 

It  is  uiual  to  instrument  the  inlet  drag  model  to  measure  engine  mass  flow,  however  experience 
has  shown  that  with  engine  face  distortion  this  instrumentation  is  of  little  value  in  defining 
true  mass  flow  to  the  atcura  y  required  in  drag  experiments.  Current  procedure  is  to  either 
(1)  install  a  calibrated  venturi  section  or  (2)  use  a  calibrated  rake, ahead  of  the  mass  flow  plug. 


In  this  method  the  duct  i'..  calibrated  in  a  test  cell,  with  an  overall  pressure  ratio  >  10:1,  which 
contains  a  precision  calibrated  orifice  plate  of  known  dischorge  coefficient  accurate  to  }Z. 


FIG. 24. 


Pressure  measurements  are  sv  ie  over  a  complete  range  of  mass  flows,  these  include  .he  full  engine  face 
array,  4  wall  st'.tics  +  1  pitot  at  the  entry  to  the  venturi,  4  wall  statics  in  the  venturi  throat,  and 
4  wall  statics  in  f'.o  exit.  Discharge  coefficients  are  obtained  by  relating  the  p  c  is  ion  mass  flow  to 
that  calculated  using  the  standard  venturi  -  >  flow  method  associated  wich  the  met.  upstream  and  throat 

static  pressures  and  the  venturi  contractio  tio.  In  the  particular  case  tested,  the  venturi  discharge 
‘'efficient  varied  from  0.82  to  0.92  for  ve>  -rl  upstream  Mach  numbers  from  0.1  to  O.S.  The  reason  for 
-le  low  value  and  large  variation  was  probabiy  the  limitation  of  venturi  length  in  this  case.  Tests  with 
typical  inlet  distortions  showed  only  JZ  variation  of  the  venturi  discharge  coefficient. 

Calculation  of  the  momentum  at  the  internal  exit  station  of  the  model  uses  the  venturi  mass  flow, 
and  wall  statics  at  the  strtion,  the  form  of  the  eo.uation  used  for  net  standard  internal  drag  is 


from  the  relationship 


2  A  A  r~  2~| 

vr  '  L".  »J 

f  (Mf),  with  known  mi^T  and  p#  obtain  Me»  hence 


Check  calculations  assuming  a  range  of  different  total  pressure  istributiont  in  the  duct,  whilst 
maintaining  continuity  of  mesa  flow,  have  shown  that  the  error  in  the  slope  of  the  (pill  drag  ▼  mass 
ratio  curve  shculd  not  exceed  SZ. 


This  model  has  el  so  been  used  with  two  different  inlet  bleed  systems  which  are  fed  to  precision 
orifices  in  the  base.  The  internal  force  of  the  hlesd  flows  is  calculated  in  a  similar  man.ier  using 
Che  area  of  the  exit  orifice  and  the  local  static  end  bleed  mesa  flew 
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METHOD  2 

The  rakes  used  in  this  method,  shown  in  the  above  figure,  were  very  carefully  calibrated  to  be 
consistent  with  che  calculation  of  standard  internal  drag  from 

A»  Arake  F  2  1 

%  ’  2  L  <Prake-P-  >  +  *  >rake  Mr.ke J 

The  sensitive  terms  in  this  equation  are  A^,  Pra^ei  and  Mra^e>  where  km  and  |(vpMA)rake  are 
related  by  measured  mass  flow.  In  the  example  shown  above  the  internal  rakes,  model  duct,  and  exit  - .  'e 
calibrated  for  accurate  measurement  of  mass  flow.  Flow  through  a  standard  orifice  plate  was  compand  •  th 
that  measured  by  the  rake  using  the  model  duct  but  replacing  the  inlet  by  a  4:1  contraction  bellmou’ 

The  following  calibration  factors  are  evaluated  from  these  tests. 


(1)  Mass  flow  A 


For  tests  with  a  fully  choked  exit  plug  flow:  A 


exit  effective  exit  geometric' 


V 


where  mass  flow  m*^  ■  Q.  A  „  .  P  ,  and  Q  -  Constant 

ex. effective  rake 

»/T  -  K,  (AP)rake 


(2) 


For  tests  with  subsonic  unchoked  exit  plug  flow: 

Mach  n.-mber 

In  the  ab  >ve  equation  the  true  mean  value  of  M  .  is  required.  This  is  obtained  in  the 
following  vp /  for  a  family  of  velocity  profiles  defined  by 
juilllllullll  wall 


to  give  two  constants 
K, 


j_  .rwi 

Urn  Ll  "  zj 


Mean  Mach  number  from  integration  of  velocity  profile 
Mean  iach  number  from  the  discrete  pitot  points 

Mean  (Mach  number)2  from  integration  of  velocity  profile 
~  Mean  (M  number) z  from  the  discrete  pitot  points 


for  a  low  Mach  number  duct  flow  is  equal  to  the  mass  flow  coefficient  Kjj^,  and  theoretical  calculations 

give  a  simple  linear  relationship  between  K.  and  K,  for  values  of  0.2  f  z  f  0.8  and  2  5  n  5  7.  Hence  for 
any  given  inlet  size  a  relationship  is  obtained  between  mass  flow  control  plug  position  and  true  mass 
flow  and  M2.  These  provide  the  necessary  accurate  input  to  the  basic  drag  equation. 


(c)  Base  pressures 

It  is  essential  to  recess  the  base  of  the  model  such  that  a  reasonably  uniform  r  ensure  exists. 
To  this  end,  sharp  chamfered  edges  to  the  external  body  profilt  ud  nozzle  exits  hould  be 
provided.  The  base  pressures  should  be  measured  with  integral  scanivalve  instrumentation.  The 
practice  of  using  pitots  mounted  on  a  rear  support  with  their  forward  facing  heads  very  near  to 
the  base  should  be  avoided,  particularly  at  transonic  speeds.  The  influence  of  the  rake 
support  system  has  been  shown  to  have  a  strong  influence  on  the  base  pressure. 

This  requirement  of  integral  base  pressure  tubes  also  makes  the  measurement  of  pressures 
in  annular  base  plugs  difficult. 


.3.3.  Spill  drag  methods  for  slender  wing  installations 


There  is  no  fundamental  difference  between  the  integrated  slend-.r  wing  and  the  integrated 
fighter  as  far  a9  measurement  of  internal  flow  effects  are  concerned.  The  full  representation  of  the 
parts  affected  by  spill  flow  must  oe  provided.  Methods  following  the  proposals  of  1.2.5.  for  a  datum 
measurement  may  be  used  but  this  requires  a  series  of  different  plugs  each  with  associated  internal  drag 
measurements.  However  the  main  deterrent  of  this  method  is  the  need  to  obtain  each  point  on  a  spill 
curve  from  a  different  test. 


In  one  supersonic  application  for  Concorde,  Method  2  of  1.3.2. 
was  used  to  provide  accurate  measurement  at  the  same  time  as 
continuous  variation  of  mass  flow. 

It  will  be  seen  that  the  distortion  associated  with  this 
arrangement  would  have  precluded  its  use  at  transonic  and  subsonic 
speeds,  at  which  conditions  it  would  have  been  necessary  to 
resort  to  the  removable  plug  method.  In  these  tests  a  pair  of 
fully  instrumented  inlets  were  used  measuring  engine  face  data 
and  providing  remote  variation  of  ramp  settings  and  bleed.  This 
model  was  capable  of  measuring  independently  the  effects  of 
throttle  fore-spill,  ramp  spill  and  aft  spill  via  dump  doors. 

It  is  obvious  that  there  are  no  limits  to  model  sophistication. 


FIG. 25. 
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2. 


AIRFRAME  INTERFERENCE  ON  IMLET 


-  J 

2.1.  Fore-surface  representation  and  diverter  height 

In  the  planning  of  any  new  model  of  an  inlet-airframe  syatem  it  ia  very  desirable  to  arrange 
for  the  inlet  to  be  tested  in  isolation  and  then  in  the  presence  of  the  airframe.  This  permits  reasonable 
optimisation  of  some  of  the  inlet  parameters  before  the  interference  flow  field  is  superimposed. 
Arrangements  should  also  be  made  to  vary  the  inlet  heig'.t  relative  to  the  surface  on  which  it  is  mounted 
to  determine  the  importance  of  the  interaction  between  the  flows. 

At  this  point  we  meet  the  almost  insoluble  problem  in  the  representation  of  an  inlet/airframe 
combination  in  scale  tests.  The  approach  boundary  layer  thickness  at  the  entry  plane  of  an  inlet  mounted 
on  a  model  fuselage  or  wing  surface  is  unrepresentatively  thick.  For  a  pitot  intake  without  diverter  or 
splitter  plate  the  inlet-boundary  layer  interaction  must  inevitably  be  incorrect  and  only  boundary  layer 
suction  ahead  of  the  \.let  plane  can  avoid  unrepresentative  inlet  measurements,  particularly  when  an 
inlec  normal  "hock  impinges  on  the  boundary  layer  of  the  fore-surface.  The  usual  parameter  for  the 
representation  of  the  height  of  an  intake  on  a  surface  is  h/d  where  h  is  the  height  and  6  the  thickness 
of  the  approach  boundary  layer.  This  parameter  describes  adequately  the  proportion  of  the  boundary  layer 
that  is  ingested  by  the  inlet  and  which  leads  to  the  consequent  reduction  of  pressure  recovery  at  the 

engine  face  |  “  j*  hV2  dh.  for  h  <  6  j  .  It  is  obvious  that  this  parameter  is  not  adequate  for 

small  h/{  or  when  4  is  a  significant  part  of  the  height  of  the  inlet.  However  for  h/4  =  1.0  this  is  a 
minor  problem  in  comparison  with  the  difficulty  of  the  choice  of  how  to  represent  the  geometry  of  the 
inlet  in  the  presence  of  an  unrepresent Atively  thick  boundary  layer: 


run  SCALE 


MODEL  BEALE 
^rKreaud 


fyg  •  t.  *m  a*r«ct 
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A  fcrcbody  raduad 


h*6  *  '.  *m. *•  omet 
Boundary  lc*»r  Used 
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The  last  of  these  alternatives  appears  to 
offer  the  best  aerodynamic  solution  but  the 
boundary  layer  removed  by  suction  requires  large 
model  suction  ducts  and  could  be  sensitive  to 
incidence  effects,  such  a  scheme  is  also  difficult 
if  force  measurements  are  required.  A  simpler 
and  adequate  alternative  would  seem  to  be  (c)  in 
which  the  effect  of  a  small  reduction  in  fineness 
ratio  should  only  have  minimal  effect  on  the  nose 
potential  flow.  It  goes  without  saying  that  the 
boundary  layer  on  the  fore-surface  should  have 
transition  fixed  with  a  minimum  grit  or  Eallotini 
to  provide  a  minimum  thickness  turbulent  boundary 
layer  at  the  inlet  plane.  A  thinner  turbulent 
layer  may  he  obtained  with  a  rear  band  fixation 
on  wing  or  fuselage  if  a  reasonable  run  of  laminar 
flow  can  be  obtained,  but  this  could  be  troublesome 
in  the  event  of  random  natural  transition  ahead 
of  the  band  at  incidence. 


FOUR  ALTERNATIVE  METHODS  OF  REPRESENTING  THE 
CORRECT  h/g  ON  A  MODEL  INLET  AND  FCREBOOY 


FIG. 26. 


The  Diverter 

The  previous  section  has  been  concei  .yd  with  the  correct  positioning  of  the  inlet  with  respect  to 
the  local  surface  boundary  layer.  The  livelier  itself  is  of  course  an  important  interface  between  the 
inlet  and  airframe  and  it  is  difficult  to  define  whether  it  is  the  problem  of  the  inlet  designer  or  the 
airframe  designer:  the  one  preferring  a  large  h/6,  the  other  a  zero  h/6,  dependent  upon  who  is 
responsible  for  the  drsg  or  the  power  plsut  performance.  The  installed  drag  of  the  diverter  is  obtained 
from  tests  described  in  section  1.2  where  it  is  part  of  the  datum  Cp0  at  datum  or  zero  spill.  The 
variation  of  its  performance  with  red.  red  mass  flow  is  integrated  with  the  overall  spill  drag  increment. 

The  performance  of  the  diverter  at  spill  and  off-design  conditions  is  only  partially  determined 
from  the  spill  drug  tests  and  data  on  the  modified  engine  face  recovery  must  be  included  in  thz  total 
performance  boo  -keeping,  hence  a  poor  diverter  may  provide  a  two-fold  loss  o'  ->erfcrmance.  Limited 
pressure  plott--g  may  be  done  on  the  spill  drag  model  or  alternatively  a  ape'  •  1  •  verier  model  may  be 
used  to  optimise  diverter  performance. 

The  above  arrangement  has  been  used  with  success  sup-  ->  >nicclly  to  develop  diverter  planform  shapes 
and  divergence  angles.  Pressure  plotting  on  the  wing  plate  can  be  used  <:o  deter. -ice  wing  surface  lift 
interference,  diverter  surface  pressure  plotting  it  used  for  drsg  integration. 


In  this  Celt  method  it  should  be  noted  that  the  development  of  supersonic  flow  between  the  tunnel  wall 
and  the  representative  wing  piste  is  not  easy,  particularly  for  M  <  2.  Some  edge  relief  is  very 
beneficial. 


This  latter  example  indicates  results  with  e  simple  variation  of  mean  flow  direction  for  an  intake 
shielded  by  a  wing  with  small  pressure  perturbations  and  with  no  fuselage  influence. 


For  complex  fighter-type  configurations  the  flow 
environment  is  very  involved  and  there  4  -  considerable 
scope  for  the  use  of  computer  analysis  output  data  in 
a  digestible  form.  The  problem  is  similar  to  that  of  the 
engine  face  distribution  and  so  the  use  of  similar 
distortion  parameters  and  computer  contour  plots  are  of 
great  value. 


FIG. 29(b). 

Flow  Visualisation 

As  t»  useful  adjunct  to  the  complex  measuring  techniques  above,  considerable  understanding  of  the 
flow  approaching  the  inlet  may  be  obtained  by  the  use  of  flow-visualisation  techniques.  1  low  speed 
performance  the  water  tunnel  is  of  value  in  demonstrating  interference  and  model  attitude  effects.  At 
all  speeds,  surface  oil-flow  methods  indicate  the  direction  of  the  surface  flow  in  the  vicinity  of  the 
inlet,  showing  clearly  the  existence  of  separations,  vortices  and  shock  waves.  These  methods  nay  be  used 
with  success  for  internal  flow  studies  as  well. 


r  ■/. 
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3.  MEASUREMENT  OF  THE  PERFORMANCE  OF  INLETS 
3.1.  Duct  and  Engine  Face  Measurements 

Rake  Design 

Current  model  methods  using  fixed  or  rotating  engine  face  pressure  rakes  havj  been  shown  to 
give  good  correlating  data  with  full  scale  engine  measurements.  Present  requirements  of  total  pressure 
distortion  coefficients  defined  by  engine  manufacturers  dictate  extensive  coverage  of  the  engine  face  at 
a  minimum  of  12  30°  sectors  and  if  possible,  24  15°  sectors.  For  minimum  interference  a  two-arm 
rotating  rake  can  be  used  with  a  sequence  of  12  data  points  for  every  point  on  the  inlet  characteristic. 
This,  assuming  that  instrumentation  is  no  limitation,  will  cost  approximately  12  times  as  much  as  a  test 
using  a  fixed  24  arm  rake.  Obviously  the  latter  is  more  desirable  both  from  the  economic  point  of  view 
and  the  fact  that  the  data  is  taken  over  a  much  shorter  period.  The  question  arises,  what  is  the  limiting 
number  of  fixed  heads  which  can  be  used  and  what  are  the  design  problems  of  multi-rake.  Tests  on  two 
different  duct  arrangements  have  compared  the  results  obtained  with  rakes  carrying  2,  4,  8  and  12  arms  of 
pitots  in  t'  a  first  case,  and  12  and  24  arms  in  the  second  case. 

The  first  experiment  used  a  rotating  2-arm  rake  to  which  was  attached  additional  rakes  to 
make  up  the  full  complement  to  represent  4,  8  and  12  arms.  In  this  way  comprehensive  measurements  could 
be  made  by  rotating  the  rake  and  hence  measuring  pressures  at  close  spacing  in  the  presence  of  the 
interference  rakes.  These  tests  showed  no  measurable  effect  on  total  pressure  distribution  but  the 
forward  influence  was  such  that  the  increased  rake  blockage  increased  the  static  pressures  measured  on 
the  wall,  bullet  and  rake.  The  static  pressure  distortion  was  unchanged. 


FIG. 32. 

6 

The  second  experiment  compared  results  for  a  fixed  12-arm  and  a  fixed  24-arm  rake.  It  was  found  that 
the  E.F.  total  pressure  distortion  coefficients  DH,  and  DC  60,  and  the  engine  face  pitot  pressure  contours, 
were  adequately  measured  by  the  24-arm  rake  but  the  static  pressure  distortion  DP,  was  increased  when  the 
engine  face  Mach  numbers  were  large  enough  to  approach  local  choking  in  the  pitot  rake  supports. 
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COMPARATIVE  RESULTS  WITH  12  ARM  AND  24  ARM  RAKES  WITH  LARGE  ENGINE  FACE  DISTORTION 


FIG. 33. 


In  the  particular  installation  used  in  the  second  experiment  the  blockage  created  in  the  uniform 
duct  by  the  24  rake  arms  caused  choking  for  engine  face  Mach  numbers  near  0.5  and  obviously  caused  static 
distortion  for  engine  face  Mach  numbers  greater  than  0.35.  Careful  design  with  swept  rake  supports  and 
an  expanding  duct  in  the  region  of  the  supports  would  permit  a  24  arm  rake  with  a  frontal  tube  blockage 
of  2Z  to  be  used  for  engine  face  Mach  numbers  up  to  0.5. 

The  actual  measurement  of  static  pressure  on  the  rake  may  be  made  with  heads  with  ogive  nose 
leap  and  static  holes  lOd  behind  the  shoulder,  with  the  static  hole  arranged  to  be  in  the  plane  of 

or  .•  ty  ahead  of  the  pitot  heads.  It  is  not  particularly  common  to  use  rake  statics  unless  mass  flow 
is  ...red  from  the  engine  face  measurements  -  which  is  only  done  as  a  last  resort!  Even  in  these 

circumstances  it  is  more  common  to  place  reliance  on  wall  statics  which  are  less  dependent  upon  engine 
face  flow  angles.  Static  distortion  coefficients  are  of  relatively  less  importance  to  the  engine 
manufacturer. 

It  was  common  practice  at  one  stage  to  measure  flow  direction  at  the  engine  face  by  installing 
small  Conrad  2-tube  yawmeters,  arranged  to  measure  swijl.  This  was  reasonably  successful  bu:  the 
evaluation  of  angle  requires  a  knowledge  of  local  Jp\T  which  in  turn  requires  localostatic  pressure.  Use 
of  a  mean  static  pressure  is  however  sufficient  to  ensure  a  calculated  accuracy  of  1°.  Use  of  a  standard 
70  included  angle  head  provides  an  instrument  with  a  sensitivity  of  0.04;  calibration  is  generally 
required  to  determine  the  instrument  error  which  can  be  of  the  order  of  -1°  in  suite  of  careful 
manufacturing  tolerances . 

Humber  of  Rakes 

In  the  previous  discussion  the  interference  effects  of  multi-rakes  was  discussed  without  due 
reference  to  the  specification  that  dictates  their  requirement.  The  usual  basis  for  defining  the  closeness 
of  pitot  pressure  coverage  is  the  engine  manufacturers  distortion  coefficients.  A  large  number  of 
different  coefficients  are  in  use  and  eac.i  may  well  require  a  different  rake  array.  If  it  is  assumed  that 
each  rake  will  have  sufficient  radial  coverage  to  provide  a  good  mean  radial  pressure  value,  then  by  use 
of  -  error  analysis  with  a  set  of  typical  engine  face  distortion  patterns  it  is  possible  to  define  a  rake 
'otational  spacing  to  give  a  sufficiently  accurate  value  of  the  required  distortion  coeff icient?  Equally 
well  this  may  be  done  experimentally  using  the  data  from  a  close  rake  spacing  in  which  the  data  from  some 
of  the  rakes  is  progressively  ignored. 

For  example  in  U.K.  it  is  comnon  practice  to  use  a  distortion  coefficient 

Lowest  mean  total  pressure  over  a  60°  sector  -  Mean  total  pressure 

a  _ _ _ _ . _ _ _ _ _ Et 

Van£F 

■  Angular  position  of  this  sector.  This  describes  the  magnitude  and  position  of  a 
region  of  low  total  pressure  on  the  engine  face.  For  different  blade  and  engine  applications,  the  value 
of  60  nay  be  varied.  For  a  24-arm  rake  mean  values  of  radial  pressure  -  DC,  are  available  at  every  15  . 
These  are  combined  in  groups  of  4  to  provide  a  mean  sector  pressure  over  60°  -  DCg0-  There  will  be  24  of 
these  values  and  the  minimum  value  can  be  accurately  determined  and  positioned.  If  data  from  only  12  arms 
is  available,  then  only  2  arms  are  vsed  to  provide  DC,  at  12  angular  positions.  Similarly,  6  arms  each 

provide  their  own  DC,  . 

ou 

Experimental  data  gives  the  following  result: 


and 


DC, 


'60 
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FIG. 34. 


3.2.  Output  Data 

In  almost  all  inlet  tests  in  wind  tunnels,  data  is  recorded  on  a  data  logger  via  a  scanning 
switch  system.  Data-taking  rates  vary  from  one  facility  to  another  depending  upon  the  type  of  facility 
(continuous  or  blowdown),  the  total  pressure  level,  the  number  of  data  loggers  available.  Kates  varying 
from  1  port  per  second  to  50  ports  per  second  are  used,  the  former  being  uneconomic  is  based  on  the 
measurement  of  very  low  pressures,  the  second  being  a  blow-down  tunnel  requirement.  This  latter  case 
requires  care  to  ensure  that  carry-over  pressure  interference  between  ports  does  not  occur.  Data  reduction 
from  the  data  logger  can  be  handled  off-line  or  on-line  depending  upon  the  services  at  the  test  facility. 

In  either  case  a  limited  amount  of  on-line  output  is  desirable  to  ensure  the  best  spacing  of  the  test 
po  its,  this  is  particularly  true  of  subsonic  and  low  transonic  testing  where  the  visual  techniques  of 
schlieren  and  shadowgraph  are  not  always  available.  Equally,  visual  aid  to  detect  duct  instability  is 
needed  for  the  location  of  buzz  points  or  subsonic  twin-duct  instability.  For  a  simplified  on-line  output 
a  limit, d  number  of  the  rake  total  pressures  may  be  put.  onto  individual  transducers  which  may  then  be 
sunned  as  analogue  voltages  to  give  a  mean  engine  face  recovery.  For  mass  flow,  m/l" may  be  obtained  from 
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a  transducer  measurement  of  plug  position  for  a  sonic  exit,  or  P  and  dp  for  a  venturi,  these  latter 
measurements  being  used  in  a  simple  f~  analogue  circuit.  These  readings  may  be  displayed  on  an  X  -  Y 
plotter. 

Buts  and  instability  detection  may  be  obtained  from  high-frequency-rerp.  ,.ae  flush-fitted  pressure 
transducers  whose  output  is  observed  on  an  oscilloscope  or  on  an  RMS  output  nretar. 


For  a  simple  reversion  to  the  old 
manometer  techniques,  a  T.V.  display  of  a 
scanivalve  output  in  simulated  manometer  form 
may  be  produced  on  a  T.V.  screen. 


FIG. 35. 

A  typical  layout  of  a  computer  data  reduction  procedure  may  follow  this  scheme: 


ENGINE  FACE  DATA  REDUCTION 

FIG. 36. 


Up  to  this  point  the  production  of  data 
has  been  routine  apart  from  the  judicious  choice 
of  data  spacing.  The  amount  of  data  can  however  be 
phen< menal  and  the  final  analysis  somewhat  tedious. 
Off-' ine  plotting  of  mass  flow  and  pressure 
recovery  with  the  associated  distortion 
coefficients  provides  reasonable  assimilation  of 
the  data  and  when  it  is  necessary  to  improve 
understanding,  computer  contour  plots  of  engine 
face  distribution  are  produced. 


FIG. 37. 


3-20 


3.3.  Supersonic  inlet  flow  visualisation 

In  all  classical  treatise  on  the  subject  o£  inlet  flow  visualization,  the  pure  axi-symoetric 
or  wedge  inlet  is  used  to  demonstrate  the  value  of  schlieren  and  shadowgraph  techniques.  In  practice, 
the  integrated  inlet  frequently  precludes  these  simple  visualization  methods.  For  some  conditions  of 
course,  visualization  methods  are  impossible  e.g.  Phantom  in  elcv.  Ion,  F14  in  plan  and  sideslip,  but  it 
is  worth  noting  that  some  configurations  may  use  the  intake  wall  or  floor  splitter  plate  as  a  device  for 
direct  shadow  visualization.  In  the  example  shown,  fig. 38,  of  the  tests  on  a  single  cell  of  a  Concorde 
inlet  the  shock  system  was  projected  onto  the  splitter  plate  which  was  painted  matt  white.  The  photograph 
was  obtained  with  an  external  camera  on  the  same  side  as  the  light  source.  The  second  photograph  was 
obtained  from  the  shadowgraph  of  the  external  flow  around  the  model  and  the  internal  throat  flow.  This  was 
obtained  as  a  photograph  of  the  shadow  on  tracing  paper  on  the  window  opposite  the  light  source. 


s 


? 


FIG. 38. 


It  should  be  noted  that  the  exposure  time  of  these  photographs  is  very  long  by  normal 
standards  (0.1  secs)  but  the  resulting  quality  is  good  and  for  steady-state  flow  conditions  which  are 
normally  being  studied,  a  long  exposure  is  more  desirable. 


For  conditions  of  supercritical  flow  on  cowls  at  high  subsonic  speeds  the  shadowgraph 
technique  may  be  used.  For  tests  under  these  conditions 
a  porous  or  slotted  tunnel  wall  is  usually  being  used 
making  normal  visualization  techniques  difficult. 

Direct  shadowgraph  methods  with  a  divergent  light-source 
can  contribute  to  the  analysis  of  pressure  plotting 
data  on  axi-symmetric  inlets. 


Reproduced  from 
Lest  available  copy. 


FIG. 39. 

3.4.  Isolated  and  Integrated  Model  test  Configurations 

Subsonic  Pod  Inlets.  For  measurement  of  the  internal  performance  of  the  isolated  subsonic 
pod  a  model  which  is  mounted  near  the  tunnel  centreline  on  a  rear  sting  is  required.  Further  requirements 
are  high  incidence  and  large  inlet  velocity  ratios  at  low  M.  The  latter  requirement  demands  a  source  of 
external  suction  which  is  capable  of  choking  the  inlet  throat  at  low  forward  speeds  (M  -  0.2);  it  i  under 
these  extreme  conditions  or  la-ge  a  and  V. *V„  tnat  test  results  of  flow  distortion  are  of  most 
significance.  An  example  of  such  an  arranj  ement  is  shown: 


FIG.  40. 
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Supersonic  Isolated  Inlet.  For  s  clean  installation  that  is  reasonably  independent  of  its 
environment  and  that  is  optimised  for  operation  over  a  limited  design  range,  much  of  the  development  can 
be  achieved  on  a  model  of  the  isolated  inlet  at  the  environmental  approach  Mach  number.  For  the  Concorde 
inlet  illustrated  here,  initial  development  of  mutual  interaction  effects  was  studied  on  an  isolated  twin 
duct  nacelle.  On  this  model  the  effect  of  mismatch  was  studied  with  variable  Mach  number,  incidence  and 
sideslip.  With  this  model  the  optimum  splitter  plate  was  obtained  and  boundaries  of  mismatch  could  be 
defined. 


FIG. 41. 

For  internal  performance  a  single  cell  model  has  been  continuously  used  to  optimise  sidewall  geometry, 
ramp  geometry,  bleed  configurations  and  many  other  variables.  The  addition  of  a  boundary  layer  plate 
and  diverter  makes  the  inlet  flow  distortion  more  representative  and  permits  study  of  these  variables. 

Supersonic  Integrated  Configurations.  For  the  check  tests  of  the  optimised  ’ ,  'et  a  fully 
integrated  inlet/airframe  model  is  used.  Two  fully  instrumented  inlet  cells  are  housed  i  .  the  nacelle 
in  the  correct  environment  of  the  airframe.  This  represents  a  complex  and  expensive  model  requiring 
large  tunnel  facilities  which  would  not  be  available  for  the  many  hours  of  development  testing  used  on 
the  isolated  nacelles.  For  this  type  of  model,  care  has  to  be  taken  to  ensure  that  no  forward 
interference  from  the  support  and  mass  flow  control  system  occurs,  particularly  for  the  subsonic  and 
transonic  model  versions. 


FIG. 42. 

Tests  on  this  model  have  also  been  made 
at  low  forward  speeds  with  an  ejector-assisted 
mass  flow  suction  to  represent  inlet  velocity 
ratios  greater  than  those  available  from  free 
flow. 


3.5.  Mass  flow  measurement  and  control 


This  subject  was  treated  in  some  depth  in  section  1.2  where  it  was  essential  to  have  accurate 
mass  flow  for  internal  drag  definition.  The  requirements  of  those  tests  are,  if  anything,  more  stringent 
than  those  for  engine  performance  analycis.  The  choice  of  method  of  measurement  is  large,  covering: 


internal  (a)  engine  face  integration  (b)  orifice  plate  (c)  venturi  (d)  downstream  rake 

(e)  choked  or  unchoked  exit  plug, 
or  external  (b)  and  (c) . 

Engine-face  integrations  are  notoriously  troublesome,  being  very  dependent  upon  distortion 
and  static  pressure  distribution.  The  orifice  plate  normally  has  unacceptable  losses.  The  venturi  and 
downstream  rake  are  satisfactory  if  far  enough  from  the  engine  face  distortion  and  if  properly  calibrated. 
The  subsonic  exit  plug  is  very  dependent  upon  exit  static  pressure  and  distribution  and  requires 
calibration,  the  calibrated  choked  exit  plug  is  the  most  acceptable  me'  lod  if  sufficient  pressure  ratio 
is  available.  Measure nents  external  to  the  model  have  the  advantage  of  controlled  flow  conditions  at  the 
measuring  station  but  for  transonic  and  subsonic  tunnel  conditions,  external  suction  is  required;  in 
addition  the  whole  length  of  the  duct  systems  between  inlet  and  measuring  station  must  be  completely 


89 


_ -- 


A 


3-22 


leak  tight.  Some  examples  of  mass  flow  control  plugs  and  measuring  systems  are  given: 


a  b  c 


FIG  43. 


3.6.  Bleed  representation  and  measurement 

Inlet  bleed  ducts  may  in  general  be  treated  as  secondary  inlets  in  the  measurement  of  recovery 
and  mass  flow.  It  is  usually  more  difficult  to  instrument  and  provide  uniform  flow  in  bleed  duct  but  the 
percentage  accuracy  requirements  are  much  less  and  so  the  results  are  normally  acceptable,  i.e. JZ  of  inlet 
mass  flow  and  2Z  of  inlet  recovery.  For  choked  bleed  exits,  the  problem  is  simplified  by  the  use  of  a 
calibrated  control  plug.  Venturi's  may  also  be  used  with  success  but  it  should  be  remembered  that  a 
venturi  does  not  know  the  direction  of  flow! 


3.7.  Representation  of  Engine  Surge 

Consideration  will  be  given  elsewhere  to  the  measurements  which  are  made  to  measure  engine  face 
turbulence  ind  its  use  in  the  prediction  of  engine  surge.  In  this  section,  the  existence  of  surge  is 
assumed  and  the  experiment  to  determine  its  influence  on  the  upstream  structure  and  the  closely  associated 
engine,  is  described. 


For  the  sake  of  clarity  a  parallel  may  be  drawn  between  normal  supersonic  inlet  buzz  and  surge. 
In  the  former,  the  instability  mechanism  is  associated  primarily  with  the  shock  system  which  creates  a 
vortex  or  separation  which  causes  continuous  destabilisation  and  reform  of  the  stable  inlet  flow  pattern. 
During  the  unstable  flow  cycle  the  high  pressure  air  in  the  inlet  cavity  exhausts  and  refills  censing  large 
variations  of  structural  pressure  load,  and  mutual  interference  on  any  adjacent  inlet.  In  principle  the 
fan  or  compressor  stall  provides  a  similar  mechanism  of  inlet  flow  exhaust  and  refill,  the  ;;:equency  of 
course  being  oifferent  from  that  of  buzz. 


Figure  44  shows  a  surge  valve  which  was  fitted  to  the  model  previously  shown  in  fig. 43(c).  One 
inlet  had  surge  simulation  whilst  measurements  were  made  on  upstream  transducers  and  in  the  adjacent  inlet. 
This  valve  was  not  only  capable  of  completely  cutting  off  the  flow  but  also  of  providing  80Z  flow  reversal. 
Typical  traces  are  shown  in  fig. 44. 


FIG  44. 
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SUMMARY 


The  lecture  first  discusses  the  main  parameters  involved  in  the  interference  between 
internal  and  external  flow  and  shows  also  how  these  parameters  in  principle  affect  afterbody  drag. 

Then  the  definition  of  rear  end  drag  is  given  in  the  conventional  way  and  also  in  a  more  relative  manner 
approaching  the  physical  optimum.  Mention  is  made  of  the  necessity  of  adapting  the  experimental 
procedure  to  the  available  theoretical  methods  for  drag  prediction  during  the  early  phase  of  an  aircraft 
project. 


For  configurations  with  single  and  twin  engines  installed  in  the  rear  end  of  the  fuselage 
wind  tunnel  teat  results  for  various  nozzle  concepts  are  presented  and  discussed.  The  geometric 
variations  in  these  tests  comprise  boattail  angle,  size  and  location  of  the  base,  nozzle  interfairings  and 
engine  spacing.  The  lecture  describes  in  particular  how,  through  the  proper  consideration  of  these 
geometric  parameters  in  nozz.e/airframe  integration,  the  additional  afterbody  drag  can  be  drastically 
reduced  in  the  transonic  flight  regime. 

Finally,  it  is  shown  that  integrating  the  nozzle  into  the  airframe  requires  careful 
optimizing  of  usually  conflicting  parameters:-  depending  on  the  missions  of  the  aircraft  other  factors, 
e.  g.  nozzle  weight  may  take  precedence  over  purely  aerodynamic  considerations. 


LIST  OF  SYMBOLS 


A 

Area  (for  twin  configuration:  2  nozzles) 

qo 

Free  stream  dynamic  pressure 

c_. 

Drag  coefficient,  referred  to  maximum 

Radius  of  boattail  contour 

D 

fuselage  cross  section  area,  unless 

R 

otherwise  noticed 

Re 

Reynolds  number 

Acd 

Incremental  drag  coefficient  (over  ref.) 

s 

Nozzle  (engine)  spacing 

Cf 

Friction  coefficient 

T 

o 

Free  stream  static  temperature 

CF 

F-D 

Thrust  minus  drag  coefficient  — — 

F  j 

T 

s 

Structure  temperature 

Acf 

Difference  in  c_  between  ref.  -  model 

F 

Tt 

Total  temperature 

CN 

c 

Normal  force  coefficient  (tail) 

w 

Weight 

P  -  p 

Pressure  coefficient  — -°c^1 - — 

X 

Axial  distance  downstream  of  max. 
fuselage  cross  section 

P 

% 

« 

X 

Axial  distance  downstream  of  cylinder/ 

d 

Diameter 

boattail- juncture 

D 

Drag 

X 

Axial  distance  downstream  of  nozzle  exit 

AD 

Incremental  drag  (due  to  jet  and  nozzle) 

F 

Measured  thrust 

AF 

Thrust  difference  tunnel  on  -  tunnel  off 

a 

Nozzle  divergence  half  angle 

Fi 

Isentropic,  fully  expanded  thrust 

a 

Boattail  angle 

1 

Length  from  max.  fuselage  cross  section 

6 

Boundary  layer  thickness 

L 

Total  fuselage  length 

6* 

Boundary  layer  displacement  thickness 

M 

Free  stream  Mach  number 

6. 

Nozzle  convergence  angle 

X 

Ratio  of  specific  heats 

p 

O 

Free  stream  static  pressure 

pt 

Total  pressure 
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INDICES 

AB  Afterbody 

BE  Back  end  (without  nozzle) 

FB  Fore  body 

F  Ft-iring 

INT  Interference 
N  Nozzle 

RF  Reference 

Ref  Reference 

T.  off  Tunnel  off 

a/c  Aircraft 

b  Base  (with  c^:  base  pressure  drag) 


0  Boattail  (with  Cjj:  boattail  pressure  drag) 

b,  ann  Annrlar  nozzle  base 
e  Exit 

equ  Equivalent  axisymmetric  body 

f  Friction 

j  Jet 

max  Maximum  fuselage  crosr  section 
p  Pressure 

s  Sting 

t  Throat 

wet  Wetted 


1.  INTRODUCTION 

Several  years  ago  a  trend  towards  aircraft  purely  optimized  for  supersonic  flight 
became  evident.  More  recently  an  increasingly  wide  operational  spectrum  is  required  whereby  the 
high  subsonic  and  transonic  flight  re_  •  t,  with  their  additional  problems,  are  challenging  the 
dominant  position  of  this  supersonic  development.  This  alteration  has  sprung  from  new  aerodynamic 
and  design  concepts  in  the  field  of  airframe  and  engine  research. 

Today  it  is  generally  accepted  that  engine  and  airframe  manufacturers  cannot  develop 
their  products  separately  and  that  incompatibilities  and  reciprocal  disturbances  must  be  simulated  and 
investigated  for  all  conceivable  operating  conditions.  But  nevertheless  frequent  setbacks  occurred 
because  either  these  incompatibilities  were  not  sufficiently  taken  into  account  or  because  hitherto 
unknown  effects  became  of  decisive  importance.  This  lecture  deals  with  those  interference  effects 
arising  in  connection  with  nozzle  /airframe  integration,  with  the  emphasis  on  the  high  subeonic  flight 
regime. 

2.  JET/AIRFRAME  INTERFERENCE  EFFECTS 

A  propulsive  jet  issuing  from  an  afterbody  has  basically  two  effects  on  the  surrounding 
flow  field  and  therefore  on  the  aircraft:  firstly  the  jet  acts  like  a  solid  body  displacing  the  external  flow 
secondly  it  normally  entrains  mass  flow  from  the  external  stream.  In  subsonic  flight  there  may  be  a 
strong  upstream  influence.  The  jet  contour  affects  the  pressure  distribution  on  the  afterbody,  large 
changes  of  the  afterbody  shape  are  felt  by  the  forebody  and  the  jet  as  well  (upper  half  of  fig.  1).  A 
typical  flow  pattern  encountered  in  supersonic  flight  is  also  shown  (lower  half  of  fig.  1).  In  contrast  to 
the  subsonic  flight  condition  there  is  limited  upstream  influence,  since  any  disturbance  can  be 
propagated  upstream  only  th'.ough  the  subsonic  part  of  the  boundary  layer.  The  shock  system  within 
the  jet  will  continue  through  the  jet  boundary  and  may  impinge  on  nearby  aircraft  surfaces.  For 
aircraft  configurations  with  two  or  more  jets  the  mutual  interference  becomes  even  more  complex. 

Computation  methods  available  today  are  either  not  sufficiently  exact  or  fail  completely 
to  predict  the  complex  afterbody  flow  field.  This  is  particularly  true  in  subsonic  flow  incorporating 
boundary  layer  separation.  Therefore,  aircraft  development  relies  heavily  on  wind  tunnel  tests  with 
simulated  jets.  The  aim  of  such  tests  is  to  obtain  information  on  critical  areas  of  jet/airframe 
interference.  Depending  on  the  location  of  the  engine  in  the  airplane,  these  interference  effects  may 
be  more  pronounced  on  wing,  tails  and  afterbody.  Normally,  drag,  pitching  moment,  pressure  and 
temperature  loads  are  primarily  investigated  as  function  of  the  various  jet  parameters.  The  correct 
jet  simulation  requires  sophisticated  techniques  which  will  be  covered  in  detail  in  the  following  lecture 
by  Mr.  Jaarsma. 

The  interference  effects  on  wing,  tail  and  rear  fuselage  are  shown  in  the  following  three 
diagrams  (ref.  1):  Fig.  2  shows  the  force  coefficient  for  the  tail  normal.  With  high  tail  position  there 
is  no  jet  effect  present.  The  low  position  results  in  a  reduced  stability  and  a  change  in  pitching 
moment  for  jet  on/jet  off.  High  nozzle  pressure  ratios  cause  the  jet  to  attach  resulting  in  strong 
pressure  variations  along  the  boattail  associated  with  local  fluctuations  which  required  highly  damped 
structure  for  fatigue  reasons  (fig,  3).  Although  high- tempera  ture  material  was  used  for  the  boattail 
surface,  significant  secondary  air  flow  rates  had  to  be  provided  for  cooling  purposes.  Fig,  4  shows 
the  jet-induced  pressure  differences  between  upper  and  lower  surface.  At  supersonic  flight  Mach 
numbers  all  pressure  changes  occurred  on  the  lower  wing  surface  while  a  small  change  was  also 
noticed  on  the  upper  surface  during  subsonic  flight  speeds.  These  jet  interferences  introduced 
significant  changes  in  pitching  moment,  control  effectiveness,  drag  and  wing  loads. 
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3.  INTERRELATION  OF  FOREBODY-  AND  AFTERBODY  FORCES 

During  the  last  lew  year*,  intensive  investigation!  have  been  devoted  to  the  important 
field  of  jet  intsrference  on  the  rear  end  with  emphasis  being  on  thrust-minus -drag  optimization.  It  has 
become  common  practice  to  separate  the  forces  of  the  afterbody  from  those  on  the  forebody  in  most 
test  set-ups.  Fo.'  the  better  understanding  of  the  afterbody  drag  problem  it  is  useful  to  recall  some 
fundamental  interrelations  between  forebody  and  afterbody  with  respect  to  pressure  distribution  and 
forces  for  the  case  without  jet.  Fig.  5  shows,  in  the  left  half,  bodies  of  different  relative  thickness  in 
inviscid  flow:  though  the  total  axial  force  is  zero  the  "separating"  forces,  i.  e.  the  drag  on  forebody 
and  afterbody  respectively,  may  attain  large  values,  depending  on  their  relative  thickness.  When  the 
pressure  at  the  maximum  cross  section  reaches  ambient  pressure,  which  is  the  case  with  long  slender 
bodies,  the  separating  forces  disappear.  The  right  half  of  fig.  5  shows  the  influence  of  viscosity 
(boundary  layer}  on  afterbody  pressure  distribution.  Stronger  boattailing  reduces  the  amount  of 
recompression  and  thus  increases  afterbody  pressure  drag. 

Apart  from  friction  the  effects  of  boundary  layer  are  negligible  on  practical  forebodies. 
Only  for  long  bodies  are  the  pressure  changes  on  the  afterbody  not  felt  on  the  forebody,  from  which  it 
may  be  concluded  that  for  slender  bodies  the  rear  end  is  the  primary  source  of  pressure  drag.  When 
thick  fuselages  with  larger  variations  in  afterbody  shape  are  tested,  measurement  of  afterbody  forces 
alone  yields  wrong  results.  That  is,  by  developing  an  afteroody  of  optimum  shape  one  may  succeed 
only  in  transferring  the  problem  to  the  forward  end. 

4.  DEFINITION  OF  MAIN  PARAMETERS 

The  conventional  definition  of  afterbody  geometry  and  -drag  is  presented  in  fig.  6.  The 
afterbody  starts  from  the  maximum  cross  section  and  comprises  boattail  and  base.  The  total  afterbody 
pressure  drag  is  the  sum  of  CD(g  and  cp  These  two  drag  components  are  functions  of  the  parameters 
as  shown  in  the  figure.  The  number  of  parameters  gradually  increases,  going  from  an  axisymmetric 
body  without  jet  to  a  twin  jet  configuration.  Of  course,  there  are  still  additional  parameters  defining 
the  exact  lines  and  local  pressure-  and  temperature  profiles, up  to  now  considered  less  important. 

5.  AFTERBODY  DRAG  OF  AXISYMMETRIC  BODIES 

In  fig.  7  the  effect  of  jet  pressure  ratio  on  base-  and  boattail  drag  is  shown  for 
axisymmetric  bodies  with  various  base  sizes  and  given  maximum  cross  section,  jet  diameter,  boattail 
angle  and  with  a  convergent  nozzle  having  a  short  cylindrical  throe;.  Depending  on  base  size, 
increasing  jet  pressure  ratio  has  opposite  effects  on  pressure  drag:  for  small  base  areas,  increasing 
jet  pressure  ratio  produces  a  favorable  interference  in  contrast  to  the  large  bases.  This  applies  to 
base  and  boattail  drag  as  well:  at  higher  pressure  ratios  the  increasing  expansion  of  the  jet  causes  the 
external  and  internal  stream  to  meet  at  a  steeper  angle  resulting  in  an  increase  in  base-  (and  boattail-) 
pressure.  For  larger  bases  this  interaction  occurs  only  at  very  high  jet  pressure  ratios  beyond  those 
shown  in  the  diagram.  As  long  a*  the  external  and  internal  stream  do  not  impinge  on  each  other,  the 
aspirating  effect  of  both  flows  on  the  body  is  predominant.  With  jet  pressure  ratios  above  6  and  the 
smallest  base  the  jet  interference  results  in  a  negative  total  pressure  drag. 

Fig.  8  is  a  cross-plot  of  the  previous  diagram  at  a  jet  pressure  ratio  of  3,  0  and  shows  the  effect  of  base 
size  on  base -.boattail-  and  total  drag.  Although  there  exists  an  optimum  base  size  if  base  drag  alone  is 
considered,  the  total  afterbody  drag  increases  steadily  with  base  size.  As  a  consequence,  integrating 
the  nozzle  into  the  rear  fuselage, base  areas  should  be  avoided  for  moderate  pressure  ratios. 

6.  AIRPLANE  DRAG  ASSESSMENT 

So  far,  single  jet  installations  have  been  treated.  For  twin  jet  installations  ir.  the  rear 
fuselage  as  in  modern  fighter  airplanes,  fig.  9,  right  half,  the  assessment  of  drag  becomes  more 
difficult.  It  is  convenient  to  compare  the  twin  jet  configuration  with  an  ideal  single  jet  fuselage  of  same 
maximum  cross  section  and  equivalent  nozzle  size  (ref.  2),  however,  of  slender  boattail  lines  in  order 
to  avoid  possible  flow  separation.  This  reference  afterbody  has  nearly  zero  pressure  drag  and  is  so 
slender  that  it  cannot  house  an  afterburning  jet  pipe  (see  fig.  9,  left  side). 

The  reference  afterbody  gains  its  importance  by  the  fact  that  it  is  accessablo  to 
computation  and  thus  allows  the  proper  linking  of  experimental  afterbody  drag  data  with  theoretical.y 
computed  aircraft  drag  data.  This  procedure  is  depicted  in  the  left  half  of  fig.  10:  Number  (1)  on  top 
represents  the  aircraft  design,  the  fuselage  of  which  is  transferred  into  an  equivalent  body  of  same 
cross  section  distribution,  number  (2).  If,  however,  the  aircraft  afterbody  is  relatively  short  then 
number  (2)  is  extended  so  that  the  computation  method  need  not  account  for  separation.  The  profile 
drag  of  this  body  is  a  function  of  '  ds-numbtr,  Mach  number,  relative  thickness  and  wetted  surface 

and  can  easily  be  computed  by  st.  ard  methods.  Particularly  for  twin  engine  installations  the  wetted 
surface  may  be  larger  than  for  the  axisymmetric  body.  To  obtain  the  correct  friction  drag  for  the 
aircraft,  of  course,  this  larger  wetted  surface  has  to  be  used.  The  lack  of  reliable  afterbody  drag 
computation  methods  requires  special  afterbody  tests  shown  as  number  (3)  and  (4):  number  (3)  has  the 
same  afterbody  as  number  (2)  and  the  forebody  of  the  aircraft,  however,  reduced  in  length  in  order  to 
better  simulate  the  boundary  layer  thickness  over  the  afterbody.  Naturally,  this  is  a  compromise 
between  correct  simulation  of  boundary  layer  thickneis  and  potential  flow  field.  Ideally,  the  correct 


4.4 


forebody  line  should  be  duplicated  with  proper  boundary  layer  control.  Number  (4)  ha*  the  correct 
aircraft  afterbody  with  proper  jet  (imulation  and  with  the  *ame  forebody  a*  number  (3). 

The  difference  in  afterbody  plus  forebody  drag  between  (4)  and  (3)  yields  Acp,  which  is 
then  corrected  for  the  difference  in  friction  drag  between  the  same  models.  This  corrected Acq 
consists  of  the  incremental  pressure  drag  with  the  correct  jet  effect  and  the  change  in  thrust  due  to 
external  flow  affecting  the  jet.  To  obtain  total  airplane  drag,  the  corrected  Acp  is  added  besides 
other  drag  terms  to  the  computed  profile  drag  of  the  axisymmetric  body  (number  (2)). 

While  the  drag  assessment  method  described  above  is  mostly  applied  during  the  early 
phase  of  a  project  when  a  large  number  of  configurations  usually  has  to  be  considered,  a  different 
method  will  be  applied  later  in  the  project  definition  phase:  that  method  yields  airplane  drag  purely  by 
testing  and  is  shown  on  the  right  half  of  fig.  10:  number  (5)  shows  the  complete  aircraft  model, 
normally  mounted  by  a  rear  s*ing  via  an  internal  balance.  In  nearly  all  cases  the  afterbody  geometry 
has  to  be  modified  to  accomodate  the  sting.  Intake  and  nozzle  flow  is  generally  unrepresentative!'/ 
simulated  by  ram-air  flowing  through  the  ducts.  The  drag  results  obtained  from  the  complete  model 
must  be  corrected  for  the  effects  of  the  modified  afterbody,  the  sting  and  the  jet  interference.  These 
corrections  may  be  obtained  by  conducting  tests  with  afterbody  models  (6)  and  (7):  model  (6)  duplicates 
the  afterbody  of  the  complete  model,  number  (5),  and  has  a  dummy  sting.  Model  (7)  is  identical  to 
model  (4),  i.e  by  comparing  it  with  number  (6)  the  required  corrections  for  jet  effect,  effect  of 
external  flow  on  thrust,  effect  of  sting  and  modified  afterbody  geometry  are  obtained.  Adding  the  other 
drag  terms  in  the  upper  part  of  the  figure  yields  total  airplane  drag,  which  ideally  gives  the  same  value 
as  obtained  by  the  method  described  in  the  left  side  of  the  figure  (computation  plus  testing). 

An  aircraft  manufacturer  who  is  specialized  in  a  few  particular  types  of  engine 
installations  normally  has  accumulated  a  large  numbet  of  typical  afterbody  drag  test  data  which  enables 
him  to  look  into  many  configurations  to  find  the  optimum  aircraft  without  any  further  testing  (fig.  10, 
left  half).  Of  course,  there  are  tests  to  follow  later  for  the  purpose  of  confirmation,  increase  in 
accuracy  and  more  detailed  investigation  (fig.  10,  right  half). 

7.  EXHAUST  NOZZLES 

An  aircraft  with  supersonic  capabilities  normally  has  an  afterburning  engine.  Fig.  1 1 
shows  typical  jet  pressure  ratios  for  straight  jet-  and  bypass  engines  versus  flight  Mach  number,  the 
straight  jets  being  near  the  upper  limit  of  the  band.  Two  extreme  engine  operating  conditions  are 
shown:  for  cruise  in  the  subsonic  flight  regime  nozzle  pressure  ratio  is  low  requiring  little  or  no 
divergence.  For  maximum  acceleration,  i.e.  full  afterburning,  the  throat  area  is  increased  by  a 
factor  of  about  two  (depending  on  bypass  ratio).  The  required  nozzle  divergence  increases  gradually 
with  increasing  flight  speed  and  reaches  a  value  of  Ae/At«e  2,  6  at  nozzle  pressures  of  14.  Besides 
cruise  and  maximum  acceleration  all  intermediate  operating  conditions  are  possible  (military,  partial 
rebeat).  This  equires  in  the  ideal  case  a  fully  variable  nozzle  with  independent  variation  of  throat 
size  and  divergence.  In  many  practical  cases  more  simple  systems  with  either  purely  convergent 
nozzles  or  a  fixed  relation  in  throat-to-divergence  are  chosen  as  a  compromise. 

On  fig.  12  typical  nozzle  concepts  are  depicted. 

Short  convergent  nozzle:  This  concept  represents  a  mechanically  simple  lightweight 
nozzle.  The  major  disadvantage  from  the  aerodynamic  point  of  view  is  the  larger  base  in  the  closed 
position. 

Iris-nozzle.  With  the  mechanically  more  complex  iris  nozzle  annular  bases  are  avoided 
in  all  positions.  A*  with  the  short  convergent  nozzle,  large  thrust  losses  occur  at  high  pressure  ratios 
since  no  divergence  is  provided. 

Plui-nozzle.  The  necessary  variation  in  throat  area  is  accomplished  by  variation  of  the 
plug  position  or  -geometry.  As  a  consequence,  a  fixed  lightweight  shroud  can  be  used.  Large  cooling 
air  flows,  however,  are  necessary  for  reheat  operation. 

The  con-di  iris  nozzle  provide*  some  divergence  in  the  reheat  position.  The  variation 
in  throat  size  and  in  divergence  is  coupled.  Thu*  the  con-di  iris  is  a  compromise  between  the  simple 
iris  and  a  fully  variable  con-di  nozzle. 

The  simple  ejector  is  a  frequently  chosen  nozzle  concept.  Primary  and  secondary  flaps 
are  mechanically  linked.  Relatively  large  secondary  airflows  are  required  associated  with  drag  penalties. 

Fully  variable  ejector.  This  design  yield*  near-optimum  aerodynamic  performance: 
throat  area  and  divergence  are  independently  variable,  the  required  second?~y  mass  flow*  can  be  kept 
low.  Heigh  weights  and  complex  design  are  associated  with  this  nozzle  concept. 

The  isentroplc  ramp  is  difficult  to  adapt  to  varying  operating  conditions,  which  normally 
results  in  undesirable  changes  in  pitching  moment. 

Blow-in-door  ejector.  This  nozzle  concept  provides  similar  good  performance  as  the 
ordinary  ejector  in  the  reheat  position.  In  the  closed  position,  large  quantities  of  tertiary  air  are  taken 
aboard  through  spring  loaded  flaps  in  order  to  fill  the  large  annular  base  of  the  short  primary  nozzle. 
Large  quantities  of  air,  however,  require  careful  handling  in  order  to  avoid  losses  in  the  sharp  turnings 
of  the  secondary  and  tertiary  flow  passages.  Especially  this  nozzle  represents  a  highly  integrated 
concept  with  respect  to  merging  of  internal  and  external  flows.  Peripheral  non-uniformities  (blockage) 
of  the  external  flow  may  cause  unfavorable  interferences,  which  is  particularly  true  with  closely  spaced 
twin  jet  installations. 
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8.  AFTERBODY  DRAG  TEST  RIGS 


Inflight  performance  of  the  different  nozzle  concepts  need  to  be  tested  in  the  surrounding 
flow  field,  which  requires  duplicating  the  aircraft  lines  at  least  to  some  extent.  In  the  past,  various 
afterbody  drag  test  rigs  have  been  developed  by  different  groups.  In  fig.  13  some  of  these  facilities  are 
shown.  The  test  rigs  A,  B,  C  and  D  measure  thrust-minus-drag.  Only  with  system  A  the  drag  of  the 
forebody  and  strut  is  also  on  the  balance.  As  may  be  seen  from  the  equations  on  fig.  9  drag  is  obtained 
by  subtracting  the  static  gross  thrust  from  the  thrust-minus-drag  term.  In  addition  to  the  thrust- 
minus-drag  measurement,  system  E  determines  the  drag  of  the  afterbody  shell  separately.  Nozzle 
drag  ia  included  in  the  thrust-minus-drag  term.  System  F  measures  forebody  and  afterbody  drag 
separately  in  order  to  resolve  possible  changes  of  forebody  drag  caused  by  larger  changes  in  afterbody 
geometry.  So  far,  thrust  is  not  measured  but  envisaged  for  a  later  development  phase. 


9.  MAGNITUDE  OF  AFTERBODY  DRAG 

Fig.  14  shows  the  large  number  of  models  tested  within  a  period  of  five  years  in  order  to 
develop  the  optimum  afterbody  for  a  twin-jet  fighter  aircraft.  Most  of  these  tests  relate  to  a  joint 
US/FRG  program  conducted  in  close  cooperation  between  Messerschmitt-Bblkow-Blohm  (MBB)  and 
Boeing.  Later  some  of  the  tested  models  were  transferred  to  Pratt  tc  Whitney  and  General  Electric  for 
comparative  tests  in  the  wind  tunnel  facilities  in  Hartford  and  San  Diego  respectively.  Similar 
development  work  was  done  for  different  projects  by  others.  Presented  is  the  total  airplane  drag 
divided  by  the  drag  of  the  total  airplane  with  an  idea’  afterbody.  The  ideal  afterbody  here  again  is  that 
described  in  fig.  9  and  10.  The  worst  afterbody  tested  in  the  various  test  series  had  an  additional  drag 
as  high  as  45  %  of  the  total  airplane  drag.  Nearly  all  of  the  models  were  twin  jet  installations.  Large 
reductions  of  this  additional  drag  are  possible,  the  best  coming  very  close  to  the  ideal.  Although  soon 
after  the  early  test  series  it  became  evident  how  a  low. drag  installation  should  basically  look  like, 
nevertheless  in  later  test  series  configurations  with  high  drag  levels  were  tested.  This  was  necessary 
in  order  to  optimize  on  afterbody  not  only  from  the  aerodynamic  point  of  view  but  also  from  other 
considerations  like  weight,  length,  etc.  These  tests  were  conducted  in  different  test  facilities  as  shown 
in  the  previous  figure.  In  some  of  the  test  facilities  identical  models  were  tested,  yielding  the  same 
trends.  The  quintessential  features  of  the  experience  obtained  from  the  large  number  of  investigations 
for  optimum  nozzle -airframe  integration  will  be  presented  in  the  following  diagrams. 

10.  AFTERBODY  DRAG  TEST  RESULTS 
10.  1  Investigated  Geometric  Parameters 

Out  of  the  many  test  series  those  parameters  which  had  the  greatest  influence  on  after¬ 
body  drag  are  listed  in  fig,  15. 

o  Nozzle  types:  the  various  nozzle  concepts  are  explained  in  fig.  12  and  16. 

o  Boattail  angle:  the  boattail  angle  representing  the  most  critical  parameter  regarding  flow  separation 
was  varied  from  10°  to  20°. 

o  Base  area:  size  and  relative  axial  location  of  bases  were  investigated  together  with  various  nozzle 
concepts. 

o  Nozzle  spacing:  nozzle  spacing  was  varied  from"extra  narrow" to"extra  wide"  corresponding  to 
values  of  s/d^  from  zero(double-D)  to  4,7. 

o  Interfairing  length:  especially  for  narrow  engine  spacing*,  flow  separation  (effective  bases)  cannot 
be  avoided  except  by  extending  fuselage  portions  by  various  am.unt*  downstream  of  the  nozzle  exit 
plane. 

o  Excrescences:  when  integrating  the  nozzle  into  the  rear  of  the  fuselage  in  practice  many  concessions 
from  the  aerodynamic  side  have  to  be  made  for  installations  like  tailplane  actuator,  thrust  reverser, 
levers  etc.  Those  "excrescences"  can  be  very  detrimental  m  a  flow  field  liable  to  separation. 

lit.  16  shows  details  of  some  nozzle-  and  fairing  types  on  the  models  ac  tested  in  the  wind  tunnel. 
Starting  from  the  simple  short  convergent  nozzle,  complexity  gradually  increases  when  proceeding  to 
the  complicated  D-shape  nozzle  with  its  minimum  engine  spacing.  O.i  the  right  half  of  the  figure  the 
reduction  of  base  areas  by  various  types  of  interfairings  is  given. 

10.  2  Effect  of  Nozzle  Type 

The  same  nozzle  concepts,  in  some  cases  even  identical  models,  have  been  tested  in  four 
different  test  facilities  (fig.  17.  reheat-off).  Fairly  good  agreement  has  been  achieved  for  the  short 
convergent  nozzle.  Tke  incremental  afterbody  drag  is  about  Acp«0,  04  which  is  explained  by  the  large 
annular  bases.  In  contrast,  the  blow-in-door  ejector  gives  a  larger  scatter  m  drag.  The  lowest  value 
corresponds  to  an  idealized  blow-in-door  ejector  with  a  low-drag  primary  nozzle  and  with  minimum 
blockage  in  the  tertiary  flow  passages.  The  following  nozzle  concepts  have  lower  drag  levels.  Two 
drag  levels  are  given  for  the  iris  nozzle,  the  lower  value  corresponding  to  a  low  boattail  angle  of  less 
than  15  .  The  higher  levels  were  obtained  for  larger  boattail  angles.  A  similar  influence  of  boattail 
angle  was  experienced  for  the  fully  variable  ejector. 
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It  ahould  be  noted  that  tome  scatter  is  to  be  expected  due  to  the  fact  that  different  wind 
tunnels  with  entirely  different  test  rigs  were  used.  Also,  not  always  the  same  reference  model  served 
as  a  v.atum. 

10.  3  Effect  of  Boattail  Angle 

In  fig,  18  the  incremental  drag  over  the  drag  of  the  single  jet  reference  model  is  shown 
as  function  uf  boattail  angle  for  a  twin  engine  installation.  The  presence  of  the  interfairing  reduces 
drag  by  a  larger  amount  than  by  reducing  the  boattail  angle  from  20°  to  10°.  Optimum  boattail  angles 
lie  between  10°  and  12°.  Still  lower  boattail  angles  would  result  in  an  increase  of  drag  due  to  greater 
friction.  The  interfairing  was  of  the  type  FG-3  described  in  chapter  10.6. 

10.  4  Effect  of  Base  Area 

In  the  wind  tunnel  test  the  largest  changes  in  drag  occurred  for  the  variation  in  base  size 
(fig.  19).  Geometric  bases  located  upstream  of  the  nozzle  exit  plane  normally  introduce  flow  separation, 
i.e.  additional  effective  bases  on  adjacent  surfaces,  resulting  in  very  high  incremental  drag  levels  of 
about  45  'It  of  total  airplane  drag.  The  beet  configuration  shown  on  the  bottom  of  this  figure  has  a  long 
interfairing  extending  downstream  of  the  nozzle  exit  plane.  The  additional  afterbody  drag  is  only  about 
4  It  of  the  airplane  total  drag.  Still  lower  values  of  about  2  It  were  achieved  with  a  more  slender 
boattail  of  10°  to  12°  (see  fig.  IS),  which  represents  the  optimum  configuration  from  drag  point  of  view. 
This  optimum  shape  was  found  after  the  completion  of  only  two  test  series.  This  quick  approach  is 
largely  attributed  to  the  comparative  method  of  the  idealized  single  jet  reference  model.  The  certainty 
of  being  close  to  the  physical  optimum  was  given  by  the  fact  'that  the  measured  drag  of  the  reference 
model  was  practically  equal  to  the  computed  friction  drag.  Also,  no  configuration  in  any  later  test 
experienced  lower  drag  than  the  reference  model.  The  wetted  surfaces  of  the  models  were  comparable, 
i.e.  equal  or  slightly  bigger  than  that  of  the  reference  model 

10.  5  Effect  of  Engine  Spacing 

Engine  spacing  is  one  of  the  key  parameters  which  define  the  lay-out  of  a  new  aircraft. 

Once  a  value  is  selected,  the  basic  shape  of  the  fuselage  can  be  changed  only  within  limits.  Thorough 
knowledge  of  the  associated  interference  effects  is  therefore  required  at  an  early  state.  In  reference 
3  these  interference  effects  have  been  studied  for  various  engine  spacing*  with  a  newly  defined  interference 
drag  (fig.  20):  This  interference  drag  is  the  sum  of 

a)  change  in  boattail  pressure  drag  AD  due  to  pretence  of  nozzle  and  jet 
relative  to  a  reference  end  cap 

b)  nozzle  drag  °N 

c)  change  in  engine  gross  thrust  AF  due  to  the  presence  of  the  external 
flow  fields. 

The  carpet  in  fig.  20  shows  this  interference  effect  for  various  nozzle  concepts  and  fuselage  types. 

F-l,  F-2  and  F-3  have  the  same  engine  spacing  but  decreasing  peripheral  blockage  (tail  booms). 

Fuselages  F -3.  F-4  and  F-5  had  zero  peripheral  blockage  but  increasing  engine  spacing.  The  carpet 
plot  shows  that  the  interference  drag  becomes  smaller  with  increasing  engine  spacing  (F-3  to  F-5). 
Considering  interference  drag  Djjjt  by  itself  could  lead  to  the  wrong  conclusion  that  the  widest  engine 
spacing  (F-5)  yields  the  optimum  fuselage  from  performance  point  of  view.  An  optimum  drag 
configuration  of  course  is  obtained  by  minimizing  total  drag  (Dgg  +  Dj^-p). 

Taking  the  values  from  the  carpet  and  adding  »ha  backend  drag  Dgp  the  next  diagram 
(fig.  21)  is  obtained.  In  addition,  similar  engine  spacing  tests,  conducted  by  Boeing  for  MBB  in  the  Boeing 
test  facilities,  have  been  added  in  the  lower  part  of  the  figure  (ref.  4  and  5).  In  this  type  of  diagram  the 
minimum  drag  is  shown  for  engine  spacing*  as  close  as  about  s/^e  =  2.  5.  For  smaller  engine  spacings 
MBB  tests  show  a  steady  drag  rise  down  to  an  engine  spacing  of  1,5.  For  still  smaller  spacings  the 
drag  levels  off  to  a  value  of  about  0,  01  at  zero  engine  spacing.  The  dotted  lines  for  these  extremely 
narrow  spacings  indicate  that  jet  pipes  and  the  iris  nozzles  are  squeezed  together,  to  form  the  double-D 
concept  fur  zero  spacing. 

In  these  Grumman  tests  no  results  are  given  for  engine  spacings  lower  than  about  2,7. 

For  higher  engine  spacings  both,  MBB  and  Grumman  tests  show  a  clear  drag  rise.  In  the  Grumman 
tests  the  maximum  fuselage  cross  section  had  to  be  increased  when  engine  spacing  was  increased. 
Referring  the  drag  to  the  actual  maximum  cross  section  yields  the  dotted  lines.  For  optimization 
purposes,  however,  drag  should  rather  be  referred  to  the  same  reference  area  (solid  lines).  Here, 
in  contrast  to  the  MBB  tests,  forebody  drag  was  not  measured.  Depending  on  relative  thickness,  this 
drag  is  different  (see  also  fig.  5).  Taking  this  effect  into  account  the  drag  data  for  engine  spacing*  of 
4,  7  should  be  slightly  reduced. 

10.  6  Effect  of  Interfairing 

A*  discussed  already  in  chapter  10.4  large  bases  cause  high  drag  levels.  The  interfairing 
represents  a  proper  means  to  avoid  such  base  drags.  Fig.  22  shows  these  reductions  for  two  different 
engine  spacings  (ref.  4  and  5).  FG-1  had  a  base  upstream  of  the  nozzle  exit  of  constant  length  Ip.  With 
FG-2  the  base  was  always  located  in  the  nozzle  exit  plane  (lp  =  1AB).  FG-3  and  FG-4  were  protruding 
downstream  of  the  nozzle  enit  plane.  With  decreasing  boattail  angle  &  the  length  of  these  fairings  (lp) 
increases  mors  quickly  than  the  length  of  the  afterbody  (lj^g).  The  diagram  for  an  engine  spacing  of  2.  69 
gives  the  minimum  drag  with  a  relatively  long  interfairing  of  IfAab  =  1.  2. 
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In  reference  3  the  effect  of  interfairing  was  investigated  in  a  (lightly  different  way  (fig.  23): 
Here,  base  areas  were  kept  constant  for  various  fairing  lengths.  This  diagram  shows  again  that  base 
areas  should  be  avoided  or  at  least  not  be  located  upstream  of  the  nozzle  exit  plane. 

10.7  Comparison  Tr  nionic/Supersonic 

In  orde.  to  compare  transonic  with  supersonic  afterbody  drag  in  fig.  24,  tho  results  are 
presented  ae  Acj.,  which  is  roughly  the  incremental  drag  referred  to  ideal  gross  thrust.  While  in  the 
transonic  regime  all  models  of  one  test  series  had  Acp-values  within  the  wide  band,  in  the  supersonic 
range  the  same  models  had  much  lower  drag  levels  with  a  A  cj>  below  0,  03.  This  is  explained  by  tko 
fact  that  the  nozzles  here  were  in  the  maximum  reheat  position:  the  ideal  gross  thrust  is  considerably 
higher  and  the  projected  areas  of  boattail  and  base  are  reduced  due  to  the  large.*  exit  diameter  of  the 
matched  convergent/divergent  nozzles.  The  only  model  with  a  simple  convergent  nozzle  ("conv.  cusp") 
experienced  a  higher  AcF>  This  is  explained  by  the  relatively  high  thrust  losses  of  the  convergent 
nozzle  at  high  jet  pressure  ratios  (=  10,  0  at  M0  =  1,  9).  Subtracting  those  losses  from  the  Acp*  of  the 
"conv.  cusp"  yields  a  negative  value,  which  will  be  explained  as  post  exit  thrust  in  the  next  two  figures. 

10.  8  Post  Exit  Thrust 

If  a  jet  cannot  fully  expand  inside  a  nozzle,  it  does  so  immediately  downstream  of  the 
nozzle  exit  plane.  Thereby  the  outer  flow  field  is  displaced  which  in  turn  causes  the  pressures  on  the 
outer  surface  to  rise.  Increasing  jet  pressure  ratios  cause  the  terminal  shock  to  move  forward  with  a 
separated  region  downstream.  Thus,  the  boattail  pressure  drag  is  reduced.  Fig.  25  illustrates  this 
interference  effect  in  a  supersonic  stream  for  a  conical  afterbody  having  a  5,  6“  cone  half  angle  and  a 
convergent  nozzle:  the  higher  the  jet  pressure  ratio  the  higher  the  pressure  coefficients  on  the  boattail. 
This  effect  sometimes  is  referred  to  as  "post  exit  thrust"  indicating  that  some  of  the  "lost"  pressure 
energy  is  regained  by  the  reduction  in  afterbody  drag  (ref.  6). 

At  supersonic  flight  speeds  the  jet  pressure  ratio  of  a  turbo  engine  normally  is  high 
enough  to  require  a  convergent/divergent  nozzle.  If,  however,  subsonic  cruise  is  the  most  important 
mission,  the  question  arises  whether  or  not  the  weight  and  complexity  of  a  convergent/divergent  nozzle 
is  justified.  Fig,  26  tries  to  answer  this  question  for  the  aerodynamic  side  and  in  principle  only  (X  =  1 , 4), 
using  the  data  from  reference  6:  the  upper  bar  gives  the  afterbody  drag  of  a  convergent  nozzle  with  a 
small  base  and  the  jet  off.  The  second  bar  shows  the  reduction  in  afterbody  drag  due  to  the  presence  of 
a  highly  underexpanded  jet  ("jet  effect",  jet  pressure  ratio  =  10):  the  boattail  drag  is  reduced  and  the 
base  drag  becomes  base  thrust.  The  thrust  loss  due  to  the  undere:.panded  jet,  however,  ic  quite  large 
and  amounts  to  about  7  %  of  the  ideal  gross  thrust.  The  lowest  bar  gives  the  performance  of  the  matched 
convergent/divergent  nozzle  with  zero  base:  the  base  drag  and  the  thrust  losses,  of  course,  are  zero. 
Here,  the  boattail  drag  is  somewhat  higher  than  for  the  convergent  nozzle  with  the  underexpanded  jet 
(middle  bar).  Comparing  the  middle  and  the  lowest  bar,  gives  the  net  difference  in  propulsive  force 
divided  by  gross  thrust,  i.e.  about  6,7  % .  Regarding  aerodynamic  aspects  only,  the  conclusions  to  be 
drawn  from  the  above  statements  are  that  for  optimum  supersonic  performance  a  (near)  fully  expanded 
nozzle  is  required  since  the  gain  in  afterbody  drag  reduction  cannot  make  up  for  the  thrust  losses  of  an 
underexpanded  nozzle.  In  this  comparison  different  base  sizes  were  chosen:  zero  base  for  the  con-di 
nozzle  and  a  small  base  with  a  ratio  d^/de  =  1,25  for  the  convergent  nozzle.  This  is  the  optimum 
geometry  for  each  nozzle  type  according  to  reference  6. 

11.  VARIABLE  GEOMETRY 

As  shown  above,  a  twin  jet  afterbody  requires  small  boattail  angles  and  slender  inter¬ 
fairings  between  the  nozzles.  Depending  on  engine  spacing  these  fairings  may  have  to  extend  downstteam 
of  the  nozzle  exit  plane.  For  the  optimum  engine  spacing*  of  about  2,  5  these  extensions  are  as  long  as 
about  two  nozzle  diameters  (reheat  off).  In  fig.  27  such  a  fairing  is  shown  in  combination  with  iris  nozzles 
in  the  reheat  off  and  maximum  reheat  position.  In  the  rehert  condition  parts  of  the  interfairing  have  to 
be  retracted  or  folded  away  to  give  room  for  the  thicker  jet.  The  diagram  shows  one  of  the  many 
layouts  investigated  for  such  a  folding  mechanism.  The  temperature  and  pressure  loads  of  course  are 
the  particular  problems  with  such  a  part  of  airframe  structure. 

12.  DRAG/WEIGHT  TRADE-OFF 

Sor  far  only  aerodynamic  drag  of  the  afterbody  optimization  was  considered.  A  complete 
trade-off  study,  however,  requires  taking  into  account  a  great  number  of  additional  aspects  like  weight, 
complexity,  development  risk,  reliability,  infrared  suppression,  acoustics  etc.  To  a  great  extent  the 
main  missions  of  the  aircraft  determine  how  strongly  these  parameters  are  to  be  weighted.  For  short 
range  missions  and  high  energy  manoeuvrability  requirements, reduction  in  structural  weight  is  more 
important  than  reduction  in  drag.  For  long  range  missions,  however,  drag  usually  is  the  most 
important  parameter.  Fig,  28  shows  how  changes  in  nozzle  weight  and  changes  in  drag  affect  total 
airplane  weight.  A  weight  growth  factor  of  3, 1  has  been  used  for  this  diagram.  As  an  example  two 
nozzle  concepts  are  compared:  although  nozzle  B  is  about  (0,  5  +  0,1)%  heavier  than  nozzle  A,  the 
overall  airplane  weight  is  about  1,5%  reduced,  due  to  the  lover  drag  of  nozzle  B.  The  carpet  diagram 
is,  of  course,  just  an  example  and  may  be  largely  different  for  other  missions  or  other  aircraft. 
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13.  CONCLUDING  REMARKS 

Teat  reaulta  presented  in  this  lecture  were  obtained  from  facilities  in  which  the  correct 
simulation  of  jet  temperature,  potential  flow  field  and  external  boundary  layer  had  to  be  compromised. 
Further  development  of  afterbody  test  rigs  should  try  to  eliminate  these  shortcomings. 

It  has  been  shown  that  airplane  drag  can  be  considerably  reduced  by  providing  an  after¬ 
body  of  optimum  shape.  For  afterburning  engines  this  may  require  the  provision  of  variable  geometry 
with  all  its  associated  problems  of  integration  into  the  airframe. 
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Fig.  2  Jet  effect  on  tail  norma'; 
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Fig.  5  Contribution  of  forebody  and  afterbody  drag  to  total  drag 


Fig.  6  Main  parameters  affecting  afterbody  drag 


Fig.  7  Effect  of  jet  pressure  ratio  on  boattail-,  base-  and  total  pressure  drag 


Fig.  8  Effect  of  base  size  on  boattail-,  base-  and  total  pressure  drag 
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Fig.  9  Comparison  of  typical  twin  jet  installation  with  single  jet  reference  model 
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Fig.  11  Required  variation  of  nozzle  geometry 
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Fig.  14  Magnitude  of  afterbody  drag 
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Fig.  15  Investigated  geometric  parameters 
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Fig.  21  Optimization  of  engine  spacing  from  two  different  investigations 


Fig.  23  Effect  of  interfairing  length  on  drag  for  constant  base  areas 
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EXPERIMENTAL  DETERMINATION  OP  NOZZLE  CHARACTERISTICS  AND  NOZZLE  AIRFRAME  INTERFERENCE 

by 

r.  Jetarsaa 

National  Aerospace  Laboratory  NLR 
Sloterweg  145"Amaterdam  (17) 

The  Nethei  lane's 

SUMMARY 

First  an  outline  is  given  under  which  circumstances  certain  jet  flow  and  nozzle  parameters 
should  be  simulated  in  the  wind  tunnel  for  boih  installed  thrust  and  drag  determination.  The  ciroumstauces 
relate  to  the  flight  regimes,  nozzle  types  end  engine  installation  configurations  (integrated  or  podded). 
Next  the  technical  requirements  for  the  wind  tunnel  and  the  model  are  given  ar.d  the  difficulties  in  ful¬ 
filling  these  requirements  are  discussed.  The  techniques  and  soheaes  ac  used  by  the  various  groups  m  the 
ACARD  countries  is  reviewed  and  a  disoussion  Is  mads  how  these  techniques  meet  the  requirements.  Some 
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LIST  OP  SYMBOLS 


a 

speed  of  sound 

A  (S) 

area 

c 

n 

specific  heat  at  constant  pressure 

°V 

speoifio  heat  at  constant  volume 

CA 

area  coefficient 

Cd 

discharge  coefficients 

CD 

drag  coefficient 

CL 

lift  coefficient 

CM 

pitching  moment  coefficient 

C 

pressure  coefficient 

y 

c. 

thrust  coefficient 

c 

v 

velocity  coefficient 

D 

drag  or  diameter 

d 

diameter 

F 

measured,  actual  thrust 

PN 

net  thrust 

h 

throat  radius 

L 

length 

m 

mass  flow 

M 

Mach  number 

n 

jet  mixing  ratio  (mass) 

P 

pressure 

r 

radius 

R 

gas  constant 

Re 

Reynolds  number 

S° 

1 

entropy  of  species  i 

T 

temperature 

V 

velocity 

X 

axial  coordinate 

xi 

mole  fraction  of  species  i 

sid 

ideal,  isentropic  thrust 

y 

radial  coordinate 

a 

angle  of  incidence 

P 

angle  of  yaw  or  boattail  angle 

V 

ratio  of  specific  heats,  isentropio  exponent 

6 

boundary  layer  thickness 

P 

density 

e 

tangential  coordinate 

4 

viscosity 

SUBSCRIPTS 

A3 

afterbody  s 

secondary 

b 

base  st 

static 

(5 

boattail  t 

total,  reservour 

conditions 

ex 

exhaust 

00 

undisturbed  infinity 

e 

gross 

i 

enterirg  fluid  * 

at  throat 

inst 

installed 

int 

interference 

0 

jet 

L 

local 

m 

model 

n 

nor.zle 

P 

primary 

ref 

reference 
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1.  INTRODUCTION 

Once  the  airframe  manufacturer  has  chosen  an  engine  for  his  aircraft  design  he  is  in  fact  free 
to  choose  the  nozzle  system  best  suitable  for  the  required  mission.  He  can  make  a  choice  between  ejector 
nozzlest  variable  flap  ejector  nozzles,  blow-m-door  ejector  nozzles,  iris  nozzles,  plug  nozzles,  short 
convergent  nozzles  or  two  dimensional  variable  throat  nozzles.  In  this  looture  no  emphasis  will  be  given 
to  the  relative  performance  and  short  comings  of  various  nozzle  designs  and  installations  under  certain 
conditions.  These  aspects  will  be  treated  in  the  lecture  by  Hr.  Aulehla.  Here  the  attention  will  be  focuse¬ 
s'  on  the  methods  used  to  predict  the  nozzle  performance  from  wind  tunnel  measurements  and  the  methods 
used  to  determine  jet  interference  effects  at  transonic  and  supersonic  speeds.  This  review  will  closely 
follow  the  information  that  has  been  gathered  from  a  recent  AGARD  ad-hoo  study  and  is  reported  in  refer¬ 
ence  1.  Summaries  of  this  study  are  given  in  references  2  -  4. 

As  indicated  in  figure  1  the  oomplete  or  aeroforce  model  tests  are  completed  by  a  special 
afterbody  and  jet  interference  tests  in  the  wind  tunnel  as  is  done  with  special  inlet  models.  If  optimum 
nozzle-afterbody  matching  is  not  achieved  a  considerable  penalty  on  aircraft  performance  nay  resul£,  as 
has  been  the  case  in  many  instances  in  the  past.  The  actual  afterbody  drag,  may  be  as  large  as  20  °/o  to 
40  °/o  of  the  complete  aircraft  drag  (Ref.  5) •  Therefore  most  attention  of  afterbody-nozzle  testa 
particularly  at  transonio  speeds  concerns  the  nozzle  gross  thrust  minus  the  nozzle  and  afterbody  drag.  The 
flight  conditions  to  which  the  aircraft  can  be  subjected  to  and  which  should  be  tested  tranaonically  are 
(a)  cruise,  (b)  transonic  acceleration,  (c)  transonic  deceleration,  and  (d)  high-g  manoeuvre.  These 
conditions  yield  various  values  to  the  nozzle  area  ratio,  tenqierature  ratio  and  pressure  ratio.  Figure  2 
gives  typical  exhaust  conditions  at  transonic  speedsi  other  engines  give  different  envelopes. 

At  aupereonio  speeds  the  drag  penalties  are  usually  less,  but  at  supersonic  cruise  conditions 
the  overall  aircraft  drag  is  very  critical  for  flight  eoonomic  reasons  hence  yielding  a  strong  require¬ 
ment  for  accurate  drag  assessment. 

As  indicated  before  a  large  variety  of  nozzle  systems  exists  now-a-days,  each  having  its 
particular  features.  Figure  3  gives  a  survey  of  various  designs,  since  in  thic  lecture  referenoe  will  be 
made  many  times  to  a  particular  nozzle  system.  The  fixed  convergent  nozzle  is  used  with  airplanes  for  sub¬ 
sonic  flight,  only  without  thrubt  augmentation  by  afterburning,  such  as  with  civil  transports.  Early  jet 
fighter  aircraft  placed  heavy  emphasis  on  ejeotor  nozzles.  Turbojets  needed  a  flow  of  seoondary  cooling 
air  which  could  be  obtained  from  the  ejector  action  of  the  primary  jet.  This  is  still  true  for  turbojet 
engines  for  supersonic  transports.  A  later  development  was  the  introduction  of  extra  tertiary  air  intakes 
at  the  nozzle  location.  These  blow-in-door  ejector  nozzle  gave  performance  guinea  at  transonic  flight. 

The  introduction  of  the  fan  and  bypass  engines  made  the  nozzle  design  easier  with  respect  to  oooling 
since  sufficient  cooling  air  from  the  fan  at  the  same  pressure  ratio  as  the  turbine  flow,  came  available 
which  can  be  ducted  to  the  nozzle,  making  the  other  nozzle  designs  possible.  However  for  optimum  use,  the 
fan  engines  ask  for  larger  nozzle  area  variations  with  afterburning.  Hence,  in  the  past  literature  most 
attention  was  paid  to  the  ejector  nozzle  installation  requiring  secondary  flows,  whereas  in  the  recent 
literature  more  experiments  are  described  concerning  the  other  nozzle  systems,  particularly  the  iris  and 
plug  nozzles.  Further  information  on  nozzles  can  be  found  in  references  5-8  for  example. 

In  this  lecture  the  jet  parameters  will  be  briefly  described  and  it  will  be  indicated  as  far 
as  possible  when  these  parameters  should  be  simulated  in  the  wind  tunnel,  further  the  various  testing 
schemes  and  techniques  as  used  will  ne  described  both  for  the  thrust-drag  assessment  and  other  jet  inter¬ 
ference  problems. 

In  reference  1  an  extensive  bibliography  on  jet  interference  testing  is  given.  That  biblio¬ 
graphy  follows  a  convenient  nozzle  parameter  code  and  may  therefor  be  of  assistance  in  establishing  wind 
tunnel  program  for  the  various  speed  regimes. 

2.  ACCURACY 

The  required  accuracy  of  determination  of  the  thrust  should  he  compatible  with  the  acouraoy 
of  measurement  of  the  drag  (i.e.  the  net  thrust)  of  the  basic  airframe.  Henoe,  the  acouraoy  required  for 
the  gross  thrust  measurement  depends  on  the  ratio  of  the  net  to  gre  i  thrust,  whioh  in  general  will  he  a 
function  of  the  engine  bypass  ratio.  The  following  set  of  values  can  be  regarded  as  typioal  as  obtainable 


from  wind  tunnel  testa. 

Subsonic  transport 

Fighters 

Supersonic  transport 

Cruise 

0,023 

0,030 

0,016 

Overall  accuracy  of  cruise  drag  * 

+  0,0001 

+  0,0003 

+  0,0005 

Q  .  It  M  II  It  II 

/° 

I  0,45 

I  1,0 

I  0,3 

Avera*e  F,o.ga-thru8t 

Average  n#t  thpu,t 

3 

2,5 

2,5 

Required  °/o  gross  thrust  accuracy 

i  0,15 

+  0,4 

+  0,12 

This  survey  shows  that  overall  accuracy  of  better  than  +  l/2  °/o  of  the  cruise  or  oritioal 
transonic  gross  thrust  value  is  desired.  Achievable  accuracy  is  difficult  to  assess  beoause  overall 
accuracy  includes  the  combination  of  many  instruments  suoh  as  foroe  balances,  pressure  transducers, 
thermocouples  and  mass  flow  meters,  in  addition  to  wind  tunnel  speed  and  model  attitude  indicators.  Each 
model  test  apparatus  presents  individual  problems  in  sizing,  restricted  internal  space,  pressure  tares, 
metric  break  seal  restraint,  thermal  e' pension,  clearances  and  other  items  whioh  make  any  general  state¬ 
ment  on  achievable  accvracy  impossible. 

3.  JET  SIHULATION  REQUIREMENTS 

Before  initiating  nozzle  and  afterbody  teste  with  or  without  jet  simulation  in  the  wind 
tunnel,  questions  must  be  answered  first  conoeming  the  variables  Involved  related  the  nozzle  oonditiona. 
Tabel  1  gives  a  review  of  these  variables  and  their  possible  values  or  features.  After  the  latter  have 
been  established  the  next  step  ie  to  define  whioh  jet  and  nozzle  parameters  should  be  simulated  in  the 

s  Drag  values  of  components  can  be  obtained  more  accurate. 
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wind  tunnel  experiments.  Usually  s.  compromise  la  found  between  what  la  desirable  and  what  la  feasible  In 
practice.  Prom  this  pari  on  tha  wind  tunnal  nodal  oan  be  designed  baaad  on  looal  possibilities,  on  pest 
expert  moe  and  on  costs. 

3.1.  MOIEL  CONFIGURATION 

The  degree  of  necessary  external  flow  simulation  and  tha  aircraft  configuration  involved 
strongly  datarnina  tha  nodal  configuration  and  nodal  aupport  system. 

Alao  tha  dagraa  of  expeoted  mutual  interference  haa  an  influanoe  on  the  nodal  configuration 
to  be  choaan.  (doea  the  external  flow  affeot  the  nozzle  ooaffioianta  and/or  doaa  tha  jet  influence  tha 
external  flow?).  Uaually  the  anawar  for  ohooaing  tha  nodal  configuration  involvaa  three  poaeibilltiea. 

Tha  firat  possibility  ia  to  ainulate  tha  external  flow  field  as  good  aa  poaaibla  by  testing  tha  after¬ 
body  and  nozzle  together  with  tha  complete  aircraft  representation  for  uhioh  the  inlet  ia  uaually 
oosqpletely  faired  and  for  which  the  model  aupport  cyaten  causes  little  interference  at  the  exhaust.  The 
seoond  poaaibility  is  to  winulate  only  the  afterbody  geometry  and  determine  from  the  relative  differences 
the  nozzle-afterbody  performance.  The  latter  test  procadure  ia  usually  applied  to  determine  nozzle-after¬ 
body  performances  regardless  of  airoraft  fore-body  shape.  It  ia  performed  in  an  early  stage  of  aircraft 
development  in  order  to  obtain  an  early  estimate  of  the  nozzle-afterbody  performance.  The  complete  nodal 
nozzle  test  is  usually  accomplished  for  final  checks.  The  third  possibility  is  to  test  only  the  nozzle  in 
an  axisymmetric  afterbody  without  tail  planes  and  other  (inter  )  fairings.  This  method  is  uaually  referred 
to  an  isolated  nozzle  teat. It  gives  rather  ideal  performance.  This  testing  is  performed  to  establish  the 
nozzle  performance  under  ideal  external  flow  conditions. 

Table  II  gives  the  advantages  and  disadvantages  of  both  test  procedures.  Figure  4  shows  a 
typical  isolated  nozzle  test  rig  for  subsonio  Maoh  numbers  as  it  is  used  in  the  U.K.  If  the  inlets  and 
exhausts  are  far  removed  from  the  aircraft  centreline,  for  example  for  podded  underwit^  installations,  it 
is  also  possible  to  use  the  halfmodel  reflection  plane  technique.  ThiB  teennique  is  only  allowed  if  no 
reflection  plate  boundary  layer  -  jet  interference  are  expected.  Figure  5  ia  auch  a  set-up  as  it  is  used 
in  France  for  exhaust  testing  of  the  Conoorde.  Reference  9  gives  a  review  of  the  various  model  support 
systems  and  the  accompaning  techniques. 

Table  1  VARIABLES  RELATED  TO  EXHAUSTS  OF  JET  AIRCRAFT  MODELS 


Parameter 

Possible  value  or  feature 

Configuration 

Number  of  nozzles 

Spacing  of  nozzles 

Mounting 

Nozzle  type  area  ratio 

Geometry  0f  afterbody 

Direction  of  jet 

single,  dual,  multiple 
narrow,  wide 

podded,  integrated  in  fuselage 

Conv tCondi, Plug, BIDE, Ejeotor.  Iris 
axiBynmetno,non-axiByrametric, tail  planes 
parallel  with  main  flow, acute 
angle. 

External  flow 

Maoh  number 

Characteristic  Reynolds  number 
boundary  layer  at  exhaust 

Flow  field  at  exhaust 

Angles  of  incidences  and  yaw. 

subsonic,  transonic,  Bupersonio,  hyper¬ 
sonic 

)  laminar,  turbulent 

)  thickness 

basically  attached,  basically  separated. 

Jet  flow 

Mean  pressure  ratio 

Mean  temperature  ratio  ) 

ratio  of  speoific  heats  ) 

Number  of  nozzle  streams 

Total  pressure  distortion 

Total  temperature  distortions 
•Swirl 

Turbulence 

over  expanded,  optimum,  under  expanded 
dry,  afterburning 

primary,  primary+secondary,  primary  + 

secondary  +  tertiary 

negligiblo,  important 

negligible,  important 

negligible,  important 

negligible,  important 

3.2.  EXTERNAL  FLOW 

FIELD 

The  primary  flow  field  parameter,  the  undisturbed  Mach  number  is  duplicated  in  all  wind 
tunnel  tests.  The  local  flow  field  close  to  tha  nozzle  is  however  generally  highly  three  dimensional  as 
may  be  seen  in  figure  6.  This  looal  invisoid  field  might  be  disturbed  by  the  model  support  system  and 
hence  the  results  of  the  tests  might  be  misinterpreted. 

The  viscous  flow  field  is  however  of  greatest  concern  for  the  wind  tunnel  experimentalist, 
because  the  exhausts  always  operate  within  the  relatively  thick  boundary  layer  of  the  forebody  or  inlet. 
The  nozzle  tests  in  the  wind  tunnel  acre  performed  at  reduced  soale  and  hence  at  reduced  Reynolds  number. 
The  degree  of  scaling  depends  on  the  available  tunnel  and  testing  rigs  as  well  as  on  the  degree  of  extern¬ 
al  flow  field  simulation.  Complete  external  flow  field  simulation  requires  a  mall  soales,  whereas  large 
scales  oan  be  obtained  with  isolated  afterbody  teats.  Boundary  thickness  reduction  at  tho  nozzle  station 
towards  flight  conditions  oan  be  obtained  <n  the  wind  tunnel  by  shortening  the  forebody,  hence  losing 
inviscid  flov  field  simulation.  The  effect  of  the  approaching  boundary  layer  on  the  afterbody  performance 
is  however  ve:y  large.  The  important  non-dimensional  parameters  is  ‘ o »  boundary  layer  thickness  (6) 
relative  to  a  reference  nozzle  radius  (rfl)  (or  diameter).  The  inorease  of  b/r  ,  as  is  the  case  for  test¬ 
ing  a  oomplete  model  at  reduced  Reynolds  number,  implies  that  the  nozzle  is  iSmersed  in  a  larger  boundary 
layer  field,  making  the  visocus  effects  larger.  An  oxample  of  how  this  parameter  affects  the  total  after¬ 
body  and  nozzle  drag  is  shown  in  figure  7  for  two  nozzle  systems  (Ref.  10).  It  is  seen  that  the  effect  of 
the  boundary  layer  depends  largely  on  the  nozzle  type. 

Apart  from  the  afterbody  drag,  the  nozzle  gross  thrust  coefficient  can  be  also  sensitive  to 
the  external  flow.  Figure  8  gives  some  nozzles  which  are  basically  sensitive  to  external  flow  and  which 
nozzles  are  basioally  immune  to  the  external  conditions.  The  sensitivety  is  generally  due  to  altering 
sonic  line  shapes,  due  to  wave  reflections  and  due  to  altered  ejector  characteristics.  The  internal  flow 
field  of  a  oondi  nozzle  is  very  immune  to  the  external  conditions. 
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Tabl*  II  ADVANTAGES  AND  DISADVANTAGES  OP  ISOLATED  AND  COMPLETE  MODEL  TESTS 


ISOLATED  TESTS 

Advantages 

-  For  a  given  site  test  facility,  isolated  no2tle 
tests  permit  larger  soale  models  to  be  used  with 
correspondingly  higher  Reynold's  numbers* 

-Due  to  a  possible  reduced  length  of  the  fore body, 
the  relative  external  boundary  layer  thickness  at 
the  nozzle  can  be  properly  scaled  with  respect  to 
full  scale. 

-Higher  degree  of  accuracy  as  complete  model  nozzle 

tests. 

-  Larger  models  make  the  design  easier  and  allow 
more  instrumentation  (pressures)  to  be  included  and 
secondary  airflow  systems  are  more  easily  aocomodated. 

-  More  exact  detailing  of  the  nozzle  shaping  is 
possible,  t.e.,  roughness  of  variable  geometry 
leaves  and  joints  can  be  simulated  and  nozzle  base 
thickness  can  be  scaled. 

-  Isolated  nozzle  tests  are  better  for  basic  invest¬ 
igations,  e.g. ,  effect  of  jet  temperature  ratjLo, 
specif io  heat  ratio,  internal  flow  distortions. 

-  Isolated  nozzle  investigations  are  a  necessary  step 
in  the  development  of  new  exhaust  system  concepts. 

-  Parametrio  studies  oan  be  oonduoted  at  less  coat  on 
external  geometric  variables,  internal  performance 
and  initial  thrust  reverser  and  noise  suppressor 
designs. 

-  The  isolated  nozzle  test  apparatus  may  be  used  by 
engine  manufacturers  to  provide  the  baseline  for  the 
nozzle  "uninstalled  performance"  presented  in  his 
engine  performance  deck. 

-The  pressure  and  force  data  obtained  from  isolated 
data  oan  be  used  to  substantiate  or  improve 
theoretical  and  empirical  calculation  methods. 

Disadvantages 

-A  oyllndrioal  approach  section  to  the  nozzle  (near 
free  stream  flow  conditions)  which  hardly  ever 
ooours  in  practice. 

-  Airframe  installation  effeots  can  be  very  large  so 
that  a  redesign  of  the  nozzle  may  be  required  to 
obtain  the  desired  installed  performance. 

■  Because  of  the  wide  variety  of  nozzle  locations 
possible  in  an  aircraft  design,  mutual  nczzle-air- 
frame  interactions  cannot  be  predicted  from  isolat¬ 
ed  nozzle  tests. 

-  In  many  large  wind  tunnel  facilities,  it  is 
difficult  to  obtain  the  true  isolated  performance  of 
the  nozzle  ainoe  the  model  requires  support 
struoture  and  ducting  to  supply  the  exhaust  gas. 


COMPLETE  MODEL  TESTS 


-Complete  model  tests  provide  better  external  flow 
simulation  and  provide  a  more  exact  duplication  of 
the  nozzle  environment  that  will  exist  on  the 
full  soale  airplane  (generally  exoept  for  boundary 
layer  thickness). 

•Complste  model  testa  are  the  only  means  of  pre¬ 
dicting  installed  nozzle  performance  since  mutual 
airframe-nozzle  interference  exists  and  forebody¬ 
wing  influences  on  the  afterbody-nozzle  configurat¬ 
ion  are  simulated. 

•Installation  of  the  isolated  nozzle  in  an  airframe 
may  produce  either  favourable  or  unfavourable 
effects  depending  on  the  type  of  nozzle  and  the 
flight  spaed.  Results  suoh  as  these  are  strongly 
dependent  on  the  overall  aircraft  design. 

Complete  medal  investigations  of  generalized 
research  configurations  with  exhaust  and  slip¬ 
stream  simulation  permit  evaluation  of  effeots  on 
airoraft  aerodynamics  ana  installed  nozzle 
performance  such  as  exhaust  nozzle  axial  and 
lateral  looation,  effect  of  afterbody  angle  to 
nozzle,  engine  interfairing  shape,  and  effects  of 
empennage  on  nozzle  performance. 

-The  additional  effect  cf  the  exhaust  plumes  on 
control  surface  effectiveness  and  loading  oan  be 
determined. 

-Plume  interference  on  adjacent  surfaces  may  be 
evaluated  including  both  pressure  and  temperature 
increments  if  hot  jet  exhausts  are  employed. 

•Flow  visualization  studies  (e.g.,  shadowgraph  or 
schlieren  methods)  oan  be  oonduotod  on  the 
complete  model  to  aid  in  the  analysis  of  results. 


-For  a  given  size  facility  the  complete  model 
nozzle  size  will  be  much  smaller  than  the  isolat¬ 
ed  nozzle,  aking  detailed  scaling  more  difficult 
(lower  Reynolds  number  etc.). 

-Complete  models  generally  require  more  instrument¬ 
ation,  including  perhaps  more  than  one  strain 
gauge  balance,  pressure  instrumentation  on  the 
afterbody  and  other  portions  as  veil  as  the 
nozzle,  requiring  careful  design  to  provide  the 
propulsion  simulation  without  interference  of  the 
measuring  instruments  of  the  metrio  section 
(fouling). 

-Space  requirements  in  a  complete  model  make  the 
simulation  of  secondary  and  tertiary  flows  in  the 
nozzle  or  base  regions  no re  d.ffioult. 

-Model  size  is  limited  by  the  test  section  avail¬ 
able  length  and  cross  section  at  the  most  critic¬ 
al  Mach  operating  condition  and  aleo  by  the 
propulsion  system  flow  capaoity. 

-Support  system  interference  must  he  ovaluated  for 
the  complete  model  in  order  not  to  invalidate  all 
of  portions  of  the  results  (Effeot  at  all  Mach 
numbers). 


For  afterbodies  only,  reference  11  indicates  also  a  large  external  boundary  laytr  affect. 
Figure  Sfcahowg  the  boattail  pressure  drag  reduction  with  increasing  boundary  layer  thioknese.  It  is 
stated  that  the  thioker  boundary  layer  appeared  to  effectively  round  the  boattail  oorner,  thus  reduoing 
drag.  However,  if  the  flow  is  separated  an  increased  Reynolds  number  (henoe  reduoed  boundary  layer 
thiokneaa)  reduces  drag)  figure  9^  from  reference  li.  It  is  therefor  necessary  to  datsrmine  ths  datailed 
flow  fisld  causing  drag  before  conclusions  oan  be  drawn  how  Reynolds  number  (or  boundary  laytr  thickness) 
will  affeot  ths  afterbody  drag. 

The  importance  of  correct  external  flow  field  simulation  is  olssrly  illustratsd  in  referenos 
12.  Figurs  10  is  an  example  of  this  work  for  an  variable  ejector  nossle.  A  comparison  is  made  betwesn 
isolated  nozzle  tests,  half-model  reflection  plane  teeting  and  ooaplate  model  testing.  From  these 
results  it  is  indicated  that  nozzle  installation  will  inorsase  the  afterbody  and  external  nozzle  drag. 

The  same  conclusions  are  drawn  for  blow-in-door  ejeotor  nossles  and  for  these  nozzles  in  supersonio 
external  Mach  numbers. 

In  oonolusion  in  general  a  compromise  must  be  made  regarding  model  configuration  and  support 
considering  invisoid  flow  field  ai zulation  (complete  or  partial  model)  and  visooua  flow  fie.d  simulation 
(relative  boundary  layer  thioknese,  reduoed  forebody,  boundary  layer  blowing  or  suction).  No  rules  can  be 
given  for  optimum  model  design.  Each  aircraft  configuration  requires  its  own  consideration. 
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3.3.  JET  FLOW 

As  has  been  indirectly  indicated  in  the  former  section  in  the  wind  tunnel  tests  two  items 
must  be  considered,  namely  the  ohange  in  afterbody  drag  due  to  jet  effects  and  the  change  in  nozzle 
thrust  and  discharge  coefficients  due  to  installation  in  airframe.  This  section  considers  the  influence 
of  the  jet  flow  parameters  on  the  afterbody  drag  and  nozzle  characteristics. 

The  jet  flow  parameters  of  a  turbojet  or  turbofan  engine  are  shewn  in  table  I.  From  the 
fluid  dynaaioal  point  of  view  the  jets  should  be  fully  simulated. 

From  the  practical  wind  tunnel  point  of  view  the  jets  should  be  simulated  as  simple  as 
possible.  Laws  of  fluid  dynamics  quite  precisely  define  the  scaling  rules  and  the  necessary  conditions 
for  similitude.  Reference  13  gives  an  excellent  review  of  the  scaling  rules  for  mviscid  flows.  However, 
the  problem  13  to  determine  the  oonsequencee  when  some  of  the  conditions  are  violated.  Furthermore 
little  is  kno'm  about  the  similarity  laws  for  the  mixing  phenomena  between  the  jet  and  the  main  stream 
as  it  effects  the  flow  at  the  exhaust. 

INTERNA!  THRUST  COEFFICIENT 

The  static  thrust  coefficient  of  a  particular  nozzle  depends  primarily  on  the  nozzle 
pressure  ratio  and  on  ratio  of  speoific  heats  as  well  as  on  the  total  temperature  and  total  pressure 
distortion  upstream  of  the  nozzle.  In  the  ease  of  a  conical  nozzle  depends  also  on  the  jet  boundary 
contour  just  downstream  of  the  nozzle  edge.  As  is  seen  ic  figure  3,  conical  convergent  nozzles  arc 
frequently  used  requiring  proper  simulation  of  mixing  at  the  downstream  boundary  between  the  jet  and  the 
external  flow  in  case  of  a  simple  convergent  nozzle,  and  between  the  primary  jet  and  secondary  flow  in 
case  of  ejeotor  nozzles.  However  litt'e  is  known  about  the  actual  influence  of  mixing  downstream  of  a 
convergent  (primary)  nozzle  on  the  nozzle  thrust  and  discharge  coefficients!  more  analytical  and  ex¬ 
perimental  work  Is  needed  how  scaling  laws  should  be  applied.  The  rate  of  mixing  depends  on  the  ratio  of 
the  mass  density  flows  (pv)  on  both  sides  of  the  mixing  boundary  and  0.1  the  initial  upstream  turbulence. 
In  the  case  of  ejector  nozzles  this  means  also  that  the  secondary  mass  flow  must  be  simulated.  This 
simulation  is  hard  to  achieve  for  blow-in-door  ejectors  since  the  secondary  maso  flow  depends  primarily 
on  the  outer  boundary  layer  and  flow  field  conditions  as  is  seen  in  the  previous  section.  To  a  lesser 
extent  this  oan  also  be  said  for  plug  nozzles. 

In  present  wind  tunnel  nozzle  test  rigs  the  internal  flow  distortions  and  turbulence  are  not 
simulated.  It  is  noticed  in  figure  11  that  the  total  pressure  distortions  play  an  important  role  in  the 
looation  of  the  sonic  line  and  hence  in  the  discharge  coefficient  and  pressure  distribution  on  the 
internal  nozele  surfaoe.  How  much  the  external  flow  field  will  influence  the  location  of  the  sonic  lines 
when  it  iu  already  disturbed  by  internal  flow  field  distortions  is  by  now  unknown.  Hence,  more  informat¬ 
ion  is  needed  on  when  (at  which  nozzle  types  and  installations)  these  distortions  can  be  omitted  in  the 
nozele  performance  assessment  in  wind  tunnels,  when  analytical  or  experimental  corrections  can  be  used 
(and  how)  and  when  these  distortion  should  be  simulated  in  the  wind  tunnel.  Information  is  needed  on  the 
applicability  of  specific  scaling  laws. 

For  nozzles  with  internal  supersonic  expansion  the  ratio  of  specific  heats  has  an  influence 
on  the  characteristic  lines,  which  means,  for  example,  that  for  an  ejector  nozzle  the  initial  inclinat¬ 
ion  angle  of  the  primary  jet  is  different  if  Pjis  not  simulated.  (See  for  example  Ref.  13  and  14).  The 
primary  jet  contour  oan  be  aimulated  oy  adjusting  the  nozzle  pressure  ratio,  resulting  in  an  incorrect 
simulation  of  Jet  momentum.  Therefore  p.  should  be  simulated  as  close  as  possible.  If  this  condition 
oan  not  be  satisfied  the  nozzle  for  the^wind  tunnel  model  should  be  designed  in  a  similar  manner  as  the 
real  nozzle  nas  been  designed.  However,  in  that  case  off-design  conditions  will  yield  difficulties 
regarding  interpretation  of  the  results. 

EXTERNAL  NOZZLE  DRAG,  BASE  DRAG,  BOAT-TAIL  DRAC 


Besides  the  external  flow  field  parameters,  as  discussed  in  the  previous  section,  these  drag 
terms  are  also  dependent  upon  ine  jet  properties.  If  the  outer  flow  separates,  as  it  often  does  near  the 
nozzle  exit,  the  eeparation  point  and  pressure  level  in  the  separated  region  is  fully  determined  by  the 
viaoous  interaction  between  the  jet  and  the  ambient  flow  and  hence  on  the  jet  boundary  (shape)  and 
mixing  process  (see  Fig.  12).  The  invisoid  jet  shape  is  fully  determined  by  the  nozzle  pressure  ratio 


p*/p„  ,  y.  and  Much  number  at  the  exit  H..  The  jet  shape  (initial  inclination  angle)  is  approximately 

v  1  n  3  1  /*• 

constant  for  convergent  nozzles  if  p  /p„  )  '3  *  constant.  This  relation  is  given  in  figure  13,  for 

j  X 

M.  1  which  ihowcjth&t  suat  be  appr*  10  °/o  higher  if  a  jet  with  V  »  1,3  is  simulated  with 

J  J  J 

cold  air  ( P  -  1,4).  (if  the  n.p  •r.  is  lets,  the  corrections  become  relatively  smaller).  The  base 


pressure  or  the  pressure  in  the  separated  region  is  a  function  among  others  of  the  jet  momentum.  This 


quantity  it  determined  by  the  nozzle  presaure  ratio  and  p^  also.  Two  limiting  cases  can  be  considered! 
jet  momentum  per  unit  area  at  the  exit  and  jet  momentum  per  unit  area  along  the  boundary  (fully  expand¬ 
ed).  The  first  yields  (p'/p^ )  P^  *  constant,  the  eecond  oase  gives  **^0undary',’i  ig  constant.  Both 

entsria  are  shown  in  figure  12  also.  It  is  concluded  from  this  figure  that  correction  in  p*/p  for 

oorrect  momentum  simulation  is  opposite  from  oorrect  jet  shape  simulation  if  r  ’’jtur bo-jet"  F*M 

experiments  are  known  which  verify  a  base  presaure  dependenoe  on  However  figure  14  (from  Ref.  13) 

3 

gives  a  clear  indication  of  the  influence  p j  on  the  base  pressure  of  s  sonic  jet  exhausting  in  a  super¬ 
sonic  flow.  The  predicted  base  pressure  at  p .  =  1,3  from  the  experimental  results  from  p  *  1.4  is 
entirely  computed  on  the  basis  of  similar  jet  boundary  inclination  angles  (see  Ref.  14).  Comparison 


with  figure  13  shows  that  in  this  oase  jet  oontour  simulation,  hence  adjusting  the  nozzle  pressure  ratio 


along  the  solid  line  of  figure  13,  yields  the  beet  results. 

The  mixing  process  along  the  jet  boundary  is  determined  by  the  jet  properties  at  the  boundary 
ana  by  the  external  boundary  layer  characteristics  at  the  nozzle  exit.  The  jet  properties  depend  on  the 
nozzle  used,  particularly  on  the  cooling  system  end  the  secondary  eir  flow,, if  present  (Fig.  12).  If 
smooth  uniform  jet  flows  are  assumed,  the  mixing  parameter  is  (pv)j  /  (pv^iRefs.  15»  lo,  *7).  Thie 
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mixing  process  alters  the  effective  jet  boundary  shape  so  that  the  ir.visoid  flow  is  affected,  particular¬ 
ly  at  transonic  speeds.  At  a  given  nozzle  pressure  ratio  the  mixing  parameter  io  primarily  dependent  on 
Vtj/^W-e  <tla0  section  6.1.1).  The  entrainment  effeot  of  a  cold  jet  on  the  drag  of  a  smooth 

afterbody  at  M^.,85  is  of  the  order  of  20  °/o  of  the  jet  plume  shape  effect  (Ref.  18)  for  a  convergent 


nossle.  Hence  changes  in  jet  entrainment,  due  to  distortions,  turbulence,  jet  temperature  will  show  a 
strong  influence  on  the  afterbody  drag. 

In  case  of  a  separated  flow  the  pressure  level  in  the  dead-air  region  is  determined  to  a 
large  extend  by  the  condition  of  the  external  and  internal  mixing  layers  just  upstream  of  the  point  of 
reattaohment .  If  the  external  flow  is  transonic  and  the  engine  is  of  the  by-pase  type  what  means  that  the 
nozzle  pressure  ratio  ie  low,  the  viooous  layer  surrounding  the  jet  is  also  very  dependent  on  the 
turbulenee  level  and  distortions  of  the  jet  flow  just  upstream  of  the  nozzle,  since  theee  properties  do 
not  damp  sufficiently  during  ths  expansion.  If  the  outer  flow  is  supersonic  tha  pressure  in  a  separated 
region,  which  is  also  strongly  determined  by  the  flow  properties  near  the  reattachment  point,  determines 
where  the  boat-tail  terminal  shock  wave  is  located.  A  short  review  of  this  separation  phenomenon  ie  given 
in  reference  19  for  example. 

However,  no  experiments  and/or  analysis  are  available  in  tne  open  literature  which  consider 
the  influence  of  the  jet  distortion  and  turbulenco  properties  on  the  exhaust  flow  field,  and  hence  on  the 
external  drag.  On  the  contrary  sons  experiments  and  analysis  are  known  which  show  a  strong  dependence  of 
bleeding  small  amounts  of  air  in  the  separated  base  region  on  the  b«ae  pressure.  This  bleed  dieturbee  the 
effective  stagnation  point  in  the  flow  reattachment  region  and  hence  the  streamline  total  pressure  that 
juet  can  overcome  the  pressure  rise  in  order  to  flow  downstream.  Figure  15  shows  this  effect  (Ref.  20). 

If  can  be  concluded  from  this  figure  that  leakage  through  the  nozzle  leavee  will  strongly  affect  the 
effective  thrust  minus  drag  of  ths  exhaust  system.  Usually  these  conditions  are  not  simulated  in  the 
wind  tunnel  in  order  to  determine  the  sensitivity  of  the  nozzle  performance  due  to  leakage, which  varies 
between  the  production  nozzles  and  which  is  generally  unknown. 

Some  experiments  aro  available  on  the  influence  of  the  jet  temperature  on  base  pressure 
using  het  air  (so  y *  1.4) at  transonic  speeds.  Figure  16  is  deduoed  from  reference  21  yielding  base 


pressure  (C  )  base  drag  (Cn  )  and  boattaii  drag  (C_  )  for  a  typical  afterbody  shape  at  H  *  C,9  versus 
pb  “b  aa 


ths  total  jet  pressure  P  . 

j 


It  is  clearly  seen  that  the  afterbody  drag  (C_  +  )  is  some  20  °/o 

P  > 


decreased  if  a  hot  jet  is  used  for  jet  sisnilation  instead  of  a  cold  jet.  A  similar  conclusion  is  reached 
in  reference  22,  where  it  is  found  that  the  base  drag  at  a  temperature  ratio  of  2,8  is  25  °/°  le so  than 
it  is  with  an  unheated  jet  at  «  0,9  utilizing  a  propane-air  combustion  system  with  a  convergent 
nozzle  at  a  pressure  ratio  of  2.  At  supersonic  external  speeds  the  influence  of  the  jet  temperature  seems 
to  be  substantially  leant  typically  tha  base  drag  differs  less  then  5  Vo¬ 
lt  should  be  noted  that  turbulent  jet  mixing  is  little  influenced  by  Reynolds  number  effects 
sinoe  the  characteristic  mixing  length  is  in  first  approximation  proportional  to  the  characteristic  jet 
diiBsnsions. 

Summarizing  tha  following  can  be  concluded  regarding  the  degree  of  jet  simulation  in 
transonic  wind  tunnels. 

a)  For  nozzle  thrust  coefficient  assessment  (internal  and  static)  ths  geometry,  nozzle 

pressure  ratio  and  ratio  of  specific  heats  should  be  simulated  as  first  parameters.  This 
iz  alao  true  fer  the  secondary  mr.es  flow  in  or.se  of  ejector  nozzles  or  nozzles  with 
substantial  cooling  air.  The  secondary  parameters  are  the  total  temperature,  and  internal 
flow  distortions,  also  swirl,  upstream  of  the  nozzle  if  the  nozzle  contraction  is  large 
(AEng  -'A*  ^  *"'or  omai -  nozzle  contraction  ratios  these  parameters  become  also  primary. 

b)  For  almost  inviscid  ;ets  where  mixing  has  a  secondary  importance,  that  is  at  subsonic  and 
at  eupsrsonic  speeds,  the  wave  structure  ar.d  stream  line  shapes,  that  is  the  initial  in¬ 
clination  angle  and  wave  reflection  coefficients  (both  determining  the  plume  shape)  should 
be  simulated  regarding  the  influence  on  the  external  flow  field.  These  parameters  are 

determined  by  i  K  ,  M.  as  well  ss  by  the  free  stream  condition.  The  jet  temperature 

and  upstream  distortions  yisld  corrections  on  ths  jet  boundary  due  to  mixing. 

**)  Ir.  cases  where  .-et  mixing  plays  an  important  role  on  the  external  flow  field,  that  is  at 
transonic  speeds  and  if  the  flow  separates  at  all  speod  regimes,  nozzle  geometry  and  ratio 
of  specific  heats,  ths  nozzle  temperature  ratio,  secondary  flows  (if  present),  external 
boundary  layer  thickness,  jet  distortion  and  turbulence  should  be  simulated  also.  Scale 
effects  due  to  turbulant  mixing  can  be  ignored. 

4.  HIND  TUNNEL  TESTING  SCHEMES  FOR  THRUST  MINUS  DRAG  ASSESSMENT 


The  wind  tunnel  testing  coheme  for  nozzle-afterbody  performance  assessment  that  one  chooses 
to  employ  for  a  particular  aircraft  design  depends  primarily  or.  ths  available  test  rigs  snd  systems  in 
ths  wind  tunnel  and  on  the  stage  of  aerodynamic  testing.  In  recent  years  ths  main  transonic  wind  tunnel 
facilities  havo  been  equiped  to  perform  powered  nozzle  testing.  Usually  each  laboratory  designed  its  own 
particular  system  that  is  flexible  enough  to  test  a  variety  of  nozzle-afterbody  combinations.  These  test 
rig  designs  were  based  on  jet  and  nozzle  parameters  which  were  thought  to  be  of  first  importance,  as 
discussed  in  the  previous  secticn,  on  ths  other  technical  requirements,  m  will  be  discussed  in  the  next 
section,  and  on  the  apparatus  achievable  in  ths  wind  tunnel  within  practical  limits. 

Ths  next  discussion  concerns  primarily  the  engine-airframe  integrated  systems  (e.g.  fighters). 
Similar  techniques  can  be  used  for  podded  subsonic  installations,  but  in  those  cases  ths  jet  influence 
on  ths  wing  or  aftfuaelege  is  of  equal  importance. 

Ths  nozzle-afterbody  performance  mutt  be  determined  from  wind  tunnel  measurements  starting 
from  aeroforce  model  dreg  data  and  the  engine  gross  static  thrust.  Tha  .ustual  installed  afterbody 
performance  can  be  expressed  as  the  difference  between  the  installed  gross  engine  thrust  (F^  minus 

the  inetalled  afterbody  drag  (D^g  ).  This  quantity  (F-D^)^^  should  be  as  large  as  possible  for 


maximum  performance .  It  depend*  on  the  external  parameter*,  *uoh  a*  Kach  number  (M^ )  and  angle  of 
attaolc  (a)  as  well  ae  on  Internal  parameter*  such  a*  engine  r.p.m.,  degree  of  afterburning  and  exhaust 
area  ratio.  The  engine  parameter*  oan  be  expressed  in  terms  of  the  nozzle  pressure  ratio,  temperature 
ratio,  ratio  of  speoific  heats,  geometry,  eto.  The  engine  static  test  benoh  gross  thrust  oan  in  many 
instances  be  considered  as  the  referenoe  thrust  F  f,  Fflt.  The  referenoe  afterbody  drag  (D^  oan  be 

determined  by  a  model  eimilar  to  the  aeroforce  modal  but  with  the  afterbody  only  being  metric.  The 
afterbody  drag  is  the  drag  on  those  parts  of  the  afterbody  whioh  oan  be  afi'eotad  by  the  presence  of  the 
exhausting  jet(s),  such  as  inter-and  outerf airings,  tailplanee,  fuselage  boattail  and  base  (if  present). 
The  split  line  between  the  forebody  and  afterbody  is  generally  somewhat  halfway  between  the  inlets  and 
exhausts.  Usually  the  drag  on  the  external  nozzle  parts  (Djj)  is  not  included  in  the  afterbody  drag  but  is 
added  to  the  nozzle  losses.  The  external  flow  oan  also  effect  the  internal  nozzle  thrust  resulting  ir  a 

thrust  loss  (AF.  .),  also  oalled  the  internal  nozzle  drag  due  to  the  external  flow  (see  3*3).  The  inter- 
inst 

ference  drag  is  now  generally  defined  as  the  difference  between  the  net  reference  performance  and  the  net 
installed  performance  of  the  nozzle  and  afterbody  combination  (Ref.  10  fox  example),  that  is 
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is  called  the  equivalent  thrust. 


Overall  installed  performance  (thrust  minus  drag)  is; 
(^inst^ref-’ref-W 


Tills  quantity  should  have  a  maximum  value. 

In  an  ideal  testing  scheme  AFint,  and  ADAB  should  be  determined  independently,  sotbat  the  optimization 
(min.Dint)  can  be  performed  effioiently. 

Figure  17  illustrates  the  usual  bookkeeping  procedure  for  integrated  nozzle-airframe  systems 
where  at  the  aeroforce  model  in  supported  by  a  sting  located  at  the  nozzles.  Before  the  aotual  powered 
afterbody  tests  are  performed,  an  intermediate  step  is  done  at  whioh  the  model  is  split  into  a  forebody 
and  an  afterbody,  the  latter  only  being  metric.  The  forebody  is  grounded  and  may  be  supported  by  a 
separate  sting  under  the  fuselage  or  at  the  wing  tips.  Also  a  half  model  support  may  be  used  if  the 
exhausts  are  sufficiently  free  from  the  tunnel  walls.  For  these  tests  the  inlet  i*  closed.  In  other 
schemes  with  complete  engine  simulation  the  inlet  flow  may  be  completely  or  partially  duplicated. 

In  figure  17  the  afterbody  tests  ore  performed  with  the  oomplete  exhaust  model.  However, 
these  tests  can  also  be  performed  with  an  it  dated  afterbody  model,  if  the  powered  test  of  ths  geometric 
similar  afterbody  is  proceeded  by  a  referenoe  afterbody  test.  For  this  test  the  afterbody  must  have  the 
same  shape  as  the  aeroforce  model  and  must  use  a  non-metric  dummy  sting  at  the  location  of  the  aeroforce 
model  sting.  This  test  yields  the  new  referenoe  afterbody  drag  D.„  for  the  actual  powered  afterbody/ 

ref 

nozzle  tests.  The  advantage  and  disadvantages  of  isolated  tests  have  been  described  in  the  previous 
chapter. 

The  powered  afterbody  tests  may  use  various  schemes  as  is  indicated  in  figure  18.  The  first 
scheme  (A)  is  the  simpliest  one  and  requires  only  one  balance.  The  main  disadvantages  of  this  scheme  are 
that  optimization  of  the  afterbody-nozzle  combination  is  hard  to  achieve  and  that  the  afterbody  drag  is 
overshadowed  by  the  large  installed  gross  thrust  whioh  is  an  order  of  magnitude  larger.  The  accuracy  must 
be  appropriate  to  the  net  thrust  level  while  measuring  gross  thrust.  This  difficulty  is  overcome  by  the 
scheme  in  D  where  the  entering  jet  momentum  is  eubtraoted  from  the  total  measured  force  of  A,  making 
possible  the  use  of  a  more  sensitive  balance.  However,  in  this  case  the  effeotive  flow  area  (A^)  oan  be 
assessed  only  with  difficulty  and  also  a  sealing  problem  exicts  at  this  high  pressure  location!  The 
schemes  of  figure  18-B  and  -C  are  identxoal  in  practice  and  measure  separately  the  installed  gross  thrust 
force  and  installed  afterbody  drag  in  series  or  in  tandem  respectively.  The  afterbody  drag  balance  can  be 
made  more  sensitive. 

An  alternate  method  to  obtain  the  afterbody  drag  of  simple  models  (e.g.  axisymetrio)  is  to 
pressure  tap  the  afterbody,  which  might  also  inolude  a  base.  These  pressures  are  integrated  to  obtain 
D._  .  Adding  the  calculated  skin  friotion  to  this  quantity  yields  B.-  .  This  procedure  ie  not 

“inst.p.  inst 

recommended  for  the  external  drag  of  complicated  afterbody  shapes  sine*  in  these  cases  large  pressure 
gradients  might  exist  yielding  inaocurate  date.  However,  some  measurements  of  local  pressure  plotting  and 
flow  visualisation  on  afterbodies  is  useful  in  order  to  detect  areas  of  drag  increase  and  to  make 
possible  comparison  with  theoretical  analysis. 

In  figure  18  only  the  primary  mass  flow  is  indioatsd.  If  neoessary  secondary  flow  oan  also  be 
introduced  in  a  similar  manner  leading  to  less  difficulties  as  the  primary  flow  since  the  secondary  mass 
flow  is  only  a  few  percent  of  the  total  mas*  flow. 

The  mass  flow  can  be  controlled  and  metered  outside  the  tunnel  test  seotion  with  a  high  degree 
of  acouraoy.  Figure  19  gives  the  sonic  orifice  method  generally  used  and  most  acourate  for  gaseous  jet 
fluids.  The  discharge  coefficients  for  sonio  line  ourvature,  boundary  layer  displacement  effeot  and  virial 
effect  which  are  u«ad,  are  also  given  in  figure  19.  The  former  two  discharge  ooeffioients  are  well  cover¬ 
ed  in  the  literature  (see  for  example  referenoe*  19,  23,  24),  but  not  the  discharge  coefficient  for  ths 
virial  effect.  This  effeot  is  usually  neglsoted,  but  should  be  taken  into  account  if  the  sonio  orifice  is 
operating  at  high  pressures  as  it  generally  is  the  oase  (Refs.  24,29).  If  the  Jet  fluid  or  on*  of  its 
oomponents  is  a  liquid  an  easy  and  aoourate  technique  to  oontrol  and  meter  the  flow  rat*  is  the  us*  of  a 
cavitating  venturi,  whioh  oan  be  accurately  calibrated.  The  flow  rate  of  a  cavitating  venturi  is 
proportional  to  the  square  root  of  the  produot  of  upstream  pressure  time*  the  liquid  density  a*  long  as 
the  venturi  book  pressure  is  less  than  the  maximum  venturi  recovery  pressure. 
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The  nozzle  gross  laentropio  thruat  (X^)  can  he  oOEputed  based  on  the  measuied 


flow  rate 
In  fact  any 


and  the  nozzle  one  dimensional  ideal  expansion  from  p*  to  the  ambient  static  pressure  p  m 

xi 

of  the  theoretioal  isentropio  thrust  computations  based  on  measured  mass  flow  may  be  used  as  deaoribad  in 
referenoe  1  ,ohapter  3  of  Part  II .  In  the  real  engine  isentropio  thrust  computations  the  thermal  real  gas 
effects  (p  -  ZpRT)  are  usually  neglected,  whioh  oan  be  justified,  but  the  calorie  real  gas  effects  (C  and 
C  /  oonstant)  are  taken  into  account.  However  the  model  tests  are  sometimes  performed  at  high  pressure 
lSvel  in  order  to  inorease  the  model  Reynolds  number.  In  these  oases  the  virial  effeot  oan  not  be  ignored, 
particularly  if  a  cold  jet  simulating  fluid  is  used  (see  fig.  20  from  Ref.  26). 

The  gross  thrust  coefficient  may  be  defined  as 

r  -E_ 

T  "  X.„ 

id 

where  F  is  the  measured  installed  or  static  thrust  and  X^  the  isentropio  thrust  for  whioh  the  analytical 

procedure  should  be  indicated.  If  secondary  flow  is  supplied,  the  ieentropio  gross  thrust  ie  the  sum  of 
both  isentropio  thrusts,  (xidj  +  X^), 


Ts 


X,  ..  +  X.  . 
idj  ids 


and  the  secondary 


where  X. ..  and  X.  .  are  calculated  from  the  primary  nozzle  pressure  ratio  plus  m.»/T.  . 
idj  ids  j 

nozzle  pressure  ratio  plus  v^8  raepectively .  F  is  again  the  measured  total  thrust. 

In  praotice  it  is  convenient  to  work  with  primary  flows  only  in  the  bookkeeping  procedure 
even  though  secondary  flows  arc  present.  This  can  be  done  by  subtracting  from  the  measured  thruat  with 
primary  and  secondary  flows  the  ram  drag  of  the  secondary  flow  4  V  and  base  the  thrust  coefficient  on 
the  isentropio  gross  thrust  of  the  primary  flow  onlyt 


Tx 


p.jv 

'i  no 

Xidj 


The  computed  net  thrust  of  the  engine  is  then  equal  to 

FN  "  CTx  Xidj  "  *jV« 

taking  only  into  account  the  primary  engine  flows.  ‘ 

This  procedure  is  also  useful  for  direot  comparison  of  the  actual  engine  thrust  with  single 
nozzles  on  the  static  test  benoh. 

Values  of  the  model  statio  thrust,  whioh  can  be  considered  as  the  model  referenoe  thrust 
(F  .  ,  . ,  F  )  oan  be  directly  obtained  from  tunnel-off,  jet-on  measurements  for  the  different 

itsDOdsi  rfit  ei&OuSi 

nozzle  operating  conditions  for  purpose  of  determining  the  absolute  installation  effects* 


f ref .model  *  st  .model  *  C, 


tyflf,1. .  i,$,ao<fcl  ,  F 

V  *  . 


Tref. engine  id. engine 


st. engine 


where  C_ 


“Tref 
exercised  that  X 


xid 


(F 


V 


id 


at  .eng 

whioh  should  be  the  same  for  the  model  nozzle  and  the  engine  nozzle  (attention  must  be 
is  computed  in  the  same  manner)  or  the  difference  must  be  traced  by  analytical 


procedures  (Refs.  19,20).  The  condition  of  obtaining  identical  thrust  coefficients  for  the  actual  engine 
nozzle  and  for  the  model  is  very  difficult  to  achieve  (see  Ref.  28  for  example).  If  >j#n g^M  =  ^ jjoodel 


“d  ^tj/Pa,  ^ model 


(P. 


tj/p„  ^engine 


for  both  primary  and  secondary  flows  than 


■JAiafflUL  „  (scale)2  =ii ‘S2&1- 


If  r 


id. engine  ‘tj. engine 

cannot  be  simulated  in  the  wind  tunnei  than  a  email  correction  is  recuired.  The  correction  depends 


on  whether  the  jet  plume  shape  ie  correctly  simulated,  but  not  the  yet  momentum,  or  the  jet  momentum  is 
simulated  yielding  a  non-matched  plume  shape  (Ref.  27). 

The  difference  between  (jet-on,  tunnel-off)  and  (jet-on,  tunnel-on)  thrust  measurements 

yields,  (Fysf  -  Fin8t)B0d#1  -  (AFin-t  -  Vmodel  , 


i.e.  the  absolute  nozzle  installation  drag,  if  the  afterbody  is  measured  separately.  Since  at  some  Maoh 
numbers  and  simulated  engine  setting  (r.p.ra.,  A  ),  the  ideal  thrust  and  dynamic  pressure  are  both 
proportional  to  the  pressure  level  (for  example,  statio  pressure  p^  ) ,  the  internal  and  external  thrust 
losses  (AF^  t  and  D  )  can  be  correlated  with  the  ideal  thrust.  Therefore  F^ ngtAi(j  -  ^imst  a  neanin®- 


ful  quantity. 

If  the  purpose  of  the  afterbody  tests  is  to  oompare  the  performance  of  different  nozzle 
designs  in  the  aircraft  flow  field,  or  even  in  an  isolated  teet  flow  field,  the  simulation  requirements 
for  the  jet  properties  are  less  pronounced.  This  method  depends  upon  the  difference  between  two  tests  on 
different  nozzle  configurations  at  the  same  free  stream  Mach  number,  nozzle  expansion  ratio  and  secondary 
air  flow  ratio.  Then  the  comparison  of  installed  gross  thrust  can  be  written  as 


AF 


inst 


(CT 


inst 


V  Ad’ 

inst 


the  primes  referring  to  the  two  different  configurations. 
For  C-  also  C_  oan  be  written, 
inst  xinst 
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If  the  reference  model  utilizes  a  flow  through  inlet  and  exhaust,  or  a  flow  through  nacelle, 
the  referenoe  afterbody  drag  or  referenoe  aft  naoelle  drag  with  natural  flow  nruat  be  determined  including 
the  natural  flow  jet  effects  on  the  afterbody  and  tha  natural  flow  thrust.  This  natural  flow  thrust  sinus 
drag  term,  as  a  funotion  of  Mach  number  and  angle  of  incidence  oust  be  subtraoted  from  the  aeroforoe 
model  drag.  This  oan  be  accomplished  by  measuring  the  forebody  drag  separately,  as  might  be  done  in  the 
inlet  tests,  or  by  measuring  those  values  directly  with  a  blowing  referenoe  afterbody  and  nozzle  fed  from 
the  outside  (inlet  closed)  for  which  the  mass  flow  (cold  cir)  is  equal  to  the  natural  flow  as  might  be 
done  with  one  of  the  sohemes  of  figure  18.  The  actual  afterbody  or  naoelle  aft  configuration  replaces  in 
the  next  step  thb  aeroforoe  configurations,  at  which  the  actual  thrust  and  drag  term  are  determined 
utilizing  the  proper  jet  simulation  technique  and  one  of  the  schemes  of  figure  18. 

In  case  of  a  fan  engine  with  a  podded  installation  the  drag  acting  on  the  turbine  cowl  is 
sometimes  oalled  the  sorubbing  drag.  This  drag  term  oan  be  compared  with  the  external  nozzle  drag  of  an 
integrated  system.  In  case  of  under-wing  engine  mounting  the  change  in  drag  of  the  wing  due  to  jet 
effects  should  be  included  in  the  bookkeeping  procedure  of  thrust  minus  drag,  same  as  the  trim  drag  as 
resulting  from  lift  distribution  ohanges  on  the  wing  due  to  the  jets. 

In  many  publications  the  term  base  drag  is  found.  This  term  is  generally  used  if  the  drag  on 
the  base  is  determined  by  pressure  plotting,  as  is  done  with  aeroforoe  aodel  or  inlet  model  drag  correct¬ 
ions.  Since  the  base,  if  present,  oan  either  be  oonaidered  as  part  of  the  afterbody  or  part  of  the  nozzle, 
the  base  drag  will  be  contained  in  the  afterbody  drag  or  nozzle  drag  terms  if  these  terms  are  determined 
by  force  balance  measurements. 

5.  JET  SIMULATION  TECHNIQUES  FOR  THRUST  MINUS  DRAG  ASSESSMENT 

5.1.  OENERAL  REQUIREMENTS 

Apart  from  the  jet  parameter  simulation  requirements,  as  described  in  chapter  3,  other 
general  requirements  exists  with  respect  to  model  construction  and  wind  tunnel  operation.  These  require¬ 
ments  are  as  follows) 

a)  The  feed  pipes  of  the  jet  simulating  fluid  should  be  as  thin  as  possible  in  order  to  avoid 
large  aerodynamio  interference  of  the  supply  duct  and/or  support  system.  This  requirement 
calls  for  a  dense  fluid  in  the  supply  duet. 

b)  If  a  thrust  balanoe  is  used  the  system  to  bypass  the  balance  without  interference  on  the 
balanoe,  should  be  as  small  as  possible  and/or  operate  at  low  pressures.  This  also  calls 
for  a  dense  fluid  supply  along  the  balanoe  and/or  low  pressures. 

o)  In  order  to  keep  the  possible  influence  of  the  momentum  of  the  entering  fluid  on  the 
thrust  balanoe  reading  as  small  as  possible,  this  momentum  should  be  normr'  to  the  thrust 
axis  and  should  be  a  small  fraction  of  the  momentum  of  the  exhaust  jet.  This  oalls  for  a 
dense  fluid  again. 

d)  Within  the  balances,  no  temperature  gradients  should  be  generated  due  to  heat  flow  from 
hot  jet  simulators,  nor  should  the  model  deform  by  thermal  stresses. 

e)  The  operation  of  the  simulator  should  be  easily  oontrollable,  adjustable  and  accurately 
repeatable. 

f)  The  model  and  simulator  design  should  be  simple  and  cheap. 

g)  Tha  operation  costa  should  be  low. 

h)  The  operation  should  be  safe,  therefore  the  number  of  Bystems  should  be  kept  small. 

i)  The  jet  flow  should  not  oontaminate  the  tunnel  air  of  closed  circuit  tunnels,  nor  should 
explosive  gae  mixtures  be  accumulated  in  the  tunnel. 

5.2.  TECHNIQUES,  ADVANTAGES  AND  LIMITATIONS 
5.2.1.  TECHNIQUES  WITH  FAIRED  INLET 

The  teohniques  for  nozzle  tests  in  wind  tunnels,  with  closed  inlets  whioh  have  been  utilized 
or  suggested  oan  be  sub-divided  in  the  following  order  according  to  the  fluids  usedt 

-  Cold  gases 

Air  or  nitrogen  are  commonly  used  because  of  low  costs,  easy  handling  properties  end  reason¬ 
able  gas  properties  for  nos-augmented  engines  (exoept  for  temperature).  Cold  gases  give  olean  and 
continuous  operation,  and  even  with  seoondary  flow  simulation  the  plenum  ohamber  of  tha  simulator  oan  be 
easily  designed.  However,  tha  jet  plume  or  jet  momentum  oan  not  exactly  be  simulated.  Nor  oan  the  mixing 
process  of  ejeotor  nozzles  and  along  the  jet  boundary  be  simulated.  Several  exhaust  nozzles  may  be  re¬ 
quired  to  obtain  the  desired  entire  range  of  pressure  ratios  at  high  jet  pressure  ratios.  Scaling  the 
real  nozzle  for  complete  expansion  will  result  in  over-expanded  sealed  nossle  operation.  Table  III  shows 
the  non-matohed  nozzl*  properties  (Ref.  4) . 

Table  III.  COMPARISON  OF  NOZZLE  FLOWS  FOR  DIFFERENT  RATIOS  OF  SPECIFIC  HEATS 


Ratio  of  Specifio 

Nozzle  Pressure 

Ares 

Mach  number 

Heats 

Ratio,  NPR 

Ratio, A.^A*,  p#x.  P<c 

Max 

1.3 

5-0 

1.41 

1.74 

1.4 

5.0 

1.34 

1.71 

1.4 

5-5 

1.41 

1.77 

In  order  to  keep  the  feed  lines  small  the  gas  is  supplied  at  high  pressures,  consequently 
large  pressure  drops  in  the  ducts  oan  be  tolerated.  The  balanoe  bypass  system  la  generally  quite 
voluminous  sad  must  be  designed  properly  for  detailed  balanoing  if  thi*  system  must  be  looated  inalde  the 
model.  If  the  balanoe  bypass  system  oan  be  looated  outside  the  test  seotion  this  problem  oan  be  avoided 
for  example  by  utilising  long  flexible  hoses  or  pipes  haring  a  spring  constant  many  orders  of  magnitude 
less  than  the  spring  constant  of  the  balanoe.  The  gas  must  be  supplied  st  right  angles  to  the  thrust 
axis.  Right  angle  feed  ay  (teas  are  mainly  used  for  isolated  model  tests. 
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Figure  21  (NASA-Lewls)  show*  an  laolatad  noitl#  system  (Ref.  29)  for  which  the  neoaaaary 
flexure  in  the  axial  direotion  ia  obtained  by  a  nuaber  of  feed  pipaa  in  the  support  strut,  using  the 
measuring  arrange nant  of  figure  10A,  incorporating  secondary  air.  In  many  models  the  stiffness 
perpendioular  to  the  thrust  axis  is  a  hard  requirement  to  meet.  Therefore  often  extra  support  bearings  or 
flexures  are  incorporated  as  seen  in  this  figure. 

In  figure  22  (NASA* Langley)  a  tandem  arrangement  is  okstohsd  (Fig.  18C)  for  a  twin  nossle 
isolated  afterbody  model  arrangement  where  the  halanoa  bypass  is  within  the  model  (Ref.  30).  However  in 
this  ease  no  seoondary  air  is  provided. 

A  very  popular  arrangement  for  isolated  nossle  (or  afterbody)  support  at  transonio  and  super- 
sonio  speeds  is  the  shaft  method  for  whioh  the  nossle  ia  at  the  end  of  the  shaft  extending  from  the 
tunnsl  plenum  chamber  into  the  test  ssotion.  The  advantage  is  the  complete  omission  of  side  supportsi  the 
limitation  is  the  large  boundary  layer  build  up  along  the  shaft  in  front  of  the  nossle  and  the  impossibil¬ 
ity  of  inoidenoe  variation.  The  influenoo  of  the  shaft  boundary  layer  can  however  be  reduced  by  blowing 
or  suction  just  upstream  of  the  sensitive  portion  of  the  afterbody.  Figure  23  show  such  installations 
with  three  jot  fluxes  available,  as  they  are  used  in  various  wind  tunnels  in  France,  ONERA  (see  Ref.  26 
for  example). 

The  sealing  is  obtained  by  balanoing  rubber  bellows.  Also  details  on  data  reduction  and  lay¬ 
out  ore  given. 

The  nossle  test  shown  in  figure  4  is  also  of  this  type  as  used  at  Rolls  Royce.  The  rig  is 
used  primarily  for  the  purpose  of  gathering  oomparitive  information  useful  to  seleot  a  configuration 
rather  than  obtaining  absolute  datums.  The  tests  are  oarrled  outt 

a)  without  external  flow  to  measure  nossle  internal  performance. 

b)  with  external  flow  to  measure  installed  thrust  minus  drag. 

The  latter  tests  are  made  with  all  the  significant  items  which  might  contribute  to  the  jet  interference 
effeots  -  boattail,  base  area,  tail  surfaces ,  in  the  oase  of  an  afterbody  -  a  wing  and  pylon  in  the  case 
of  a  wing  pod. 

Figure  24  represents  another  afterbody  shaft  mounted  study  rig  in  a  transonic  test  eeotion 
whioh  is  small  with  respeot  to  the  scale  of  the  model  (ONERA  Ref.  31).  The  aim  of  this  rig  is  to  study 
the  afterbody  performance  of  a  podded  fan  engine  installation  by  pressure  plotting  rather  than  by  weighing, 
and  to  compare  the  results  for  the  fan  oowl  with  the  pressure  ooeffioients  obtained  from  the  inlet  tests. 

In  order  to  obtain  a  representative  flow  around  the  model  and  provide  a  simulated  reference  upstream 
flow,  the  cylindrical  shaft  support  has  been  smoothly  faired  to  the  external  boattail  shape.  However,  as 
is  shown  in  the  lower  half  of  this  figure  the  oomoon  portion  in  the  pressure  coefficient  is  present  only 
at  the  lower  Maoh  numbers,  whioh  is  probably  due  to  the  fact  that  the  flow  field  induoed  by  the  lip  of 
tne  inlet  is  not  reproduced  in  the  afterbody  test.  Therefore  the  data  should  not  be  interpreted  as  an 
absolute  value  of  the  afterbody  drag  as  determined  from  pressure  integration  and  estimated  skin  friotion 
drag.  Consequently  improvements  of  this  test  procedure  must  be  made,  for  instance  by  a  better  representat¬ 
ion  of  the  shape  of  the  streamline  at  the  leading  edge  and  by  boundary  layer  control  (as  is  done  in 
Ref.  47). 

Figure  25a  gives  a  layout  of  a  aide  supported  twin  nossle  afterbody  rig  which  can  be  installed 
in  the  tranaonio  as  well  as  in  the  supersonic  wind  tunnel  of  the  Airoraft  Research  Association  U.K. 

Ref.  32.  The  rig,  whioh  carries  models  of  l/lO  to  l/20  scale  and  usoe  air  stored  at  11  atmospheres,  oan 
be  used  to  investigate  nossle-afterbody  performance  over  a  nossle  expansion  range  representative  of  turbo¬ 
jet  and  bypass  engines.  The  scheme  used  is  that  of  figure  18A,  incorporating  secondary  flow  and  tail 
planes  at  the  metrio  afterbody.  The  forebody  ia  non-metric  and  the  strut  is  located  at  a  typical  wing 
location.  The  forebody  is  of  reduced  length  just  as  figure  22  making  representative  boundary  layer  thick¬ 
ness  simulation  possible  at  the  metrio  line  looation  as  it  indicated  in  the  figure  25b. This  requires, however, 
a  careful  design  of  th* for# body  contour.  Retailed  drawings  of  this  teat  faoility  are  given  in  figure  250. 

The  instrumentation  layout  is  shown  in  figure  25d  along  with  the  line  diagram  for  data  reduction  in 
figure  25e.  The  data  reduction  eobeme  results  in  various  thrust  ooeffioients  (underlined)  which  depend 
etch  on  the  definition  for  the  isentropic  thrust  and  the  aesooiated  deduced  actual  model  thrust.  Speoial 
attention  hss  been  directed  to  tha  mesa  flow  ar.d  discharge  coefficient  determination.  The  maes  flow  is 
measured  at  a  apeoial  discharge  chamber  in  the  supply  line  aa  indicated  in  figure  25d  where  the  total 
pressure  (p )  end  the  bell  mouth  depression  &p  are  measured  and  used  to  define  an  acourate  value  for 
iy/i.  The  dxaonarge  coefficient  relates  to  thecell  mouth  Reynolds  number  and  has  been  accurately 
determined  against  a  known  standard  nossle.  The  values  of  4^/T  for  use  in  the  nossle  require*  correction 
for  any  total  temperature  ohange  between  the  measuring  bell  mouth  and  nossle  plane.  This  can  be  an 
important  item  in  relation  to  th*  required  acouraoy  as  1  °/o  temperature  variation  between  the  two 
stations  give#  1/2  °/o  variation  in  C ..  The  seoondary  flow  is  measured  separately  in  each  duot  by  orifice 
plates.  As  ia  stated  before,  the  signifioanoe  of  absolute  dieoharge  coefficients  and  thruet  coefficients 
is  subject  to  doubt  einoe  th*  rig  values  must  be  based  on  a  defined  nossle  pressure  bead.  Also  tne  flow 
distribution  approaching  the  nossle  ia  likely  to  be  very  different. 

If  the  engines  are  located  in  separate  nacelles  under  the  wings  or  at  th*  aft-fuselage  the 
semi-model  test  technique  may  be  used  sothat  the  air  can  be  supplied  through  the  wings  and  pylon*  to  the 
nossle.  In  this  oaa*  th*  inlets  will  he  faired  if  direct  blowing  is  provided.  Using  engine  simulators, 
such  as  email  turbine-driven  compressors .  the  inlet  flow  is  also  simulated  partially.  Thie  technique  will 
be  dimouseed  later.  Figure  5  gives  a  layout  of  a  semi-model  of  a  supersonio  transport  with  a  half-width  of 
0,5  m  in  a  1.7  x  1.7  m 2  tunnel. 

Cold  gases  other  than  oompressed  air  or  nitrogen  for  jet  simulation  in  wind  tunnels  are 
proposed,  einoe  mixing  air  with  multi-atomatic  gases, euoh  aa  carbon  dioxide  or  freon,  the  ratio  of 
speoifie  haste  oaa  be  adjusted  (Ref.  33).  By  mixing  s  third  light  weight  oomponent  euoh  as  He  and/or  H?, 
th*  jet  density  oan  be  simulated  also.  However,  these  teohniques  have  not  been  used  extensively  due  to2 
ooate,  tunnel  oontemi nation  and  the  posoible  accumulation  of  explosive  or  otherwise  dangerous  mixtures. 

-  Hot  gases 

In  practio*  th*  simulation  of  the  exhaust  jets  by  hot  gaaos  ie  performed  using  th*  decomposit¬ 
ion  of  hydrogen  peroxide,  or  by  burning  a  liquid  or  gaseous  fuel  with  air.  Th*  latter  method  can  ba  used 
in  oonjunotion  with  simple  oold  air  simulation  but  ia  of  course  much  more  oomplioatsd  slnoa  an  additional 
ignition,  fuel  flow  and  control  system  must  be  provided.  In  order  to  keep  th*  cooling  provisions  and 
thermal  flux  requirements  to  a  minimum,  th*  heat  suat  be  generated  juet  upstream  of  th*  nostle, 


preferrably -at  th«  actual  angina  location.  This  will  mean  that  the  loading  of  the  burner  must  be  rather 
high,  resulting  in  inoonplete  oombustion  and  henoe  in  unprediotable  siaulator  performances  For  this 
reason  gaseous  fuels,  particularly  H.,  are  favourable,  but  are  more  dangerous  with  respeot  to  leaks,  then 
licruid  fuels  and  will  result  in  rather  thick  fuel  lines.  The  fuels  used  are  generally  hydrogen,  methane, 
propane,  ethylene  and  liquid  hydrocarbons,  euoh  as  kerosine.  The  oxiditer  is  usually  air  or  oxygen,  with 
air  being  more  favourable  due  to  lees  oosts  and  the  required  moderate  temperatures.  Usually  the  problem  is 
not  to  meet  the  highest  jet  temperature  requirements  but  rather  the  lowor  jet  temperature.  For  lower 
temperatures  the  oombuntor  must  be  designed  euch  that  burning  takes  plaoe  in  the  primary  tone  after  which 
cooling  air  is  added. 

The  main  advantage  of  hot  gases  is  the  oorreet  jet  simulation  properties,  both  T^ 


and  y.. 
J 


Some  advantage  is  obtained  duo  to  the  reduced  required  mass  flow  and  henoe,  reduced  supply  ducts. 


For  oiosed  circuit  wind  tunnels  good  intermittent  jet  operation  ia  required,  or  else  an  exhaust  gaa 
collector  muet  be  provided  for  oontinuous  operation. 

Figure  26a  depiots  an  axisymmetrio  het  isolated  nozzle  test  rxg  of  the  shaft  type  in  a 
transonic/ supersonic  wind  tunnel  (RAE  Ref.  22).  Also  nor.-axi symmetric  nozzle  and  afterbodies  may  be 
attached  to  the  shaft  whioh  extends  from  the  tunnel  plenum  chamber.  The  shaft  ia  1C  cm  in  diameter  and 
oontaine  a  propane  burner  and  a  downstream  mixer  for  uniform  temperature  distribution  at  the  nozzle 
entrance.  The  nozzle  is  fed  by  dry  compressed  air  heated  to  600°  C  maximum  by  propane  burning.  The  range 
of  obtainable  jet  temperature  and  ratio  of  epecifio  heats  is  given  in  figure  26b.  The  oombustion 
efficiency  varies  bstwesn  7°  °/o  and  90  °/o,  the  highest  at  the  highest  obtainable  fuel-air  ratio.  The 
temperature  distortion  is  lees  than  10  °/o.  This  rig  has  been  developed  and  refined  continuously  over  a 
period  of  years  and,  apart  from  Reynolds  number  effects,  simulates  flight  conditions  very  closely.  The 
approach  houndary  lay-r  on  to  the  afterbody  ia,  however,  too  thiok|  no  boundary  layer  control  ie  provided. 
This  means  for  example  that  the  efficiency  of  blow-in-door-e jeotorscan  net  be  determined  reliably  by  this 
means. 


For  data  reduction  a  thrust-minus-drag  balance  is  provided  together  with  pressure  plotting 


along  the  afterbody  and  base.  The  primary  pre-determined  parameters  (K  ,  P, 


50  ’  tj/lbc  ’  tj/T. 


too 


)  then  yields 


data  on  jet  thrust,  boattail  drag,  skin  friction  drag,  pressure  drag  and  base  drag  of  whioh  the  latter  two 
tense  oan  be  obtained  by  pressure  integration.  The  jet  thrust  and  skin  friction  drag  can  be  then  determin¬ 
ed  after  appropriate  assumptions  (for  example  estimation  of  skin  friction  drag,  or  assumed  independence  of 
external  flow  on  jet  thrust  in  ohoked  nozzle  operation). 

The  other  way  frequently  used  to  generate  hot  exhaust  gases  ie  by  decomposition  of  hydrogen 
peroxide  in  a  oatalyst  pack  producing  hot  steam/oxygen  mixtures  for  whioh  the  temperature  and  composition 
depends  on  the  peroxide  concentration.  It  has  the  advantage  that  the  ratio  of  epecifio  heate  and  tempera¬ 
ture  of  the  decomposition  products  follow  olosely  the  values  for  turbojet  engines  as  may  be  seen  in 
figure  27.  Peroxide  decomposition  yields  therefore  good  plume  shape  and  jet  momentum  simulation  as  well  as 
simulation  of  the  mixing  prooese  (Ref.  34).  The  silver  screen  catalyst  pack  oan  generally  be  designed  email 
enough  to  be  looated  in  the  model  and  does  not  require  more  space  than  a  scaled  engine  should.  Therefore 
this  method  is  very  suitable  for  jet  simulation  at  complete  aircraft-models  with  faired  inlets.  Due  to 
the  feed  of  oold  peroxide  the  thermal  effects  heve  little  influence  on  upstream  components  (i.e.  balances). 
Compared  to  the  use  of  oold  air  the  following  numerioal  values  show  the  use  of  hydrogen  peroxide  is  very 
attractive  from  a  model  testing  requirements  point  of  view 


Density  ratio  PlJ202/pair  ”  ^  (a**UB*d  9°  °/°  HgO^  and  compressed  air  at  80  atm.) 


Supply 

Supply 


mass  ratio  L  .  ■  O.46. 

“2°2'  air 

line  diambter  ratio  Dl.  q  /_  « 

Z  2'  air 


0.43. 


Supply  line  ultimate  diameter  ratio  Djj  q  «  0.26. 

Z  z'  air 

Supply  line  stiffness  ratio  Djj  Q  3  »  0.08. 

Z  2'  air 

Supply  momentum  ratio  (mv. )„  n  n~  \  =  0,08. 

1  “2 Vvar Vair 

Momentum  ratio  supply/exhaust  ,  ftVj/Av^  -  0.023. 

air  :  rav^/Av^  •  0.28. 

This  mtkss  the  use  in  complete  afterbody  model  teste  particularly  suitable  when  incorporating  thrust  and 
drag  balances  in  the  model.  The  operation  oan  easily  be  intermittent  by  opening  end  olosing  the  supply 
valve. Kase  ilow  control  ie  easily  and  aoourately  achieved  by  a  cavttating  venturi,  whioh  also  provents 
ohugging. 

Sinoe  the  feed  lines  are  email,  space  ie  also  available  for  eeoondary  air  flow  supply  as  may 
be  seen  in  figure  28  for  an  isolated  nozzle  test  (Ref.  33),  using  a  two-balance  syotem.  Another  balanoe 
system  ia  shown  in  figure  29  where  the  thrust  balsnos  and  supply  line  to  the  siaulator  oatalyst  pack  are 
integrated  (H.L.R.,  The  Netherlands).  The  afterbody  drag  balanoe  is  oonoentrio  with  the  thrust  balance, 
yielding  a  teeting  soheme  similar  to  figure  38  B.  The  balances  of  the  system,  eo  called  ring  balanoes,  are 
very  stiff  with  respect  to  side  fo/oes  and  axial  forces,  sothat  email  split  lines  be ‘ween  components  of 
the  model  can  be  obtained.  In  spite  of  email  displacement  due  to  axial  foroes  the  output  of  this  ring 
balanoe  is  relative  large.  Proved  accuracy  of  this  balanoe,  eleotronio  equipment  included,  ie  0,5  °/° 
full  soale.  Temperature  effects  on  the  balanoe  acouraoy,  oaueed  by  the  hot  simulator,  are  eliminated  by 
cooling  the  oontaot  eurfaoe  between  balanoe  and  simulator  with  water.  During  firing  of  the  simulator,  the 
balanoe  and  the  front  plate  of  the  simulator  are  intensively  cooled  by  the  liquid  hydrogen  peroxide,  which 
has  an  entranoe  temperature  equal  to  the  stagnation  temperature  of  the  tunnel  air. 

Though  this  teohnique  has  several  advantages  from  the  wind  tunnel  teeting  point  of  view  it  also 
has  drawbacks,  of  whioh  the  main  drawback  is  the  cleaning  and  passivation  procedure  of  components  in 
dirsot  oontaot  with  the  hydrogen  peroxide  in  order  to  operate  the  facility  aavely.  This  requires  s  skillsd 
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operation  ts.us  and  a  well-designed  system.  Fortunately  dilution  with  only  small  amounts  of  water  rapidly 
reduces  the  coourranoe  of  fire  and  explosion  hazards.  The  liquid  and  fumes  are  non-toxio.  In  oloaed 
circuit  tunnels  the  humidity  increases  due  to  the  large  amount  of  steam  in  the  jet  and  the  tunnel  air 
will  rise  in  temperature.  Therefore  intermittent  operation  is  required!  blowing  times  between  4  eeo.  and 
40  see.  are  generally  used.  Several  intermittent  runs  oan  be  made  before  tunnel  air  exchange  or  tunnel 
drying  is  neoossary  due  to  increased  humidity.  *lso  short  firing  time  is  required  due  to  limited 
catalyst  pack  life  (one  to  five  hours,  depending  on  pack  loading  and  peroxide  concentration),  which 
means  in  practice  that  the  oatalyat  pack  must  be  replaced  a  few  times  in  a  wind  tunnel  program.  Another 
draw  back  nay  be  the  ooata  of  H.O  ,  whioh  is  about  $  1 ,00/kg.  Consequently  this  system  will  only  be 
used  in  high  quality  wind  tunnexs^and  in  wind  tunnel  programs  for  advanced  airoraft  design. 

5.2.2.  TECHNIQUES  WITH  COMPLETE  ENGINE  SIMULATION 

In  ths  previous  section  the  exhausts  are  treated  separately  from  the  inlet  flow,  following 
the  usual  procedure  as  psrformsd  in  the  wind  tunnel  testing  program.  However,  the  mutual  possible  inter¬ 
ference  between  the  inlets  and  exhausts  has  been  mentioned  occasionally,  and  doubt  has  been  expressed  if 
asperate  testing  is  allowed. 

If  a  wind  tunnel  testing  soheme  is  set -up  at  whioh  both  the  inlets  and  exhausts  are  simulated 
simultaneously,  provision  should  be  provided  to  energy  to  the  inlet  air  flow  in  the  form  of  total 
pressure  rise  and  preferably  also  in  the  form  of  a  temperature  rise  (temperature  rise  only  would  yield 
ramjet  conditions).  This  addition  of  energy  can  be  either  outside  the  wind  tunnel  test  eeotion  or  inside 
the  model.  Depending  on  the  inlet  mass  flow  and  required  pressure  rise,  it  oan  generally  be  stated  that 
the  required  power  for  pumping  is  very  large  (typically  between  10  and  100  h.p.)  whioh  means  that  the 
location  of  the  pumping  system  inside  the  model  would  be  a  considerable  task,  though  not  completely 
impossible.  Dr.  Fuhs  computes  the  power  requirement  for  a  typical  example  (Ref.  4)  and  concludes  on  this 
itemt  “This  is  like  stuffing  two  VW  engines  in  a  three-inch  pipe".  Two  teohniques  are  now  available, 
ejectors  and  miniature  gas  turbine  driven  engine  simulators,  both  based  on  gaseous  driving  fluids  (air 
or  nitroge  .)  whioh  is  expelled  through  the  ncztle  also  or  which  is  again  partially  extracted  from  the 
turbine  flow  (Fig.  3°) •  To  obtain  correct  pressure  ratio  having  a  reasonable  number  of  stages  in  the 
compressor,  the  speed  oust  typioally  be  of  the  order  of  60.000  to  80.000  r.p.o.  Use  of  eleotric  power 
will  yield  too  voluminous  motors. 

The  system  for  whioh  the  pump  system  is  looated  outside  the  tunnel  test  eeotion  oan  only  be 
used  if  the  air  passages  of  the  inlet  flow  oan  be  made  large  enough  to  provide  for  the  complete  inlet 
mass  flow  particularly  at  transonic  speeds  where  pvis  maximum.  This  means  that  this  system  cannot  be 
used  with  podded  engine  installations  sinoe  the  pylon  crnes-eeotional  area  is  much  less  than  the  inlet 
area. 

A.  SYSTEMS  WITH  INTERNAL  ADDITION  OF  ENERGY 

The  accompaning  sketoh  depiots  schematically  the  system  with  internal  addition  of  energy 
where  the  primary  driving  fluid  ia  expelled  through  the  exhaust  also,  either  mixed  with  the  secondary 
flow  or  separated  from  the  secondary  flow  in  oase  of  a  fan  engine  simulator.  If  the  testa  a-e  Performed 
for  thrust-drag  determination  or  for  engine-airframe  interference  determination,  in  both  oases  the 
seoondary  air  flow  must  be  measured  (assuming  ths  primary  mass  flow  is  measured  adequately  outside  the 
test  section)  for  correct  inlet  apillaga  and  jet  properties  assessment.  This  means  that  careful  calibrat¬ 
ion  of  ths  secondary  mass  flow  (inlet  mass  flow)  must  be  provided  since  the  precise  measurement  of  this 
quantity  under  wind  tunnel  model  conditions  is  generally  not  possible.  As  an  intermediate  step  in  the 
thrust  minus  drag  assessment  sometimes  also  ths  nacslle  with  engine  simulator  is  measured  under  isolated 
conditions  (e.g.  free  from  the  wing)  at  whioh  the  interference  drag  can  than  be  defined  as  the  difference 
in  the  iaolated  (nacelle  free)  wing  or  airplane  drag  plus  ths  net  nacelle  force  and  ths  complete  (with 
powered  nacelles)  aircraft  drag. 

- ■»rhs  —  — ■ 


MINIATURE  TURBINE  DRIVEN  ENGINE  SIMULATORS 

For  a  high  bypass  engine  installed  on  a  wing  or  rear  fuselage  in  eubsonio  flow  the  performance 
engineer  generally  needs  to  know  (a)  the  effect  of  ths  inlet  and  exhaust  flow  on  ths  airframe  aarodynaaios , 
and  (b)  ths  effsots  of  the  wing  flow  field  on  ths  gross  thrust  of  the  nossles  end  mast  flow.  Pressure 
ratios  of  ths  order  of  1.7  are  required  to  be  simulated  within  the  naoelle  and  this  is  not  easily  simulat¬ 
ed  by  ejectors.  Therefore  miniature  turbine  driven  engine  simulators  have  recently  been  developed  for 
wind  tunnel  use.  These  engine  simulator  units  operate  with  a  primary  drive  turbine  using  air  (or  N„)  at 
25  atmospheres.  This  turbine  drives  a  seoondary  duot  fan  (max.  r.p.m.  80.000)  which  gives  a  geometric¬ 
ally  representative  secondary  air  flow  at  the  oorreot  pressure  ratio.  The  model  is  usually  oorreotly 
soaled  and  only  the  unrepresentative  features  are  >',  T  and  aotual  mass  flow  ratio.  Ths  inlet  flow  is 
less  than  tha  flight  requirement  but  only  about  15  -  25  %>  (for  a 7  tel  bypass  ratio  fan)  less  and  is 
within  an  aooeptable  limit  above  the  spill  drag  margin.  Tha  primary  gas  generator  flow  is  unrepresent¬ 
ative  but  is  probably  of  little  importance  whan  surrounded  by  ths  seoondary  flow.  Figure  31  shows  suoh 
a  unit  installed  in  a  naoelle  under  the  wing  (Ref.  36,37). 

In  figure  30  a  fraction  of  the  turbine  mass  flow  is  mixed  with  ths  compressor  flow,  yielding 
flexibility  in  the  controlling  of  jet  plume  parameters  of  multistage  turbojet  simulators.  This  feature 
is  not  oomoon  ourrently,  however  new  simulators  incorporate  this  feature.  See  for  performance  details  of 
suoh  simulators  reference  38. 

Ths  degree  of  simulation  oan  be  desoribed  as  followst 

a)  Fan  pressure  ratio  ia  representative  of  full  soals. 
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b)  Fan  (seoondery)  nozzle  oan  be  sized  oorreotlyi  thus  with  (a)  fan  noetic  exit  oonditione 
are  oorreot  in  flow  oonditiona  and  geometry.  Distortion  soreens,  detail  struts  and 
fairings  oan  be  incorporated  within  the  nosele  in  order  to  duplioate,  as  far  as 
possible  ths  exhaust  flow  oharaoteristios  of  the  full  soale  engine.  In  retrospeot,  it  is 
evident  that  the  failure  to  duplioate  the  nozzle  radial  total  pressure  profile , 
contributed  to  a  discrepancy  noted  between  nodal  soale  and  full  soale  evaluat'ons  of  the 
fan  noeele  oosffioients.  At  take-off  power,  for  instanoe,  the  total  pressure  distortion 
(Pt  -  Pt  )/(Pt  -  P„t)  oan  typically  be  some  30  °/°  f°r  large  bypass  ratio  engines 

Tmax  '’min  av  * 

(Ref.  39). 

o)  The  whole  of  the  inlet  flow  feeds  the  fan  nosele,  thus  the  inlet  is  wrongly  matched  and 
therefore  the  performance  and/or  the  geometry  must  be  compromised,  usually  by  cowl 
modifications,  in  order  to  keep  the  spill  margin  equal. 

d)  Primary  nosele  is  geometrically  near  oorreot,  »"-e  pressure  ratio  is  olose  to  correct  but 
very  oold.  This  might  have  consequences  regardi-g  the  effects  due  to  mixing.  Bypaaw  ratio 
is  2il  instead  of  5*1 •  As  the  primary  jet  is  shielded  by  the  fan  jet  these  effects  should 
probably  be  unimportant  as  far  as  jet  interference  is  oonoerned. 

Usually  the  following  Testing  is  performed! 

a)  Isolated  engine  on  a  balanoe  without  external  flow  with  beilmouth  for  eeoondary  mass  flow 
calibration  and  some  oheoks  on  (b)« 

b)  Isolated  nacelle  on  balanoe  with  external  flow  for  thrust  calibration, and 

o)  Nacelle(s)  in  position  on  metric  model  with  balance  measuring  net  forces  on  model, 
usually  semi-span  (Fig.  32  from  Ref.  40). 

The  tests  (a)  or  (a)  and  (b)  can  be  replaoed  by  "test  bed"  type  calibration. 

Hith  respect  to  isolated  tests  it  should  be  noted  that  the  nacelle  should  be  axisymmetric 
since  a  oontoured  nacelle  in  a  uniform  flow  field  would  give  unrealistic  nacelle  drag,  that  would  not 
exist  in  the  air  plane  flow  field.  This  would  result  in  apparent  favourable  interference  effects.  The 
installation  oriteria  should  be  that  the  contoured  nacelle  operating  in  the  airplane  flow  field  should 
have  essentially  the  same  drag  as  an  axisymmetric  nacelle  operating  m  the  uniform  field  of  the  wind 
tunnel.  Any  drag  inorement  due  to  improper  contouring  appears  as  interference  drag  and  should  be  con¬ 
sidered  as  an  installation  effeot  (Ref.  41 ).  In  test  b  and  o  the  momentum  of  the  incoming  driving  fluid, 
(air  or  N.)  oust  be  perpendioular  to  the  drag  direction  if  the  model  plus  simulator  is  metric.  In  test(b) 
oare  must-be  taken  where  to  locate  the  metrio  line  along  ths  support  strut.  If  the  metric  line  is  too 
close  to  the  nacelle-pylon  combination  the  measured  force  is  unrealistic  since  part  of  the  mutual  inter¬ 
ference  (equal  but  opposite)  is  not  measured.  The  distanoes  of  the  metrio  line  must  be  suoh  that  the 
pressure  disturbances  produced  by  the  nacelle  on  the  non-metrio  (grounded)  part  of  the  support  should  be 
small  relative  to  the  balanoe  aoouracy.  In  reference  41  it  is  considered  that  a  distance  of  the  metrio 
line  1,25  nacelle  diameters  from  the  engine  oenterline  is  sufficient  in  this  respect. 

In  both  tests (biand(o)  it  is  necessary  the  trip  the  boundary  layer  at  a  fixed  point  in  order 
to  make  the  data  comparable  since  the  tests (b) and(c) will  generally  be  performed  in  different  wind 
tunnels  usually  having  different  noise  intensities  in  the  test  seotion.. 

The  test (clshould  be  done  relative  to  the  flow  through  nacelle,  hence  the  compressor  should 
be  run  first  at  such  a  speed  that  the  total  pressure  ratio  accross  the  fan  is  equal  to  the  flow-through 
nacelle.  This  gives  the  referenoe  values  as  obtained  similarly  with  the  aeroforce  model.  The  overall 
bookkeeping  procedure  is  than  usually  suoh  that  the  installation  drag  1®  defined  asi 

^inst  =  D^model,  full  blowing  (a,f!,n)  -  ^T-D^model,  ref  .blowing  (a,p)  1 

I  (T“D)i8olated,full  blowing(n)  ~  ^T-D^isolated, ref. blowing)*"  *  (a'P*n»*'x  ^ 

The  terms  in  the  first  brackets  are  obtained  from  test(c)  and  the  terms  in  the  last  brackets  from  testlbl 
Comparison  with  test (a)gives  break  down  in  the  various  thrust  and  drag  terms, 

A  typical  method  in  use  with  these  currently  available  simulators  will  be  described 
next.  This  method  for  fan  simulators  is  perhaps  ths  most  advanced  and  logical  which  has  been  attempted 
with  these  simulated  engines,  in  that  the  thrust  of  the  individual  nozzles  is  related  to  the  conditions 
in  that  nozzle  in  the  oorreot  environment.  Certain  assumptions  are  made  of  necessity,  and  the  value  of 
any  absolute  answers  is  dependent  upon  prediction  methods  for  external  drag. 

Sinoe  the  author  does  not  have  experience  with  those  simulators,  the  method  that  will 
be  described  is  due  to  the  contribution  of  the  U.X.  on  the  AGARD  ouestionaire  as  Quoted  in  the 
introduction  (Ref.  l). 

The  following  methods  can  be  used  to  calculate  thrust. 

A.  In  this  oase  an  attempt  is  made  to  calculate  the  net  standard  installed  thrust  of  the  engines  when 
installed  on  the  "oomplete”  model.  Addition  of  this  term  to  the  balance  measured  overall  drag  gives  an 
aircraft  external  drag.  As  the  net  standard  definition  of  thrust  is  used  any  post  exit  thrust  ie  in  the 
external  drag  term. 

The  static  test  (a)  yields  a  mass  flow  calibration  of  the  fan  face  instrumentation 
(typically  28  pitots,  12  statios).  A  flow  coefficient  C^,  is  calculated  such  that 

*  C .  x  (see  sketch) 

a  Q1  m 
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»  MASS  FLOW 

V  velocity 

CA  AREA  COEFFICIENT 
Cv  VELOCITY  COEFFICIENT 
X,  GROSS  THRUST 
Pt  TOTAL  PRESSURE 

t  STATIC  PRESSURE  FROM  AREA  WEIGHTED  MEANS 

T,  TOTAL  TEMPERATURE 

Ca,  INLET  MASS  FLOW  COEFFICIENT  1  (pl|/»|  ONLY! 

SUBSCRIPTS 

NOTATIONS  AS  ABOVE 
«  1  ACTUAL  * 

«  MEASURED  AT  PARTICULAR  STATION 


I 

i 


t 


where  is  obtained  from  a  calibrated  uellmouth  and  m^  from  area  weighted  mean  total  and  static 
a  a 

pressures  and  freest ream  total  temperatura  at  the  fan. 

When  the  nacelle  is  tested  in  isolation  (test  b)  with  external  flow  pressure  measurements 
can  be  made  at  the  inlet,  nozzle  exits  and  on  oowl  external  surfaces.  The  actual  gross  standard  thrust 
for  each  nozzle  is  defined  as 

X  s  is  v  C,  C?'  +  (p  -  p  )A, 
g  m  m  A  v  vtex  *oo  '  ’ 

®m'  vm  are  d«terrd.ned  from  area  weighted  pressures  (total  and  static)  and  total  temperatures  at  the 
nozzle  exit.  and  Cv  are  area  and  velocity  coefficients  respectively.  Obviously  accurate  mass  flows 

must  be  used  for  the  thrust  calculations  but  it  is  also  important  that  the  same  mass  flow  13  used  for  the 
ram  drag  calculation  v  for  the  fan  gross  thrust.  The  inlet  instrumentation  is  the  best  available 
(being  more  uniform  than  the  nozzle)and  so 


m.  =  m,  r  C ,  x  ft.  1b  taken  (c  .  being  taken  for  the  relevant  value  of  /  )  . 
a  a  *1  m  dl  '’/pl 


An  aoourate  determination  of  the  primary  mass  flow  can  be  made  external  to  the  model  by  a 
standard  flow  meter.  In  order  to  force  the  correot  mass  flow  into  the  groce  thrust  equation  above  the  flow 
ooeffioient  can  be  written  as 


in  other  words 

Xg  *  \  \  Cv  +  (pex  "  p  )A* 

In  order  to  determine  thesi  nozzle  coefficients  separately  the  primary  nozzle  C.  is  token 
from  separate  nozzle  tests.  Thus  from  the  pressure f  temperature  and  mass  flow  measurement!,  the  primary 
gross  thrust  X  .  can  be  oaloulated.  The  measured  balance  drag  D_„.  with  the  isolated  nacelle  model  is 
given  by  ei  BAL 

^BAL  ”  ^EXT  *  DRAM  “  Xg2  ~  Xg3 

where  the  external  ^  oontaine  all  terma  suoh  ae  axial  pressure  integrals,  forebody  spillage  drag,  skin 

friotion  drag  and  scrubbing  drag.  The  RAM  drag  can  be  oaloulated  from  freestreaa  conditions  and  . 

a 

Thus  tha  secondary  gross  thrust  X^  is  determined  if  ell  the  terms  in  are  estimable  or  calculable. 
See  for  this  procedure  reference  42  for  example. 
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In  tha  aquations 


C,  x  C  *  T-6 
A2  v2  ft? 

St 


*2_  1  V2_  1  °A  1  Cv  +  '  Poo  >  A2 


tmd  Cv  are  the  only  two  unknons.  Only  one  of  these  ooeffioients  oan  be  uaed  to  o&lculate  thrust  in  the 
airoraft  configuration  (test  o)  and  is  ohosen  as  it  is  oonjeotured  that  this  is  likely  to  vary  the 

least.  It  is  used  as  a  funotion  of  fan  pressure  ratio  and  Maoh  number. 

Then  the  net  standard  thrust  can  be  oaloulated  when  the  engines  are  used  in  the  installed 
oondition  and  this  valus  added  to  the  overall  measured  balance  drag  to  give  model  external  drag.  This  ex¬ 
ternal  drag  value  will  oontain  all  the  interference  terms  associated  with  both  inlet  end  exhaust  flows. 

It  will  also  include  the  airframe  on  naoelle  effects  as  well  as  the  converse. 

B.  A  similar  seriee  of  tests  oan  be  oonducted  as  in  A,  but  interpreted  differently.  The  static  calibration 
(test  a)  is  used  to  give  a  mass  flow  calibration  but  because  no  inlet  instrumentation  is  available  the 
fan  nozzle  instrumentation  is  used  for  the  main  fan  mass  flow  measurement.  The  calibration  is  thus  done 
in  a  test  oell  with  the  oorreot  exit  pressure.  The  calibration  of  the  instrumentation  is  taken  as  a 
function  not  only  of  pressure  ratio  but  also  of  corrected  r.p.m.,  the  latter  because  of  swirl  effects. 


defined  as 


The  thrust  calibration  with  external  flow  (test  b)  is  reduced  a3  a  thrust  coefficient  CL, 


~(nBAL  "  DRAM^ 


2  and  3  referring  to  fan  and  gas  generator  flows  respectively, 


where  the  gross  thrusts  are  oaloulated  using  corrected  mass  flows  and  are  of  the  fully  expanded  type 
(isentropio  thrust) . 

This  thrust  ooeffioient  is  used  (as  a  function  of  power  and  K^,  )to  correct  full-model  balance 
measurements  (test  c).  As  the  thrust  coefficient  contains  the  isolated  nacelle  external  drag  the  model 
data  obtained  only  shows  differences  in  relation  to  an  isolated  nacelle  X  -  D  definition.  Any  adaptation 
to  full  soale  results  must  make  allowance  for  the  change  in  nacelle  external  drag  between  model  and  full 
aoale . 

C.  An  alternative  .osthod  would  be  to  U3e  an  altitude  teat  cell  type  technique  and  measuring  thrust  with  a 
balance  (test  a).  The  thrust  in  the  installed  condition  could  then  be  calculated  in  exactly  the  same  way 
as  the  engine  manufacturer  guarantees  thrust.  In  this  way  the  effects  of  the  engine  are  determined  in  a 
"legal"  sense  as  long  as  the  model  e-gine  behaves  similarly  from  test  bed  to  installed  oondition.  This  is 
basically  similar  to  A,  hut  does  not  allow  for  changes  of  thruBt  of  the  model  engine  in  the  airframe 
environment.  Thero  is  evidenoe  that  this  assumption  is  incorrect. 

In  all  these  methods  it  is  necessary  to  measure  "somewhere"  the  full  soale  engine  performance 
in  the  airframe  environment.  Evidence  on  the  model  scale  shows  the  fan  nozzle  flow  distribution  to  be 
considerably  influenced  by  the  wing  flow  einoe  in  many  instances  the  flight  envelope  of  the  airplane 
results  in  engine  operation  at  jet  pressure  ratios  less  than  critical  for  both  the  primary  (turbine)  and 
fan  nozzles.  Undar  these  conditions  the  external  pressures  in  the  area  local  to  the  particular  nozzle  oan 
alter  the  flow  characteristics  upstream  of  tho  nozzle.  This  oan  also  occur  for  above  oritical  nozzle 
operations  for  oonioal  convergent  nozzles  due  to  sonic  line  locations  as  influenced  by  the  external 
pressure  field.  These  external  pressures  can  be  significantly  different  when  the  engine  is  installed 
dose  to  the  wing.  When  this  happens  the  engine  can  be  affected  in  two  wayat 

a)  The  local  pressure,  if  different  from  ambient  at  each  nozzle  exit  plane,  oan  cause  the 
engine  oyole  to  shift,  and 

b)  The  looal  hack  pressure  can  be  effeoted. 

Though  this  technique  is  very  promising  with  the  main  features* 

a)  Tie) ding  high  degree  of  simulation,  except  for  some  increased  inlet  spillage  and  non- 
representative  primary  (turbine)  jet  temperature,  and 

b)  Similar  installation  procedures  can  be  followed  in  the  wind  tunnel  as  the  actual  engine  in 
the  actual  airplane,  it  has  the  main  draw-backs  that  (a)  is  expensive  to  operate,  (b)  it 
needs  extensive  control  instrumentation  for  eaoh  engine,  (c)  it  has  little  flexibility, 
each  actual  engine  would  require  a  different  miniature  turbine  simulator,  (d)  the  bear¬ 
ings  have  only  limited  life,  (e)  the  repeatability  is  limited,  (f)  two  equally  manufact¬ 
ured  simulators  show  different  characteristics  (as  large  as  5  °/°  in  net  thrust,  (refer¬ 
ence  41)  and  (g)  the  separation  of  various  drag  and  thrust  terms  is  very  difficult  and 
sometimes  speculative,  mainly  due  to  the  inaoourate  assessment  of  the  nozzle  ooeffioients. 

Ir.  general  it  oan  be  stated  that,  using  email  turbine  driven  simulators,  one  gains  in  the 
degree  of  engine  simulation  with  respect  of  techniques  utilizing  direct  nozzle  blowing  and  direct  inlet 
suotion,  but  is  adverse  in  obtainable  accuracy  of  data  assessment  of  eaoh  component.  However,  the  use  of 
these  simulators  is  rather  new,  and  could  and  will  be  much  improved  by  further  work. 

EJECTORS 

Ejectors  do  not  contain  rotating  parts  and  are  therefore  much  easier  to  manufacture  and  more 
flexible  (not  soale  dependent)  than  timM-t  dri”en  simulators.  However,  the  secondary  inlet  mess  flow  is 
much  less  and  the  presnurs  ratio  obtainable  at  the  nozzle  is  usually  limited.  Furthermore  large  un¬ 
representative  total  pressure  distortions  due  to  the  primary  jste  are  hard  to  prevent.  Since  the  ejector 
is  a  pure  flow  device  its  performance  depends  largely  on  the  upstream  and  downstream  conditions.  The 
characteristics  are  usually  quite  different  ir om  the  real  engine.  For  these  reasons  the  ejector  is  little 
uaed  for  thrust  engine  simulation!  however,  it  is  becoming  popular  for  lift  engine  simulation  in  VTOL- 
airoraft,  mainly  due  to  the  required  lew  total  presrure  ratios  in  these  cases.  Figure  33  shows  a  typical 
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ejeotor  unit  for  this  purpose  (Ref.  33) ,  whereas  in  referenoe  43  a  statio  calibration  procedure  ie  given 
of  such  a  unit.  Since  the  ejeoior  soheme  is  simple  and  ohsap  to  operate  it  seems  worthwhile  to  do  more 
work  in  ori-tr  to  improve  its  oharaoteristios. 

Sue  to  the  large  flow  distortions  in  the  exhaust  jet  oaueed  by  the  primary  jets,  thrust 
measurements  with  ejeotors  are  very  unrepresentative  and  hence  usually  not  performed.  The  system  is  how¬ 
ever  sometimes  used  for  assessment  of  jet  interference  offeots  other  than  thrust  minus  drag.  For  example 
figure  34  shows  an  ejeotor  system  (U.K.)  for  inlet  and  exhaust  flow  simulation  on  a  fighter  type  model. 

The  model  is  mounted  on  a  special  6-oomponent  balanoe.  The  high  pressure  blowing  air  is  ducted  below  the 
balance  to  a  plenum  box  from  whioh  it  feeds  into  a  peripheral  ejeotor  in  eaoh  side  duot.  This  ejector 
induces  intake  flow  through  the  model  boosting  its  total  pressure  and  mil.  This  air  is  bifurcated  to  the 
two  blowing  nozzles  on  eaoh  side  with  appropriate  internal  control  to  give  reasonable  distribution.  The 
final  jet  distribution  is  controlled  by  a  splitter  box.  Speoial  seals  must  be  developed  for  use  between 
the  metric  air  inlet  and  non-metric  ejeotor  box. 

The  shown  ejeotor  consists  of  an  annular  primary  jet  with  an  inner  secondary  inlet  flow  area. 

At  the  ohoaen  design  condition  when  operating  in  quiesoent  air  conditions  for  each  duct  the  primary  flow 
was  1.63  lbs/secs,  with  a  nozzle  pressure  of  4  atmospheres.  The  secondary  or  inlet  flow  was  0.83  Ibs/seos. 
For  the  front  engine  the  nozzle  distribution  was  relatively  poor  due  to  the  short  length.  The  rear  nozzle 
distribution  was  good.  The  representation  of  total  pressure  ratio  for  the  two  nozzles  was  good  and  the 
inlet  area  ratio  was  0.8  ejeotors  off,  0.63  ejeotors  on. 

B.  SYSTEMS  WITH  EXTERNAL  ADDITION  OF  ENERGY 

As  mentioned  before  the  system  for  complete  engine  simulation  with  addition  of  energy  outside 
the  test  section  oan  only  be  used  if  the  air  passages  to  the  outside  can  be  made  large  enough  for  the  in¬ 
let  mass  flow  without  deteriorating  the  external  flow.  In  practice  this  scheme  can  only  be  used  with 
integrated  engine-airframe  systems,  using  the  half  model  technique  of  a  twin  engine  aircraft.  Figure  33 
depiots  such  a  set  up.  However,  the  main  problem  ie  the  deteriorating  effect  of  the  reflection  plate 
boundary  layer,  which  probably  oan  be  kept  under  control  for  the  inlet  studies,  but  will  have  a  dis¬ 
ruptive  effect  on  the  phenomena  looked  for  at  the  exhaust.  From  the  point  of  view  of  engine  interference 
testing  this  soheme  is  very  attractive,  and  if  ways  oould  be  found  to  omit  the  reflection  plate  boundary 
layer  effects  (shock  wave-boundary  layer  interaction,  separation,  displacement,  model  boundary  layer-plate 
boundary  layer  interactions)  this  method  would  certainly  be  used  in  the  future.  No  examples  are  known 
which  use  this  technique  with  good  success.  In  fact  these  techniques  would  be  similar  to  the  method  of 
simulating  only  the  exhaust  from  the  exhaust  testing  point  of  view.  The  procedure  at  the  inlet  ie  Bimilar 
as  treated  with  inlets  only,  except  that  space  downstream  of  the  inlets  iB  very  limited. 

Of  course  it  is  possible  to  use  a  combination  of  external  and  internal  addition  of  energy, 
suoh  that  the  inlet  mast  flow  is  scaled  same  as  the  temperature  corrected  exhaust  flow,  without  the 
necessary  use  of  the  semi-model  technique.  Though  this  combination  of  techniques  might  show  good  promise, 
the  complexity  in  manufacture,  control  and  metering  rises  considerably.  One  example  is  known  where  this 
method  is  used  for  interference  studies  of  low  subsonic  speeds  other  than  thrust  minus  drag. 

6.  T ETERMINATION  OF  JET-AIRFRAME  INTERFERENCE  (EXCEPT  THRUST-DRAG) 

In  many  aircraft  configurations  the  propulsive  jets  may  influence  the  flow  on  nearby  or  far 
surfaces  causing  phenomena  such  as  change  in  pressure  distribution,  shock-wave-boundary  layer  interaction, 
flow  separation,  surface  heating  and  unsteady  loads.  These  interferences  depend  on  the  engine  power 
setting.  If  these  phenomena  are  expected  to  oocur,  wind  tunnel  tests  with  ful  nozzle  blowing  should  be 
performed  for  assessing  the  increments  (in  lift,  moment,  drag)  due  to  the  jet  interference.  Figure  36  gives 
a  general  impression  how  moment  and  lift  increments  due  to  jet  effects  oan  be  determined.  Normally  the 
testing  schemes  are  similar  or  even  identical  to  the  schemes  for  interference  and  installation  drag 
determination.  During  these  tests  the  complete  external  flow  should  be  simulated,  hence  isolated  tests  are 
not  performed.  This  means  that  oomplete  models  or  semi-models  are  used.  Semi -models  can  be  utilized  if  it 
is  certain  that  the  reflection  plate  boundary  layer  does  not  deteriorate  the  phenomena  to  be  examined. 

Since  no  thrust  terms  are  involved,  the  jet  simulator  oan  be  non-metric  (grounded)  and  the 
surfaces  at  which  the  disturbances  are  studied  metric  to  a  balance.  Also  the  phenomenon  can  detected  by 
pressure  tapping  (stationary  and  non-stationary  if  necessary)  and.  by  heat  transfer-  measurements  (base 
heating  of  launching  vehioles)  in  which  rases  the  complete  model  can  be  grounded.  If  the  jet  oannot  be 
simulated,  due  to  the  email  scale  for  example  the  jets  may  be  simulated  by  solid  body  simulators  represent¬ 
ing  the  confuted  jet  boundary  contour,  preferrably  corrected  for  jet  entrainment.  However,  there  is  a 
strong  interference  between  the  pressure  field  near  the  jet  and  the  jet  contour,  making  reliable  eolid 
body  ehsping  for  the  jet  very  doubtfu’  in  many  ciroumstanc6a  (Refs. 44, 45, J6, 18,11), 

Since  the  jet  interference  phenomena  and  the  testing  techniques  in  the  wind  tunnel  depend 
primarily  on  the  aircraft  configuration,  the  discussion  in  the  following  sections  will  take  place  accord¬ 
ing  to  the  configuration  oatagory.  In  these  sections  the  problems  will  be  formulated,  and  the  applied 
techniques  will  be  discussed. 

6.1.  SUBSONIC  TRANSPORT 

6.1.1.  WING  MOUNTED  FAN  ENGINE 

For  these  configurations  the  jet  efflux  considerably  affects  the  looal  wing  circulation  and 
shook  development  due  to  the  large  mass  flow  and  close  position  under  the  wing.  Also  the  wing  pressure 
field  has  a  remarked  influence  on  the  flow  in  whioh  the  effluxes  operate,  af footing  the  shape  of  the  sonio 
line  and  hence,  altering  the  engine  mass  flow  and  net  thrust.  Therefore  more  attention  must  be  paid  now-a- 
days  to  these  installations,  than  the  formerly  similarly  installed  turbojets  required. 

The  jet  simulation  parameters  generally  are  the  same  as  discussed  in  section  .,  The  main  para¬ 
meters  are  the  jet  plume  shape,  jet  oell  structure  and  wave  reflections,  whioh  can  be  expressed  in  terms  of 
nozzle  pressure  ratio  and  ratio  of  speoifio  heata  of  the  jet,  assuming  oonvergent  nozzles  only.  However,  for 
these  installations  the  far  jet  field  ie  also  impoitant.  Since  the  engine  mass  flow  is  relatively  large  the 
contraction  or  diversion  of  the  effective  Jet  stream  as  felt  by  the  external  flow  due  to  the  mixing 
effect  (jet  environment)  may  have  a  marked  influence  on  the  pressure  distribution  on  the  wing  and  fuselage, 
especially  at  transonic  speeds.  Simple  analysis  negleoting  the  kinetic  energy  of  the  flow  with  respect  to 
the  sensible  enthalpy  as  a  first  approximation,  shows  that  +ht  jet  mixing  has  a  marked  influence  or.  the 
effective  stream  tube  area,  as  tfay  be  seen  in  figure  37.  In  th!e  figure  n  is  the  ratio  of  the  free  stream 
mass  flow,  that  has  been  mixed  with  tho  jet  flow,  to  this  jet  mass  flow.  It  must  be  recognized,  however, 
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th&t  at  a  given  nozzle  pressure  ratio  the  nozzle  mass  flov«  (Avp)  .  decreases  as  the  square  root  of  the 
(RT)  .  value  at  increasing  jet  temperature.  This  dependence  on  (  JRT) .  mainly  reduces  the  effect  of  jet 
temperature  on  the  effective  jet  stream  tube  if  the  jet  spreading  were  to  be  the  same.  Furthermore,  it 
is  well  known  that  the  temperature  spreads  faster  due  to  turbulent  mixing  than  the  velocity  (Ref.  i6), 
whioh  means  that  n  should  be  larger  than  conoluded  from  equal  spreading  characteristics.  In  general  it 
can  be  stated  that  n  depends  on  the  detailed  mixing  of  the  jet  with  the  external  flow.  Figure  37  can  also 
be  used  for  the  effeotive  jet  stream  tube  near  the  core  region  of  the  jet.  In  that  case  the  areas  must 
be  defined  as  indicated  in  the  acoompaning  sketch,  and  n  has  an  approximate  oonstant  value  of  the  order 
unity,  along  the  core  region.  Hence  if  A  /A .  <  1  the  jet  aots  as  a  suction  region  due  to  mixing.  If 

*  j 

A  /A  >  1  the  external  flow  is  deflected  outward  and  the  mixing  aots  as  a  source  distribution  along  the 

*  J 

jet  boundary.  In  the  latter  case  external  gas  heating  is  larger  than  external  gas  suction.  The  limit 
whioh  the  effective  stream  tube  of  the  jet  will  obtain  at  long  distances  behind  the  exhaust  (n— *-»  ) 
is  indicated  in  figure  37  also. 

Figure  38  gives  results  of  a  more  detailed  analysis  by  prof.  Ferri  of  the  influenoe  of  the 
jet  properties  on  the  effeotive  engine  stream  tube  due  to  mixing.  In  this  case  the  engine  in.et  mass 
flow  is  kept  constant.  The  stream  tubes  have  been  oaloulated  by  assuming  constant  external  pressure  and 
turbulent  or  laminar  mixing.  Cases  1-la,  2-3  represent  tests  where  an  engine  simulator  is  used  (section 
5.2.2.).  Case  I  represents  a  turbojet  and  turbulent  flow*  Case  la,  the  same  oase,  but  with  a  region  of 
laminar  mixing.  Case  2  represents  a  bypass  engine,  and  Case  3,  an  engine  simulator  where  the  mass  flow 
of  the  nozzle  is  inoreased  to  satisfy  the  oondition  of  equal  exhaust  area  and  Mach  number,  but  with 
different  temperature .  Then  the  increase  ir.  mass  balances  the  difference  in  temperature.  The  data  of  ths 
engines  are  given  in  the  figure.  Case  4  is  a  through  flow  nooelle  when  the  engine  simulator  is  not  used. 
Then  the  geometry  of  the  engine  oannot  be  simulated  and  the  exhaust  is  much  larger  than  required  for 
simulation. 

It  can  be  concluded  that  the  mixing  along  the  fan  jet  boundary  will  influence  the  effeotive 
channel  between  the  lower  surface  of  the  wing  and  the  jet  boundary  and  will  therefore  strongly  influenoe 
the  transonio  field  in  this  region.  This  will  have  influenoe  on  the  Maoh  reflections  in  the  fan  jet,  as 
it  is  a  little  under  expanded  in  the  convergent  fan  nozzle. 

From  preliminary  studies  (Ref.  47),  utilizing  a  shaft  mounted  fan  engine  nozzle  (similar  to 
Fig.  24),  but  with  boundary  layer  suction,  blowing  under  a  two  dimensional  wing,  it  is  shown  that  ths 
jet  mainly  influences  the  wing  lower  side  pressure  distribution.  The  differences  in  pressure  distribut¬ 
ion  with  respect  to  the  isolated  wing  is,  however,  very  large  at  both  sides.  From  these  tests  it  can  be 
concluded  that  the  reference  aeroforce  models  tests  should  include  the  podded  through  flow  naoelles 
under  the  wing,  either  geometrically  scaled  such  that  the  inlet  mass  flow  is  too  small,  or  without  in¬ 
creased  exhaust  such  that  the  inlet  mass  flow  is  soaled.  The  main  difficulty  is  how  to  represent  the 
actual  jet  flow  in  the  wind  tunnel  and  not  to  disturb  the  effects  of  the  inlet  macs  flow.  Various 
approaches  are  in  use,  of  whioh  the  most  reoreaentative  one  is  that  utilizing  the  small  turbine  driven 
jet  simulators  as  discussed  in  section  5*2.2. 

If  this  facility  is  not  available  it  is  possible  to  utilize  direct  blowing  of  the  jets  and 
do  something  with  the  inlet  flew  such  that  the  external  flow  around  the  fan  oowl  is  best  represented.  In 
general  with  fan  engines  the  simulation  of  fan  jet  is  much  more  important  than  the  simulation  of  the 

primary  jet.  This  has  led  to  the  technique  of  reference  44  and  shown  in  figure  39  (A.R.A.,  U.K.).  The 

bullet  shaped  body  in  the  inlet  simulates  the  approaok  stream  line  on  the  fan  inlet  lip.  From  the 
results  as  determined  by  pressure  plotting  it  appeared  that  with  respect  to  the  referenoe  flow  through 
the  nacelle  the  pressure  distributions  on  the  wing,  pylon  and  fan  and  turbine  cowl  hardly  ohanged  by 
inserting  the  bullet  and  by  blowing  the  fan  jet  as  referenoe.  This  means  that  decreasing  the  inlet 
stream  tube  considerably  did  not  disturbe  the  flow  field  in  the  wing  and  exhaust  regions  substantially. 

By  full  blowing  of  the  fan  jet  t-e  pressure  distribution  on  the  lower  side  of  the  wing  was  affeoted 

markedly,  as  were  the  pressures  .  the  turbine  oowl.  Or  the  fan  oowl  only  the  pressure  distribution  at 

the  aft  end  was  affected  by  blowing.  (Also  the  inlet  lip  suotion  ohanged  somewhat,  but  this  must  be  due 
to  static  pressure  ohanges  at  the  free  flow  turl  ne  exhaust  resulting  in  inoreased  spillage). 

The  method  of  direct  blowing  of  the  fan  and  turbine  jets  with  oomplete  inlet  fairing  has  the 
main  advantage  that  both  jets  osn  be  represented  as  aoourately  as  possible,  for  example  using  for  the  fan 
jet  cold  or  slightly  heated  air  and  for  the  hot  turbine  jet  hydrogen  peroxide.  Figure  40  depiots  such  u 
simulator  as  used  at  N.L.R.,  The  Netherlands,  where,  however,  the  purpose  was  to  determine  jet  effeots 
(also  heating)  on  the  -'"1.  planes  of  a  small  airliner  with  engine  installation  at  the  upper  side  of  the 
wing  \  /FX-Fokker  614) 

In  general  for  podded  fan  engines  particularly  for  wing  installed  engines,  three  components 
can  be  distinguished,  namely 
Inlet  (i),  Exhausts  (E)  and 
Wing  plus  pylon  (W)  for  the 
mutual  interference  problem. 

The  question  for  engine 

simulation  in  the  wind  tunnel  E— W 

oan  then  generally  e  written 

as 


A 


1(1  +  Z)  -  Wj=  (  I  -  W  ]  +  (  E  -  W  [ 

where  (A-*B]  means  the  effect  of  component  A  on  B  with  respeot  to  the  referenoe  conditions.  Although  not 
pro.  >n  this  question  oan  be  answered  positive  with  good  acouraoy  if  one  interference  term  on  the  R.H.3. 
is  jjiall  with  respeot  to  the  other  one.  From  the  testa  as  depicted  in  referenoe  44  and  from  unpublished 
data  at  N.L.R.  it  oan  be  concluded  that  the  exhaust  interference  on  the  wing  pressure  distribution  is 
many  times  larger  than  interference  from  oompletely  or  partially  fairing  the  inlet.  This  means  that 
addition  of  the  interference  effects  is  probably  allowed,  making  wind  tunnel  progresses  muoh  more 
easier  if  no  miniature  turbine  driven  simulators  are  available.  For  tho  installed  thrust-minus-drag 
evaluation  the  similar  questi  nt 

1  (W  +  I)  -  E  1  -  (  W  -  E  ]  +  1  I  -  E  ] 

must  be  answered.  Also  in  this  case  separation  oan  be  allowed  einoe  from  some  examples  it  is  indioated 
that (I-  E] is  very  weak  provided  the  inlet  fairing  shape  has  been  carefully  determined. 
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With  all  that*  techniques  semi-model  measurements  are  more  easily  accomplished  than  oomplets, 
eting  mounted  nodal  tests,  and  hattar  aoouraoy  la  aohlavad  dua  to  tha  higher  Reynolds  number.  The 
raflaoticn  plata  boundary  layar  probably  doaa  not  intafar  significantly.  Uaually  both  praeaura  plotting 
end  balanoe  measurements  are  uaad. 

In  ordar  to  determine  tha  Jet  effeote  on  tha  tail  plana  of  a  large  aubaonio  tranaport  at  low 
aubaonio  apaada  and  larg-  angle*  of  attaok  a  rather  unique  oonpleta  airulator  has  been  developed  in 
Germany  (Ref.  48).  See  figure  41*  The  angina  simulators  are  separately  mounted  under  a  complete  aircraft 
modal  and  both  tha  inlet  flow*  and  oorraotad  exhaust  flows  are  simulated.  The  bypass  jet  ia  produced  by 
an  eleotric  motor  driven  fan.  The  motor  ia  located  inside  the  naoelle  driving  the  fan  with  a  speed  up  to 

30t000  r.p.a.  For  tha  turbine  jat  compressed  air  is  uaed.  In  order  to  simulate  the  correct  inlet  mass 

flow  an  adequate  quantity  of  air  ie  sucked  through  a  slot  at  the  inlet  tip.  However,  for  high  aubaonio 
speeds  the  fan  pressure  ratio  obtainable  would  not  be  sufficient  *r.d  the  heavy  engine  mounting  struts 
oould  not  be  allowed. 

REAR  FUSELAGE  MOUNTED  ENGINES 

Tha  GCirodynaaios  of  the  afterbody  of  a  fuselage  containing  the  tail  planes  will  be  influenoed 
by  the  jet  efflux,  either  by  direot  impingement  or  by  the  constraint  of  the  external  flow.  The  influence 

of  tha  engine  on  the  wing  pressure  distribution  is  mainly  caused  by  tho  inlet  flow.  The  mein  phenomena 

oauaed  by  the  exhaust  jets  can  be  a  change  in  aircraft  drag,  change  in  angle  of  attaok  of  the  tail  planes 
(henoe  causing  change  in  pitohing  moment),  surface  heating  (in  oaae  of  direot  impingement  of  the  jets  cn 
for  example  brake  flaps)  and  nonstationary  aerodynamics  (acoustio  fatigue). 

The  basic  measuring  and  jet  simulation  techniques  as  discussed  in  A,  also  apply  in  this  case, 
but  balanoe  measurements  seem  to  be  more  difficult.  Half  model  techniques  are  not  reoommended,  because 
the  fuselage  flow  field  is  unrepresentative  in  the  region  of  the  jet  interference  with  the  rear  fuselage 
due  to  the  reflection  plate  boundary  layer.  Complete  model*  require  the  use  of  wing  stings  end  rear 
fuselage  balances  or  pressure  plotting.  The  air  or  jet  fluid  required  for  the  jet  simulators  must  be  fed 
through  the  wings,  fuselage  and  strut  supports  of  the  simulators  to  the  nacelles,  generally  at  high 
pressures.  If  balanoes  have  to  be  bypassed  by  the  jet  fluid  the  system  must  be  looated  in  the  fnsclag* . 
However,  in  most  oiroumstanoes  the  simulators  will  be  non-matrio  and  the  re  a-  i.-jelage,  tail  planes,  and/ 
or  tail  brakes  will  be  metric  as  far  as  the  jet  influence  is  expected. 

Figure  42  yields  a  oross-seotional  view  of  a  gasoline-air  burner  as  used  in  a  subsonic  wind 
tunnel  of  N.L.R.,  simulating  a  low  bypass  jet  engine  installed  at  the  fuselage  aftend.  The  aim  of  the 
tests  performed  with  this  simulator  was  to  determine  the  farces  (stationary  and  non-stationary)  and  heat¬ 
ing  of  aft  fuselage  brake  flaps  under  desoent  conditions.  The  jet  flow  oould  be  well  represented. 

6.2  INTEGRATED  AIRFPAME-ENOINE  SYSTEMS 

The  main  jet  effeote  on  the  airframe  aerodynamic  ooours  If  the  jet  nozsle(s)  are  looated  up¬ 
stream  of  the  fuselage  aftend  and/or  tail  planes.  If  the  nozzles  form  the  fuselage  aftend,  the  jet  may 
oeuae  effeote  on  the  fin  and  tail  planes,  for  example  separation  due  to  pluming.  The  treatment  of  these 
latter  oases  is  similar  to  that  as  discussed  in  the  oomplete  section  3*  The  jet  simulation  parameters  ere 
similar  and  the  teohnique  which  meet  be  followed  to  determine  the  lift  and  pitching  moment  increments  are 
similar  to  those  to  determine  the  afterbody  drag.  In  most  cases  the  jet  nozzle  and  engine  simulator  will 
be  non-metric  and  the  afterbody  metric  on  a  multi-component  balance.  Increment  determination  from 
preosure  plotting  is  not  very  attractive  due  to  the  large  pressure  gradients  at  the.  fuselage  aftend. 

If  the  nozzles  are  upstream  of  the  fuselage  aftend  the  jets  can  have  important  effects  on  the 
afterbody  and  tail  plane  pressure  distributions,  and  tail  plane  hinge  moments  end  may  cause  acoustio 
fatigue  in  the  rear  aircraft  structure ,  These  effeote  may  be  particularly  important  when  the  jets  are  not 
aligned  with  the  body  axis.  The  jet  parameters  are  similar  as  discussed  beforen,  jet  plume  shape  and  jet 
mixing  ere  probably  the  main  jet  characteristics  to  be  simulated.  For  non-stationary  phenomena  and 
surface  heating,  hot  jet  tests  are  required. 

Figure  43  depicts  a  direct  cold  air  bloving  system  for  exhaust  jet  flow  simulation  on  a 
fighter  type  model  as  ueed  in  the  U.K.  The  model  is  mounted  on  a  standard  6-component  balanoe.  Air  whioh 
passes  up  the  centre  of  the  sting  bypasses  the  balance  through  a  parallel  duct  into  a  plenum  chamber  ahead 
of  the  balanoe.  From  this  plenum  chamber  4  ducts  are  fed  rearwards  into  the  exit  nozzlse  of  the  model.  The 
whole  of  the  blowing  system  is  earthed  and  flexible  seals  ere  fitted  between  the  model  jet  pipes  end  jet 
shrouds,  end  aleo  between  the  model  rear  fuselage  and  sting.  The  letter  eeele  being  neoeasary  to  eliminate 
cross  flows  withj-i  the  model.  Seal  oonetraint  interference  is  measured  by  calibration  with  the  model  in¬ 
stalled  on  the  balanoe.  Pressure  constraints  are  obtained  by  section  pressuring  of  the  model.  The  direot 
air  flow  quantities  were  about  3  lbe/eeo.  at  maximum  pressure  ratio,  A  faired  inlet  wee  uaed  for  these 
tests,  with  the  effeote  of  inlet  spillage  end  a  fully  faired  inlet  being  measured  in  a  separate  test.  A 
major  problem  in  these  testa  is  the  definition  of  the  allocation  of  seal  area  between  aetrio  and  non- 
metric  mode)  partsi  email  areas  in  this  region  oan  have  significant  effects  on  measured  axial  force. 

In  reference  49  some  results  are  presented  of  a  similar  model  at  transonic  speeds. 

Figurs  44  shows  another  very  useful  way  to  simulate  the  initial  part  of  the  propulsive  jet 
by  cold  air  as  it  was  used  in  tha  U.K.  The  jet  flow  is  brought  up  to  the  model  in  long  thin  pipes  from 
behind  the  model  of  a  strike-fighter  aircraft.  A  six  component  balance  measures  ell  the  forces  on  the 
model  in  the  preeenoe  of  the  jet  flow  except,  of  course,  the  jet  thrust  and  the  nozzle  base  force. 
Pressures  are  measured  in  the  balance  oavity  and  in  the  oevity  formed  by  the  blanked-off  intake  duct.  This 
blanked-off  duct  1*  ventilated  to  the  annular  "clearance"  ares  between  the  earthed  nozzles  and  the  air¬ 
craft  afterbodj •  his  teat  wee  extended  by  measurements  representing  correot  or  partial  inlet  spillage 
with  natural  blowing  exhausts  either  increased  ir.  area  or  geometrically  scaled  respectively.  The  object 
of  this  experiment  was  to  obtain  the  effeots  of  both  intake  spillage  and  jet  pressure  ratio  on  all  the 
forces  (6  components)  measured  on  the  same  model.  Variation  of  inlet  flow  end  of  jet  pressure  ratio  were 
made  separately.  Core  wee  taken  to  try  to  isolate  the  effect  of  variation  of  each  of  these  and  to  mini¬ 
mize  spurious  effeote  oaused  by  ais-representation  of  the  other  variable  oocurring  at  the  same  time. 

7.  SON-STATIONARY  EFFECTS  OF  JET  FLOW 

The  former  section  all  oonoernad  steady  flow  phenomena  .However  fluctuating  pressures  often  occur 
in  the  exhaust  environment. 

In  reference  5°  large  unsteady  pressures  are  observed  on  the  base  of  e  cylindrical  model  due  to  the 
preeenoe  of  e  oentrel  jet  (Fig.  45) •  Though  the  steady  component  is  already  effeoted  by  the  jet  temperat¬ 
ure,  the  average  unsteady  part  must  be  strongly  depended  on  Jet  velooity  end  therefore  on  temperature. 
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This  is  concluded  by  tbs  authors  of  refarsnoe  5°  and  ho+  jet  (simulation  in  wind  tunnels  is  reoomaended 
for  similar  oases.  For  many  nozzle  systemsi  particularly  the  ejeotor  type  notzlas,  interaction  occurs 
between  the  internal  flow,  external  flow,  and  the  elastic  nozzle  resulting  in  destructive  instabilities. 

Fixes  have  been  obtained  by  trial  and  error,  using  common  sense,  and  must  be  accomplished  by  aero- 
dynamio  swans  without  deterioration  of  the  noztle  performance  (Ref .  51  }•  Little  fundamental  knowledge 
exists  on  this  phenomenon.  The  problem  is  very  complex  since  mutual  interaction  exists  between  the 
generated  sound  pressure  field.,  mixing,  vortex  formation,  separation  (internal  and  external ) ,  geometry 
(sound  refleotion)  and  structural  dynamic  characteristics.  There  are  several  ways  in  which  time 
dependent  flow  manifest  itself. 

a)  Mach  disc  osoillations  in  under-expanded  jets  due  to  the  interaction  of  the  generated 
eound  field  and  the  vortex  ehedding  at  the  nozzle  lipe  at  eubaonic  and  transonio  apeeda 
(often  referred  to  as  jet  acreeoh). 

b)  Shook  wave  oscillations  in  the  external  flow  as  the  result  of  a  large  plume  from  an  under¬ 
expanded  nozzle  at  supersonic  speed. 

e)  Unsteady  separation  zones  olose  to  the  nozzle  in  the  external  flowj  buffet  like  phenomenon 
that  is  amplified  by  the  jet-mainstream  interaction.  In  this  case  the  flow  reattachment 
point  between  the  jet  and  ambient  is  also  oscillating  in  location. 

d)  Also  the  internal  flow  might  separate  if  the  nozzle  ie  overexpanded. 

s)  For  blow-in-door  ejectors  the  flow  into  the  doors  might  be  time  varying,  either  in  phase 
or  out  of  phase. 

f)  The  nozzle  leaves  osn  show  flutter  like  osoillations,  particularly  for  free  floating 
diverging  leaves  of  ejector  nozzles. 

g)  The  seoondary  flow  might  pulsate  due  to  non-stationary  flow  in  the  inlet  duot. 

Little  wind  tunnel  data  are  available  on  unsteady  nozzle  flow  effects.  Usually  this 
phenomenon  is  observed  at  the  free  flight  trials  of  the  aircraft  and  is  then  cured  with  the  real  hard¬ 
ware. 

8.  CORRECTIONS  FOR  HIND  TUNNEL  DATA 

The  balanoe  readings  of  the  metric  parts  of  wind  tunnel  models  must  be  corrected  for  non¬ 
representative  pressures  acting  on  non-representative  surfaces.  For  example  in  order  to  determine  the 
foroes  noting  on  the  external  surface  of  the  afterbody,  the  pressure  forces  at  the  inner  side  must  be 
subtracted.  Therefore  in  order  to  keep  the  internal  pressure  constant  a  sealing  must  be  applied  along  the 
mstrio  line  and  as  olose  to  outer  surface  as  possible.  Three  methods  are  in  ueej  the  very  narrow  knife- 
edge  gap  (Ref.  32)  the  teflon  seal  strip  (Ref.  52,53)  and  the  self  rolling  seal.  The  sealing  system  used 
depends  primarily  on  thelooal  experience,  the  stiffness  of  the  balance  and  the  relative  elasticity  of 
the  metric  oompoents.  A  difficulty  for  correcting  the  measured  forces  is  the  determination  of  the  effect¬ 
ive  area  on  which  the  internal  pressure  is  acting,  henoe  where  in  the  effective  sealing  line  located. 

If  possible  the  determination  of  this  effective  sealing  area  should  be  done  by  calibration. 

The  results  determined  with  the  test  techniques  and  corrected  for  non-representative 
pressure  and  friction  foroes  are  normally  published  as  they  it and,  either  in  the  form  of  thrust  and  drag 
coefficients  (based  on  maximum  oroes-aeotional  area)  or  as  efficiencies  (referred  to  the  thrust  of  an 
ieentropio  nozzle  '..'ith  the  seme  primary  mass  flow).  Only  those  correotionB,  which  have  been  established 
firmly  in  other  wind  tunnel  investigations  should  be  applied.  When  such  corrections  an  made,  a  second 
eet  of  data  should  also  be  oompiled  without  the  correction  sotbat  a  true  repienentation  of  the  particular 
oorreotion  may  be  evaluated  by  the  "experienced"  user.  In  any  cate  the  correction  procedure  should  be 
clearly  indicated. 

If  possible  the  experimental  results  should  be  compared  with  theoretical  predictions.  For  the 
internal  nozzle  thrust  predictions  the  methods  as  described  in  references  19  and  27  for  example  may  be 
used  if  the  ratio  of  specific  heats  are  not  matched  in  the  wind  tunnel  test.  If  the  nozzle  in  the  wind 
tunnel  model  is  designed  for  the  K.  of  the  simulating  fluid  in  a  similar  manner  as  the  actual  nozzle  is 
designed  for  the  rear  engine  jet  flow,  the  measured  thrust  coefficient  as  determined  from  the  wind  tunnel 
tests  is  direotly  applicable,  except  for  a  small  oorreotion  for  the  discharge  coefficient  due  to  internal 
boundary  layer  effeot.  Consideration  should  however  be  paid  to  the  faot  that  the  ratio  of  specific  heats 
inoreaseo  dur-ng  expansion  and  the  rate  of  increase  depends  on  the  gas  composition  rad  temperature. 

Figure  46  gives  the  inoreaae  in  y.  versus  expansion  ratio  for  aotual  turbine  engine  jets,  the  decomposit¬ 
ion  products  cf  HgOg  end  of  oold  air.  Alao  the  computation  of  the  ratio  of  epeoifio  heats  at  high 

temperatures  ie  not  unique.  The  ooeffioient  of  ieentropio  expansion  y  »  (•'■■; ^  **)  (where  p  and  p  are 

n  in  p  ■ 

normalized  values  of  the  total  pressure  and  density  of  the  gao  mixt'ire  respectively,  either  frozen  or  in 
equilibrium)  and  the  ratio  of  speoifio  heats  y  »°  p/oy  may  be  used  as  well  as  the  computation  from 
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(where  S°  «  entropy  of  speoiea  i,  x^  -  mole  fraction  of  speoiea  i  of  the  gas  mixture  end  R  ie  the 

universal  gas  oonstant).  The  last  equation  is  derived  from  the  speed  of  sound  definition,  he  latter 
method  of  equating  y.  is  usea  in  figure  46.  Computer  programs  for  real  gas  properties  are  readily  avail¬ 
able.  3 

For  oorreotion  of  the  external  afterbody  drag  two  oases  oan  be  distinguished!  namely, 
separated  end  non-separated  external  flows.  If  the  flow  remains  attaohed  until  the  nozzle  edge  in  the 
wind  tunnel  test,  it  le  not  very  likely  that  the  flow  will  separate  in  flight,  due  to  the  relative  thin¬ 
ner  boundary  layer  at  full  soale.  In  those  orses  and  for  axieymmetrio  and  clean  afterbodies  the  correct¬ 
ion  on  the  pressure  contribution  due  the  boundary  layer  displacement  thioknaas  oan  be  ooeiputtid  with  modern 
transonio  flow  field  analysis  for  the  full  soale  and  model  case  and  oompaied  with  the  experimental  wind 


tunnel  date,  likewi.ee  the  ekin  friction  drag  can  he  calculated.  Suoh  a  technique  ie  described  in 
reference  54  and  55  for  tranaonio  speeds  and  is  successful.  In  these  computations  the  plume  is  introduced 
as  a  solid  body  for  which  corrections  for  mixing  along  the  jet  boundary  can  be  applied. 

The  corrections  give  large  confidence  if  the  '-perimental  results  from  the  wind  tunnel  can 
be  correlated  or  predicted  by  theoretical  analysis.  Th‘  alysis  is  the  easiest  if  the  afterbody  can  be 
considered  as  a  slender  body  sothat  small  perturbation  ._„nniquea  can  bs  used  for  the  invisoid  flow. 

The  corrections  on  the  wind  tunnel  data  than  concern  changes  in  skin  friction  due  to  the  increase  in 
Reynolds  number  for  the  aotual  aircraft  and  ohanges  due  to  reduced  relative  displacement  thickness  and 
entrainment.  The  performance  goals  of  afterbodies  should  be  the  drag  of  slender  axisymmetrio  bodies. 

Figure  47  as  given  in  referer"e  49  shows  how  the  computed  afterbocy  drag  compares  with  the  results  from 
wind  tunnel  tests.  If  this  correlation  can  be  achieved,  proper  determination  of  oorreotions  for  scale 
effect  should  be  possible. 

In  the  case  flow  separation  does  occur  in  the  wind  tunnel  at  the  afterbody  no  rules  are 
available  for  proper  oorreotion  methods,  since  the  extent  of  the  separated  region  can  not  be  correlated 
with  the  scale  and  boundary  layer  characteristics  (see  Ref.  ll).  For  separated  flows  isolated  tests  with 
limited  forebody  length  yielding  simulated  relative  boundary  layer  thiokneaaes  probably  will  yield  the 
bent  uncorrected  results.  If  applicable  the  test  data  should  be  compared  with  the  empirical  afterbody 
drag  estimation  as  given  in  reference  5 6  for  supersonic  speeds.  If  this  estimation  is  close  a  hot  jet 
oorreotion  factor  (change  of  P.)  may  be  computed  for  which  the  reliability  should  be  checked. 

In  general  it  oan  Jbe  stated  that  only  little  is  known  of  Reynolds  number,  boundary  layer  and 
mixing  effect  on  the  afterbody  drag  and  nozzle  thrust,  exoept  for  some  schematic  configurations  and  that 
more  work  is  needed  in  this  area.  In  reference  57  a  selection  is  mado  of  the  best  suitable  methods  for 
predicting  the  thrust  and  drag  of  isolated  axisymmetrio  nosele  installations  at  subsonic,  transonic  and 
supersonio  speeds,  covering  external  flow  problems,  internal  flow  problems,  exhaust  plumes  and  base 
pressures. 

9.  FINAL  REMARKS 

From  the  review  as  given  in  this  lecture  it  can  be  concluded  that  there  exists  no  unique 
method  which  can  be  used  to  predlot  exhaust-airframe  phenomena  (and  henoe  afterbody  and  nozzle 
performances)  from  wind  tunnel  tests.  The  chosen  wind  tunnel  set-up  is  strongly  influenced  by  the  re¬ 
quired  accuracy,  phenomena  looked  for,  existing  wind  tunnel  facilities  and  local  experience.  Particular¬ 
ly  at  high  bypass  ratio  engines  and  transonic  speeds  the  existing  testing  techniques  should  be  improved 
and  more  information  is  necessary  on  primary  jet  flow  parameters  to  be  simulated  in  the  wind  tunnel. 

This  leoture  did  not  oonsider  engine  integration  teste  of  V/S.T.O.L  airplane  models  in  the  wind  tunnel. 

In  the  future  when  these  airoraft  come  in  a  more  development  stage  the  wind  tunnel  test  requirements  will 
probably  be  even  more  severe  as  they  are  now  at  the  higher  speed  regimes,  since  other  phenomena  (suoh  as  re¬ 
ingestion  will  be  involved,  and  the  data  are-  related  more  to  safety  rather  than  to  economics  and 
performance. 

Since  much  information  m  this  lecture  has  been  taken  from  the  AGARD  Ad-Hoc  study  as  mention¬ 
ed  in  the  introduction,  the  author  expresses  his  gratitude  to  those  groups  which  supplied  information 
that  has  been  used. 
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Fig.  7  Effect  of  relative  boundary  layer  thickness  on  total  interference  drag  (M  »  .8). 
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SUMMARY 


This  psper  discusses  the  phenomenon  of  inlet  random  pressure  fluctuations  and  its  effects  on 
reducing  the  stall  margin  of  turbojet  engines.  A  review  is  accomplished  of  the  TF-30/F-111  compatibility 
study  over  the  past  several  years.  The  TF-30/F-111  portion  of  the  paper  assesses  the  practicality  of 
utilizing  stesdy  state  and  instantaneous  distortion  factors  to  determine  inlet-engiue  compatibility.  In 
addition,  recent  advances  in  inlet  research  configurations  with  associated  steady  state  and  dynamic  dis¬ 
tortions  are  presented.  Finally,  a  complete  random  data  acquisition,  editing,  and  processing  method  is 
developed  for  accomplishing  data  analysis  as  an  inlet  diagnostic  tool. 


I.  INTRODUCTION 

Historically,  f’.e  engine  inlet  has  played  a  secondary  role  in  the  design  and  development  of 
aircraft.  However,  recent  flight  vehicle  operational  experience  has  shown  the  need  for  proper  integra¬ 
tion  of  the  airframe  and  propulsion  systems  to  achieve  trouble  free  and  effective  flight  performance. 
Specifically,  engine  compressor  stalls  have  been  associated  with  complex,  distorted  inlet  flow  fields. 
Development  emphasis  of  the  inlet  system  cannot  be  overlooked  since  this  component  is  of  primary  import¬ 
ance  in  the  thrust  producing  mechanism  for  transonic  and  supersonic  flight.  The  details  of  Inlet  systems 
Involve  major  geometrical  variations  which  must  function  efficiently  in  a  complex,  changing  flow  environ¬ 
ment  dependent-  upon  Mach  numbei  and  aircraft  orientation.  These  circumstances  have  emphasized  the  need 
for  greater  understanding  of  the  airframe  induced  flow  fields  and  how  these  fields  Interact  with  inlet 
systems . 


In  the  past,  the  inlet  and  the  engine  have  been  developed  on  a  component  basis.  Emphasis 
was  placed  on  the  inlet  system  to  generate  the  proper  pressure  recovery  with  an  acceptable  steady-state 
distortion.  The  experience  factor  of  current  day  aircraft  clearly  indicates  that  the  flight  vehicle  per¬ 
formance,  Including  stability  and  control  must  be  treated  on  an  integrated  basis  with  due  consideration 
for  the  large  variations  of  inlet  airflows.  Experience  has  also  taught  us  that  a  substantial  similarity 
exists  between  the  characteristics  of  the  captured  flow  and  the  resultant  flow  to  the  compressor  face. 

Since  the  inlet  operates  in  an  external  flow  environment  which  :  strongly  dependent  upon  the  shape  of 
the  airframe,  it  behoovea  engineers  to  examine  such  Influences  as  sensitivities  of  inlets  to  local  flow 
angularities  and  nonuniformities  of  the  oncoming  flow. 

II.  F-lll  FLIGHT  EXPERIENCES 

Advanced  tactical  aircraft  are  required  to  perform  a  number  of  missions  which  demand  a  high 
degree  of  airframe  propulsion  integration  including  low  flow  distortion  over  a  much  larger  range  of  opera¬ 
ting  conditions  (Mach  number,  altitude,  angle  of  attack,  engine  mass  flow)  than  previous  supersonic  tacti¬ 
cal  aircraft  systems.  Requirements  for  maneuvering  flight  in  a  low  drag  configuration  necessarily  implies 
high  angle  of  attack  flight  attitudes  from  subsonic  to  supersonic  speeds  in  excess  of  Mach  number  2.0. 

It  has  been, therefore,  quite  natural  to  utilize  an  inlet  design  for  the  F-111A  which  takes 
advantage  of  the  flight  vehicle  fuselage  and  vlng  to  reduce  the  effects  of  angle  of  attack  and  angle  of 
yaw  during  maneuvering  flight.  The  F-111A  Inlet  shown  in  Figure  1  is  an  external  compression  88  degree 
segment  of  an  axlsymmetrlc  inlet  which  is  integrated  with  the  airframe  fuselage-wing  root  intersection. 
Locating  the  inlet  in  the  wing-fuselage  flow  field  also  provides  precompression  for  the  inlet  flow  in 
supersonic  flight  which  means  that  the  inlet  capture  area  is  reduced  from  that  required  at  free  stream 
conditions.  Further,  a  significant  vehicle  weight  savings  is  realized  by  integrating  the  supporting 
structure  of  the  inlet  end  relatively  short  duct  with  the  vehicle  structure. 

The  spike  system  of  the  inlet  translates  fore  and  aft  and  the  second  cone  angle  varies  with 
flight  Mach  number  and  angle  of  attack  to  vary  the  inlet  throat  area.  Each  of  the  inlets  is  matched  to  a 
Pratt  and  Whitney  TF-30-P-3  afterburning  turbofan  engine.  The  modulated  afterburner  improves  the  tactical 
ability  of  the  F-111A  by  providing  a  variable  thrust  output  in  afterburner  mode  upon  demand  b"  the  throttle. 
Theretore,  in  addition  to  balng  closely  integrated  with  the  airframe,  the  F-111A  inlet  system  la  closely 
Integrated  with  the  engine  to  accommodate  variations  in  airflow  demand  during  engine  transient  operation. 

During  prototype  flight  tests  of  the  F-113A,  it  became  apparent  that  the  desired  flight 
envelope  was  restricted.  Maneuverability  of  the  aircraft  at  high  subsonic  speeds  and  supersonic  speeds 
was  being  limited  by  a  rapid  buildup  of  steady  and  dynamic  inlet  flow  distortion  resulting  in  engine  cot  - 
pressor  stall.  This  incompatibility  of  the  inlet  and  engine  in  the  F-111A  aircraft  was  the  impetus  for  a 
comprehensive  evaluation  of  flight  test  and  wind  tunnel  data  to  Identify  the  causes  of  the  compressor 
stalls  and  define  modifications  to  the  inlet  system  to  reduce  the  incidence  of  compressor  stalls  in  both 
steady  state  and  maneuvering  flight. 

In  order  to  identify  problem  areas  and  suggest  modifications  to  improve  the  inlet  system 
and  its  compatibility  with  the  engine,  the  inlet  of  a  prototype  airplane  was  equipped  with  diagnostic 
total  and  static  pressure  Instrumentation  in  the  inlet  and  engine.  In  addition,  the  engine  compressor 
fees  wee  equipped  with  40  total  pressure  probes  in  centroids  of  equal  areas  to  map  the  total  pressure 
pattern  entering  the  fan  and  low  pressure  compressor  of  the  engine.  There  were  eight  rakes  with  i.ve 
probes  per  rake. 
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FIGURE  1.  AFT  VIEW  OF  TYPICAL  F-1UA  INLET 


Initially,  a  theoretical  study  was  undertaken  to  determine  the  anticipated  steady  state  dis¬ 
tortion  at  the  compressor  face  during  supersonic  flight,  the  purpose  of  this  study  was  to  compare  such 
information  with  similar  1/6  scale  wind  tunnel  and  actual  flight  test  data  and  thus  provide  insight  as  to 
trouble  areas  resulting  from  specific  theoretical-experimental  differences.  The  conditions  of  Mach  number 
2.2  and  angle  of  attack  of  5.5  degrees  with  an  initial  inlet  cone  angle  of  12.5  dep-ees  and  second  cone 
angle  of  24  degress  was  chosen.  The  theoretical  approach  first  consisted  of  eBtinm.  ing  the  Mach  number 
aft  of  the  conical  wave  system  resulting  from  the  fuoelage-wlng  glove  intersection.  This  yielded  a  Mach 
number  of  2.08  wherein  the  flow  field  was  assumed  to  be  uniform  to  the  inlet.  An  exact  Taylor-Maccoll 
solution  was  daveloned  for  the  initial  cons  angle  with  subsequent  use  of  the  method  of  characteristics  to 
generate  the  flow  field  about  the  second  cone.  A  normal  shock  was  then  acaumed  at  the  entrance  to  the 
cowl  lip.  The  resulting  Isobars  for  this  88  degree  inlet  segment  were  then  uniformly  expended  into  a 
circumferential  profile  at  the  compressor  face.  A  plane  of  symmetry  was  assumed  half  way  between  the 
88  degree  sector  of  the  inlet  system.  The  total  pressures  resulting  from  such  calculations  were  plotted 
and  compared  with  those  of  the  1/6  scale  wind  tunnel  and  flight  case.  Figure  2  shows  such  a  comparison. 
The  wind  tunnel  and  flight  data  showed  a  remarkably  similar  profile,  however  the  comparison  with  theory  is 
understandably  different  due  to  the  absence  of  viscous  effects.  More  importantly,  the  main  difference 
stems  from  a  clearly  identiflably  low  energy  area  on  the  inboard,  lower  portion  of  the  compressor  face 
which  is  quite  different  than  that  predicted  by  the  invlscid  theory.  It  was  therefore  cleer  that  an 
investigation  shculd  be  undertaken  to  survey  the  oncom'  'nd  duct  flow  relating  to  this  portion  of  the 
entire  airflow.  Values  of  steady  state  distortion  are  .so  presented  as  derived  from  the  expression  1C, 
as  follows: 
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C  -  ratio  of  comprsasor  inlet  radius  to  ring  redlus 
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pressure 
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Here  again,  the  low  theoretical  K_,  value  ia  due  to  the  abience  of  the  lov,  inboard  Impact  preaaurea  and 
the  inviscid  assumptions. 

In  the  analysis  of  the  flight  test  data  taken  with  this  instrumentation,  several  approaches 
were  employed.  First,  compressor  face  total  pressure  maps  were  compared,  which  shoved  the  changes  in 
flow  distortion  as  a  compressor  stall  condition  was  approached.  Although  this  analysis  Indicated  a  low 
total  pressure  region  on  the  Inboard  side,  the  results  were  inconclusive  and  so  time  variations  of  data 
from  other  seta  of  Instrumentation  further  upstream  in  the  duct  were  examined  for  many  stall  sequences  in 
order  to  Identify  problem  areas  in  the  inlet  flow  field  as  they  developed.  From  the  time  sequence  plots, 
selected  data  for  a  particular  time  cut  were  used  to  define  duct  static  pressure  distributions  or  boundary 
layer  total  pressure  profiles.  The  static  pressure  distributions  were  used  to  locate  shock  wave  positions, 
indicate  boundary  layer  bleed  effectiveness,  estimate  stream  velocities,  and  indicate  regions  of  separated 
flow.  Total  pressure  profiles  ware  used  to  define  regions  of  low  energy  flow  ahead  of  and  in  the  inlet, 
and  to  Indicate  regions  of  separated  flow.  In  a  parallel  study  coordinated  with  this  quasi-steady  data 
evaluation,  the  dynamic  pressure  fluctuations  indicated  by  traces  from  the  flight  telemetry  and  magnetic 
tape  output  of  the  individual  probes  were  being  carefully  analyzed.  Under  certain  flight  conditions,  the 
traces  Indicated  extreme  "turbulence"  at  the  compressor  face.  This  u|s  known  to  cause  a  loss  in  engine 
stability  in  other  engines  as  reported  by  Gabriel,  Wellner  and  Lubick  and  was  felt  to  be  a  contributory 
factor  in  the  stall  problems  of  the  F-111A.  Although  a  complete  correlation  between  quasi-steady  flow 
distortion  snd  dynamic  pressure  fluctuations  was  not  undertaken,  it  was  realized  that  there  waa  a  cause 
and  effect  relationship  between  these  two  types  of  distortion  and  the  approach  was  to  address  the  cause 
of  unsteady  and  non-uniform  flow  in  the  inlet  and  attempt  to  eliminate  it.  A  corresponding  reduction  of 
the  severity  of  the  dynamic-pressure  fluctuations  (dynsmic  distortion)  would  be  expected,  but  it  was 
important  to  know  the  relationships  between  steady  and  dynamic  flow  to  the  limits  of  the  instrumentation 
signal  available. 
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FIGURE  Z.  COMPARISON  OF  F-U1A  COMPRESSOR  FACE  TOTAL  PRESSURES  FOR  MACH  NUMBER  Z.Z  AND  AN  ANGLE  OF 
ATTACK  OF  S.S  DEGREES 


III.  F-lll  INLET  FdESSUEE  FLUCTUATION  EFFECTS 


The  effects  of  transient  disturbances,  or  more  specifically,  the  fluctuating  nature  of  the 
measured  total  pressures  at  the  compressor  face  were  considered  to  have  a  strong  influence  in  the  stall 
properties  of  the  engine.  This  influence  snd  corresponding  effect  were  considered  to  be  above  tho  accept¬ 
able  steady-state  distortion  which  could  be  accommodated  by  the  engine.  The  flight  regime  in  which  this 
phenomenon  commenced  was  found  to  be  at  low  supersonic  speeds,  with  Increasing  disturbance  intensity  as 
a  function  of  increasing  Mach  number.  These  disturbances  exhibited  a  wide  range  of  amplitude-frequency 
content  showing  both  slow  and  rapid  transients.  The  slow  translsnts  could  possibly  be  compensated  for  by 
inlet  and  engine  controls.  For  such  low  frequency  disturbances,  engine  performance  is  basically  similar 
to  steady-state  operation  since  normally,  the  outlet  pressures  will  follow  the  inlet  flow  variations  in 
magnitude  and  phase  such  that  th  over-all  compressor  pressure  ratio  will  remain  the  same.  However,  the 
majority  of  actual  transient  disturbances  and  total  pressure  fluctuations  were  found  to  be  significantly 
faster  than  any  of  the  aforementioned  control  capabilities.  Under  these  circumstances,  specific  outlet 
pressures  lag  the  inlet  pressure  variations  in  both  amplitude  and  phase.  Consequently,  the  pressure  ratio 
across  the  compiessor  can  differ  considerably  from  the  steady-state  value  on  the  operating  line,  and  con¬ 
ditions  can  be  reached  wherein  compressor  stall  margin  reduction  and  even  stall  will  be  experienced.  Data 
from  reference  1  has  shown  this  to  be  the  case  for  a  simply  Induced  sinusoidal  pressure  variation  input 
to  a  compressor. 


It  is  important  to  note  here  that  the  original  compressor  face  total  pressure  instrumentation 
on  the  prototype  test  aircraft  was  never  Intended  for  the  accurate  measurement  and  analysis  of  transient 
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disturbance*.  Hence,  an  effort  to  correlate  transient  disturbances  with  the  lower  frequency  average 
value*  of  the  measured  total  pressures  to  the  compressor  face  required  special  data  reduction  methods. 
Total  pressure  readout  from  flight  magnetic  tapes  at  conditions  appropriate  to  engine  stall  were  first 
identified  and  than  processed  through  narrow  band  pass  filters  by  the  Field  Measurements  Group  of  the 
Air  Force  Flight  Dynamics  Laboratory.  Figure  3  shows  two  typical  frequency  spectrums  obtained  from  the 
filtering  process  of  the  flight  test  data  wherein  83.55  inch  long  pressure  carrying  lines  were  provided 
between  the  pressure  probes  and  the  transducers.  At  first  glance,  the  higher  amplitude  data  would  appear 
to  occur  at  the  lower  frequencies;  however,  the  utilisation  of  85.55  inch  lines  (tubulation)  for  ateady- 
atate  pressure  measurements  suggested  the  possibilities  of  transient  signal  attenuation  to  the  transducer 
due  to  classical  acoustic  type  dissipation.  In  order  to  correct  for  this  tubulation  effect,  an  experi¬ 
mental  program  was  undertaken  by  the  Aero-Acoustics  Branch  of  the  Air  Force  Flight  Dynamics  Laboratory  to 
apply  corrections  to  the  measured  pressure  variations  for  conditions  just  prior  to  engine  stall. 
Theoretical  predictions  were  provided  by  Air  Force  Aero  Propulsion  Laboratory  personnel.  Figure  4  shows 
the  nature  of  the  amplitude  corrections  as  a  function  of  frequency  when  examined  for  an  average  pressure 
of  14.7  psi  and  varying  temperature.  The  experimental  data  taken  at  room  temperature  showed  excellent 
agreement  with  theory. 


FIGURE  3.  TYPICAL  F-111A  COMPRESSOR  FACE  PRESSURE  FIGURE  4.  F-111A  OSCILLATORY  PRESSURE  TUBULATION 

AMPLITUDE-FREQUENCY  SPECTRUM  CHARACTERISTICS 


Many  supersonic  flight  conditions  associated  with  engine  stall  were  examined  with  specific 
emphasis  on  the  high  frequency  aopects  of  the  transient  disturbances.  Multiplexing  of  the  instrumentation, 
as  is  normally  accomplished  on  t;jt  aircraft  for  measuring  steady-state  parameters,  was  found  to  have  a 
strong  Influence  on  the  high  frequency  transient  data.  In  an  effort  to  Isolate  these  effects,  several 
flights  were  performed  involving  a  minimum  of  multiplexing  with  a  15  inch  line  replacing  one  of  the  85.55 
inch  lines  for  reduced  tubulation  effects.  A  comparison  of  pressure  transients  in  a  85.55  inch  line  with 
multiplexing  versus  a  15  inch  length  tubing  with  minimal  multiplexing  is  shown  in  Figure  5.  Above 
approximately  250  cps  it  can  be  seen  that  the  high  frequency  transients  recorded  with  the  85.55  inch  line 
were  due  to  multiplexing,  and  not  present  except  for  some  disturbances  in  the  525-660  cps  range.  It  was, 
therefore,  decided  to  utilize  0  -  250  cps  frequency  range  for  data  analysis  when  transient  data  was  sub¬ 
ject  to  multiplexing,  and  0  -  1000  cps  for  the  data  with  minimal  multiplexing. 


FttQUENCY~  CYClfS/  SECOND 
FIGURE  S.  COMPARISON  OF  F-1UA  TUBULATION 

A  specific  comparison  of  steady-state  compressor  face  recovery  pressures  with  corresponding 
transient  disturbance  values  obtained  from  flight  is  shown  in  Figure  6.  The  oscillatory  or  trsnslert 
pressure  data  is  based  on  0  to  250  cps  as  discussed  above.  Figure  6  shove,  generally,  that  the  high, 
steady-state  recovery  pressures  corresponded  to  areas  of  reduced  transient  or  oscillatory  pressures, 
whereas  low  recovery  pressures  related  to  regions  of  higher  transient  values.  The  region  in  the  lower 
left-hand  corner  of  the  oscillatory  pressure  map  was  of  particular  interest.  This  area  of  highest  tran¬ 
sient  disturbance  values  corresponded  directly  to  the  lower  left-hand  portion  of  the  inlet  which  was  most 
susceptible  to  boundary  layer  ingestion.  In  addition,  the  steady  state  analysis  from  flight  demonstrated 
the  upward  spreading  of  low  total  pressures  from  the  bottom  of  the  sharp  covl  lip  with  increasing  angle  of 
attack.  The  data  of  Figure  6  would  indicate  that, in  addition  to  being  of  a  very  low  recovery  nature,  this 
portion  of  the  flow  possessed  a  high  degree  of  flow  unsteadiness  sufficient  to  cause  engine  stall. 
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RECOVERY  PRESSURES  ■  %  OF  AVG.  TOTAL  PRESSURE 

AIRCRAFT  16;  Mo*1.98(  <**4.8°,  0.2  SECONDS  BEFORE  ENGINE  STALL 

FIGURE  6.  F-111A  COMPRESSOR  FACE  STEADY-STATE  AND  OSCILLATORY  PRESSURES 

The  transient  disturbance  analysis  for  all  40  compressor  face  pressure  measurements  for  c, 
particular  stall  condition  would  have  required  a  prohibited  expenditure  of  manhours  and  it  was,  therefore, 
decided  to  use  an  available  single  pitot  tube  of  15  inch  tubulation  to  examine  the  fluctuating  nature  of 
the  duct  flow.  Figure  7  shows  the  effect  of  angle  of  attack  on  the  dynamic  characteristics  oi  this  prcbe 
at  a  constant  Mq  »  0.77.  Although  many  discrete  frequencies  ware  identified  from  the  spectrum  analyzer 
output,  specific  frequencies  of  130,  230,  and  525  cps  appeared  to  persist  with  relatively  high  amplitude 
for  this  test  condition,  which  was  at  a  military  power  engine  setting.  The  amplitudes  of  these  particular 
frequencies  appeared  to  be  fairly  constant  up  to  moderate  angle  of  attack  with  a  tendency  to  converge  and 
further  Increase  in  amplitude  at  higher  angles  of  attack  until  engine  compressor  stall  was  experienced. 
Also  shown  on  Figure  7  ere  the  effects  of  first  zone  afterburner  operation  for  cruise  angle  of  attack. 

The  amplitude  associated  with  130  cps  was  found  to  change  a  small  amount,  however,  there  was  a  substantial 
amplitude  increase  in  the  230  and  525  cps  frequencies. 

The  condition  of  aircraft  acceleration  for  cruise  angle  of  attack  at  maximum  afterburner  power 
was  examined  with  results  as  presented  in  Figure  8.  Here  again,  the  Influence  of  afterburner  operation  is 
shown  in  the  amplitudes  of  the  240  and  525  cps  frequencies  for  transonic  flight  conditions.  However, 
amplitudes  at  these  frequencies  decreased  with  increasing  Mach  number  and  corresponding  decreases  in 
corrected  air  flow  up  to  approximately  Mach  number  2.  Beyond  Mach  number  2,  there  was  a  dramatic  increase 
in  all  three  amplitudes  up  to  Mach  number  2.2  where  engine  stall  was  experienced. 


From  the  quasi-steady  and  transient  disturbance  data  studied  during  1967,  it  was  clear  that  the 
engine  compressor  stall  characteristics  were  strongly  influenced  by  inlet  pressure  pulsations  at  high  fre¬ 
quencies  and  this  effect  mu3t  be  considered  in  conjunction  with  the  "steady  state"  distortion. 


ANGLE  OF  ATTACK  ~  %  OF  STALL  ANGLE  MACH  NUMBER 

FIGURE  7.  F-T.UA  COMPRESSOR  FACE  PRESSURE  FLUCTUA-  FIGURE  3.  F-U1A  COMPRESSOR  FACE  PRESSURE 
TIDES  VS.  ANGLE  OF  ATTACK  FLUCTUATIONS  VS.  MACH  NUMBER 


6-6 


IV.  DETAILED  STUDIES  OF  F-U1A  INLET  AND  ENGINE  AIR  FLOW  FLUCTUATION  EFFECTS 

Subsequent  to  the  Initial  study  of  the  F-111A  lnlet-englne  Incompatibility  effort  discussed  In 
Section  III,  a  limited  number  of  investigations  **”  have  been  carried  out  in  order  to  shed  light  on  this 
important  problem  area.  A  typical  example  of  one  of  tbj  more  significant  and  recent  programs  was  reported 
by  Plourde  and  Brlmelow?.  In  this  effort  a  fan  and  low  pressure  compressor  of  the  Pratt  and  Whitney  Air¬ 
craft  TF-30  turbofan  engine  was  selectsd  as  the  test  article  to  study  the  effects  of  "turbulence"  on 
engine  stall  margin.  Figure  9  shows  a  schematic  of  the  TF-30  3-stage  fan  and  6-stage  low  pressure  com¬ 
pressor  system.  The  forward  section  of  the  compressor  was  connected  to  a  "turbulence"  generator  duct 
utilising  a  convergent-divergent  device.  Figure  10  shows  a  cutaway  of  this  "turbulence"  generator  which 
Included  a  movable  plug  .car-body  followed  by  a  constant  area  duct.  The  purpose  of  this  plug  was  to 
develop  a  sonic  throat  followed  by  supersonic  flow  and  a  normal  shock  system.  The  interaction  of  the 
shockwave  with  the  duct  boundary  layer  generated  the  fluctuating  or  "turbulent  flow"  conditions.  The 
"turbulence"  generator  Included  a  section  just  ahead  of  the  compressor  wherein  a  variety  of  stream 
obstructions  such  as  1/2  Inch  rods  or  3  inch  pipes  could  be  placed  in  front  of  the  compressor  face  to 
further  increase  or  change  the  "turbulence"  spectrum.  Figure  11  shows  the  3  inch  rod  system. 

High  frequency  response  pressure  transducers -were  used  to  measure  both  static  and  total  pressures 
at  the  compressor  face.  A  typical  inlet  rake  and  total  pressure  probe  utilizing  Klstler  transducers  and 
low  frequency  response  sensing  tubes  is  shown  in  Figure  12.  These  total  pressure  rakes  were  positioned 
around  the  compressor  inlet  at  0*,  45°,  135*,  225*,  292.5®,  and  315®  when  facing  upstream. 
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FIGURE  9.  TF-30  FAR  AND  LOW  PRESSURE  COMPRESSOR  SISTEM 


The  power  spectral  densities  resulting  from  the  turbulence  generators  along  with  the  spectra 
produced  by  the  1/2  inch  and  3  inch  rods  is  shown  in  Figure  13.  The  installation  of  the  1/2  inch  grill 
system  generated  a  fairly  flat  spectrum  over  the  entire  compressor  face.  The  spectrum  established  from 
the  3  inch  rods  contained  discrete  frequencies  as  a  result  of  shed  vortices  which  were  not  yet  dlsslpsted 
to  small  scale  "turbulence*" 


^  The  effects  of  unsteady  flow  on  compressor  performance  is  now  assessed.  Gabriel,  Wellner,  and 
Lublck  first  showed  that  a  sinusoidal  varying  plane  flow  displayed  detrimental  effects  on  the  compressor 
stall  characteristics.  In  addition,  their  analog  simulation  of  a  turbo-jet  axial  flow  compressor  utiliz¬ 
ing  volumetric  dynamics  and  steady-state  total  pressure  air  flow  relationships  was  sufficient  to  estab¬ 
lish  the  unsteady  flow  characteristics  through  an  engine.  A  comparison  of  the  analytical  procedure  with 
experiment  showed  excellent  agreement.  Now,  the  effects  of  "turbulence"  can  be  described  by  an  instan¬ 
taneous  spatial  pressure  distortion  which  is  a  function  of  pressure  variation  in  amplitude  and  geometric 
location  of  the  peak  to  peak  pressure  regions  over  the  compressor  face.  The  effects  of  this  "turbulence" 
on  the  compressor  performance,  is  shown  in  Figura  14.  Base  line  characteristics  for  tho  compressor  per¬ 
formance  were  determined  from  ballmouth  tests  end  are  so  indicated.  The  unmodified  "turbulence"  generator 
characteristics  (in  other  words,  without*  the  1/2  inch  end  3  inch  pipe  or  other  grill  installations)  showed 
a  reduction  in  primary  airflow,  and  more  importantly  a  reduction  in  the  stall  line.  Figure  14  also  shows 
the  effects  of  1/4  inch  and  3  inch  pipe  installations.  As  expected,  further  decreases  in  primary  flow 
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were  experienced  along  with  some  reduction  in  the  operating  stall  line.  Figure  15  shows  the  loss  of 
compressor  surge  line  as  a  function  of  "turbulence"  level  intensity.  Here  it  is  clearly  shown  that 


v  mpressor  stall  is  related  to  Instantaneous  spatial 
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Today,  there  are  a  number  of  different  theories  advanced  by  numerous  investigators  to  predict 
compressor  stall.  One  effective  method  of  describing  the  phenomenon  is  an  instantaneous  spatial  distor¬ 
tion  pattern.  That  is,  although  the  time  dependence  of  ti.e  fluctuations  at  a  point  is  important,  this 
effect  may  be  approximated  by  the  instantaneous  spatial  variation.  With  this  assumption,  the  description 
of  "turbulence"  reduces  to  a  weighted  spatial  Integra. ion  producing  an  instantaneous  distortion  parameter 
which  can  be  used  to  correlate  the  effects  of  "turbulence.”  The  Instantaneous  distortion  parameter 
is  expressed  as  follows:  0 
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and 

Pt  •  impact  pressure 

P  •  average  Impact  pressure 
av 

Correlation  of  the  computed  instantaneous  circumferential  distortion  parameter  with  experiment  is  shown 
in  Figure  16.  This  figure  shows  reasonably  good  agreement  between  computation  and  the  various  configura¬ 
tions  employed  to  develop  "turbulence". 

O 

Recently,  Burcham  and  Hughes  have  modified  and  utilized  the  Pratt  and  Whitney  K^,  distortion 
factor  fov  predicting  surge.  The  engine  compressor  face  was  aub-dlvided  into  5  equal  areas 'through  con¬ 
centric  circles  or  rings.  Probes  were  placed  on  rings  which  were  maintained  at  a  constant  radii  from 
the  compressor  centerline.  The  modified  distortion  parameter  was  defined  as  follows: 


where 

C  ■  ratio  of  compressor  inlet  radius  to  ring  radius 
i  ■  number  of  ring 

0  «•  largest  continuous  arc  of  the  ring  over  which  the  total  pressure  is  below  the  ring  average 
pressure 


P  ■  ring  maximum  total  pressure 
max 

Pt“  ring  average  pressure 
av 

P  «  ring  minimum  total  pressure 
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FIGURE  27.  COMPARISON  OF  HIGH  AND  LOW  RESPONSE  Kn. 
WITS  RIGS  RESPONSE  XDM.  F-111A  FLIGHT  CONDITIONS; 
MACH  NUMBER  -1.6,  ALTITUDE  »  45,000  FEET  AND  OFF- 
DESTGN  SPIKE  POSITION 
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FIGURE  18.  COMPARISON  OF  AVERAGE  RECOVERY  AND 
INSTANTANEOUS  RECOVERY  MAPS  WITH  XDA  F-111A 
FLIGHT  CONDITIONS;  MACH  NUMBER  =■  2.17,  ALTITUDE = 
44,000  FEET 
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In  this  specific  effort  a  flight  test  F-111A  aircraft  was  utilized  to  determine  the  dynamic  nature  of 
Inlet  pressure  fluctuations  related  to  engine  operational  stability.  Derived  steady  state  flow  distor¬ 
tion  patterns  as  developed  from  low  response  pressure  instrumentation  were  compared  with  both  the  K_^  and 
K—jj distortion  parameters  calculated  from  high  response  instrumentation.  A  typical  comparison  is  shown 
In  figure  17  for  the  flight  case  of  Mach  number  1.6  at  an  altitude  of  45,000  feet  with  off -design  inlet 
spike  position.  Here  it  is  clearly  seen  that  the  low  response  data  technique  functioning  at  a  sampling 
rate  of  50  cuts  per  second  did  not  yield  information  indicative  of  the  compressor  stall.  On  the  other 
hand,  utilizing  the  higher  response  data  technique  and  calculating  either  the  K_.  or  distortion 
parameter  at  400  samples  per  second  did  yield  a  substantial  peak  approximately  I*  milliseconds  prior  to 
surge.  Figure  18  shows  a  time  history  of  the  probe  data  and  distortion  factor  for  Mach  number  2.17  and 
an  altitude  of  44,000  feet.^  Probes  A  and  B  show  increases  in  pressure  as  the  stall  condition  is 
approached  whereas  probes  A1  and  B^-  are  decreasing  and  hence  result  in  a  maximum  distortion  value.  It  is 
interesting  to  note  that  the  instantaneous  pressure  recovery  map  shows  a  larger  high  pressure  area  along 
with  a  more  Intense  low  pressure  area. 

Figure  19  shows  the  surge  characteristics  for  transonic  flight  at  Mach  number  0.9  ar.d 
30,000  feet  altitude.  This  particular  stall  occurred  as  a  result  of  the  off-design  conditions  of  the 
inlet  cone  and  Is  generally  recognized  as  a  "drift"  type  of  surge.  This  is  demonstrated  by  the  fact 
that  peak  values  of  the  distortion  factor  occurred  several  times  during  the  time  period  examined. 

ft 

The  modified  distortion  parameter  as  developed  by  Burcham  and  Hughes  was  found  to  be 
approximately  £0  percent  effective  in  identifying  surge  when  dynamic  conditions  prevailed  within  approxi¬ 
mately  90  percent  of  the  maximum  steady  state  distortion  value.  Needless  to  say,  additional  information 
9*i0  and  more  exacting  methods  must  be  developed  to  predict  engine  instability  due  to  dynamic  inlet 
conditions. 
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FIGURE  19.  COMPARISON  OF  AVERAGE  RECOVERY  AND  INSTAN¬ 
TANEOUS  RECOVERY  MAPS  WITH  KDA.  F-111A  FLIGHT  CONDI¬ 
TIONS ;  MACH  NUMBER  «  0.9,  ALTITUDE  =  30,000  FEET  AND 
OFF-DESIGN  SPIKE  POSITION 


V.  ADVANCED  CONFIGURATION  STUDIES 

Airframe-propulsion  compatibility  has  become  a  critical  problem  area  for  both  commercial  and 
military  high  performance  aircraft.  Classically  the  solution  to  overcoming  the  problem  of  compressor 
stall  has  been  through  reduction  of  the  pressure  distortion  generated  by  the  inlrt  and  increased  distor¬ 
tion  tolerance  of  the  engine.  Intensive  efforts  are  presently  underway  in  ground  and  flight  test  facili¬ 
ties  to  understand  the  effects  of  coupled  steady-state  and  dynamic  inlet  distortion.  Also,  considerable 
re.  earch  is  being  directed  toward  the  cause  and  effect  relationship  of  non-uniform  flow  fields  entering 
the  inlet  system  of  turbo-jet  engines.  Many  of  these  flow  field  examinations  show  local  angles  of  attack 
and  yaw  which  far  exceed  aircraft  attitude  values.  Inlet  designers  arc  presently  faced  with  a  very  diffi¬ 
cult  task  to  match  inlet  geometry  with  the  large  variations  in  flow  conditions  developed  about  many 
reasonable  airframe  geometries,  tlow  field  studies  will  continue  on  many  airframe  configurations  to 
determine  optimum  l.iiet  positioning. 
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FIGURE  ?.0a.  TYPICAL  1/3  SCALE  TAILOR-MATE  VIED  TUNNEL  MODEL 


FIGURE  SOb.  REPRESENTATIVE  CONFIGURATIONS  FOR  FOREBODY  FLOW  FIELD  TESTS 

More  recently  the  Air  Force  Flight  Dynamics  Laboratory  has  undertaken  a  number  o i  programs  to 
Investigate  flows  about  fuselage  and  wing-fuae.3  age  combinations  throughout  the  subsonic,  transonic  and 
supersonic  speed  regimes.  The  objectives  of  these  programs  are  to  develop  a  clear  understanding  of  inlet- 
airframe  Interactions  and, more  importantly, to  attain  an  experimental  data  bank  and  corresponding  analyti¬ 
cal  approach  for  assessing  the  dynamic  phenomena  associated  with  engines  and  inlets.  The  Laboratory  has 
initiated  project  Tailor-Mate  in  order'  to  examine  the  effects  of  configuration  variations  on  flow  field 
dynamics  and  related  effects  to  the  engine  system.  Figures  20a  and  20b  show  a  typical  1/3  scale  wind 
tunnel  model  along  with  various  aircraft  configurations  studied.  Configurations  A-l  and  A-2  are  examples 
of  side  mounted  type  inlets  whereas  A-3  is  an  example  of  a  fuselage  shielded  inlet,  and  wing  shielded 
inlets  are  shown  by  configurations  B-3  and  B-4.  One  quarter  scale  fuselage  models  were  constructed  for 
wind  tunnel  testing  purposes  with  appropriate  fuselnge  static  pressure  distributions,  boundary  layer 
measurements  and  more  importantly,  the  dynamic  nature  of  the  flow  fields  at  the  proposed  inlet  stations. 

In  addition  to  the  flaw  field  measurements  made  in  the  area  of  tho  entrance  to  the  inlet,  two  side 
mounted  and  two  shielded  external  compression  inlets  were  '.Rilored  foe  the  flow  fields  defined  by  the 
forebody  as  shown  in  Figure  21.  The  detailed  instrumentation  for  such  a  duct  system  is  shown  in 
Figure  22.  Instrumentation  was  utilized  to  document  tha  inlet  performance  and  included  static  pressure 
rakes  near  the  cowl  lip,  in  the  diffuser  and  at  the  simulated  compressor  face.  It  Is  important  to  note 
that  the  compressor  fsce  instrumentation  contained  high  response  type  transducers  to  identify  the  fluctua- 
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tior.  nature  of  the  inlet  flow.  Figure  23  shows  the  results  of  wind  tunnel  tests  for  the  four  configura¬ 
tions  mentioned.  These  tests  were  performed  at  Mach  number  2.2  with  varying  angle  o<  attack.  Figure  23 
shows  both  wing  shielded  inlet  systems  experienced  lower  distortion  as  indicated  by  the  simple  distortion 
index  along  with  low  "turbulence1'  as  a  function  of  angle  of  attack.  As  might  be  expected  the  side 
mounted  type  of  inlets  experienced  higher  distortion  with  correspondingly  higher  indices  of  "tuxbulence." 

STATION  2  STATION  2 


FIGURE  21.  NOMENCLATURE  AND  COMPARISON  OF  FOUR  (4)  INLET  DESIGNS 


FIGURE  22.  TYPICAL  INLET  INSTRUMENTATION 
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FIGURE  22.  COMPARISON  OF  STEADY-STATE  AND  DYNAMIC  DISTORTION  FOR  VARIOUS  CONFIGURATIONS 
AT  MACH  NUMBER  2.2 
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the  importance  of  the  flo  a:  ?.n  lerated  by  the  forebody  of  the  fuselage  has  been  pointed  out 

by  Surber  and  Stava*-!-  and  Zonars*2  :  .dole  of  such  sensitivity  is  shown  in  Figure  24  wherein  the 

side  mounted  2-dimensional  inlet  o,  •  .  ••  A-l  was  examined  in  conjunction  with  body  A-2.  This  figure 
shows  the  vastly  different  characteristic  of  distortion  vs  "turbulence."  Surprisingly  enough,  the  small 
change  in  contour  of  ‘.he  A-2  fuselage,  was  found  to  have  a  substantially  better  characteristic  than  A-l. 
This  is  undoubtedly  due  to  a  lower  local  outvash  and  hence  a  reduced  tendency  toward  flow  separation  on 
the  inboard  sit  of  the  inlet.  In  the  event,  the  designer  is  confined  to  the  A-l  inlet  configuration  and 
cannot  readjust  ...a  body  contour  as  shown  by’ the  A-2  characteristics,  he  must  then  look  for  other  means 
by  which  he  can  suppress  both  the  stet  ’y  state  and  "turbulent"  distortion.  A  longer  inlet  duct  has  a 
surprisingly  favorable  characteristic  as  denotes  in  Figure  25.  There  is  a  considerablj  reduction  in  both 
distortion  parameters  which  puts  the  operational  mode  of  the  inlet  well  within  the  stable  bounds  of 
engine  operation. 
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FIGURE  24.  INFLUENCE  OF  FOREBODE  CONTOUR  ON 

ENGINE  STABILITY  AT  MACH  NUMBER  2.2 


FIGURE  25.  EFFECT  OF  LONGER  DUCT  ON  SUPPRESSING 

STEADY  STATE  AND  "TURBULENT"  DISTORTION 


VI.  DYNAMIC  DATA  HANDLING  TECHNIQUE 

Among  the  problems  that  exist  in  handling  dynamic  data  are  the  tremendous  quantities  of  analog 
data  tapes  generated  daring  inlet  development  programs  and  that  past  effortB  to  analyze  dynamic  data  has 
depended  heavily  upon  what  has  been  seen  relative  to  the  behavior  of  the  steady  state  or  average  compon¬ 
ent  of  compressor  face  total  pressure.  As  a  consequence,  only  abort  one  percent  of  the  data  is  actually 
examined  since  considerable  digitization  is  required  to  review  one  case.  More  specifically,  the  area  of 
iuterest  centers  on  the  analysis  of  the  dynamic  or  fluctuating  component  of  total  pressure  measured  at 
the  compressor  face  plane  of  a  trisonic  type  inlet.  The  pressures  are  measured  by  means  of  fast  response 
instrumentation  located  in  rakes  radiating  from  the  hub.  This  dota  is  recorded  on  analog  tape  and  repre¬ 
sents  the  beginning  of  our  problem. 

The  solution  to  this  problem  has  been  to  develop  an  analog  editing  system  for  screening  and 
editing  inlet  dynamic  data  based  on  the  use  of  engine  distortion  parameters.  As  a  result,  "arge  quanti¬ 
ties  of  taj i  can  be  screened  and  those  parts  c '  the  data  identified  which  would  have  adverse  effects  on 
airfram?.-pr  upulsion  compatibility. 

A  typical  Air  Force  Flight  Dynamics  Laboratory  inlet  program  consists  of  5000  data  points 
wherein  one  Mach  number,  angle  of  attack  and  yaw,  and  capture  area  ratio  comprises  a  single  data  point. 

At  least  200  feet  of  tape  are  used  for  each  data  point  and  as  a  result,  it  can  be  seen  that  about  10  reels 
of  tape  are  required  for  a  proj,  am  of  this  magnitude*.  For  a  more  extensive  inlet  development  program, 
such  as  associated  with  advanc<  .  flight  vehicles,  as  many  as  500  tapes  are  required.  In  any  event,  the 
data  of  interest  }  contained  on  only  about  one  Percent  of  tbe  tape  which  is  not  necessarily  the  same 
one  percent  of  ta.».  mentioned  previously.  The  ;  tinciple  question  that  arises  is  how  does  one  expeditious¬ 
ly  and  economics .  .y  locate  the  data  of  interest? 

In  the  development  of  the  analog  editing  system, certain  peals  were  established.  First,  it  was 
desirable  to  utilize  parameters  involving  all  the  compressor  face  steady-state  and  dynamic  data  which  had 
a  direct  relationsnip  to  engine  stability.  Second,  a  scheme  was  desired  that  would  identify  high  levels 
of  dynamic  flow  activity  on  the  tapes  and  where  this  event  occurred,  rhira,  a  fast  response  capability 
was  a  requirement  in  order  to  ;  ccount  for  model  scale.  For  example,  if  a  particular  engine  is  sensitive 
to  pressure  fluctuations  up  to  200  cycles/ second,  and  the  Inlet  wind  tunnel  model  is  one-tenth  scale 
then  valid  data  out  to  2000  cycle s/second  ij  required  fror  the  model.  Model  scaling  characteristic',  have 
been  hypothesized  by  Sherman  and  Motycia*2.  Fourth,  a  aesirous  capability  was  to  use  more  than  ora  para¬ 
meter  in  the  screening  process  to  determiie  which  was  most  meaningful  and  acceptable  and  hence  avoid  tape 
re-runs.  Fifth,  the  system  should  be  tlexible  to  permit  digitization  of  data  and  possess  a  data  playback 
capability  at  the  recorded  speed. 

Among  the  parameters  selected  for  date  screening  was  fbe  Pratt  &  Whitney  engine  dif.tortion 
parameters  Kq,  and  KA  which  have  beet  formvl,  on  the  bn  1.-.  of  experimental  data.  The  expressions 

shown  below,  which  in  part  relates  to  Equation  2,  describe  the  level  of  uistortion  associated  with  a 
particular  compressor  face  pattern. 
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b  M  constant  depending  on  engine  design  and  entrance  Mach  number 

x  -  weighting  frccor  depending  on  distortion  sensitivity 

Kg  describes  the  influences  associated  with  a  circumferential  distortion  pattern  while  Kg^p  describes  the 
pattern  variation  associated  with  radial  distortion.  When  a  combined  pattern  exists,  which  is  typically 
the  case,  K„  and  are  added  together  in  a  weighted  manner  to  form  K^.  in  addition  to  the  Pratt  and 
Whitney  parametersVa  set  of  General  Electric  engine  distortion  parameters  have  been  programmed.  These 
expressions  are  used  to  identify  high  levels  of  dynamic  activity  in  the  air  flow  process.  These  data  are 
subsequently  subjected  to  further  analysis  which  in  turn  aids  in  determining  the  necessary  modifications 
required  to  alleviate  the  compatibility  problem. 

The  dynamic  data  screening  device  or  system  was  developed  jointly  between  the  Air  Force  Flight 
Dynamics  Laboratory  and  the  Aeronautical  Systems  Division  Computer  Center  using  a  hybrid  computer.  This 
program  was  initiated  in  January  1910  by  Sedlock  and  Marou.  with  the  acquisition  of  a  72  channel  multi¬ 
plex  discriminator  system,  a  14  track  direct  playback  tape  transport,  tape  search  unlc  peak  detectors, 
and  a  48  channel  data  filtering  system.  The  complete  system  shown  in  Figure  26  became  operational  in 
July  1971.  The  system  described  above  is  similar  to  that  developed  by  Crltes  and  Heckart*J,  CriteslO, 
Lynch  and  Slade^7  except  for  the  added  flexibility  due  to  a  hybrid  computer  capability. 

The  current  status  of  the  Air  Force  Flight  Dynamics  Laboratory  system  is  that  both  General 
Electric  and  Pratt  and  Whitney  engine  distortion  parameters  have  been  programmed  on  the  computer  and  up 
to  five  parameters  can  be  tracked  simultaneously  with  an  order  of  priority  established  tor  each  paramecer. 
The  primary  requirement  of  the  system  is  to  identify  dynamic  peaks  and  the  tine  of  occurrence.  The  reso¬ 
lution  of  the  tape  search  unit  permits  identification  of  the  peak  value  within  one  millisecond.  Center 
frequencies  used  in  the  discriminators  have  been  selected  for  greatest  compatibility  with  those  being 
used  by  USAF  and  contractor  facilities.  The  dynamic  data  can  be  filtered  from  125  to  9000  cycles/second 
in  six  discrete  increments  in  order  to  account  for  model  scale  and  filtering  of  any  unwanted  high 
frequency  information  such  as  probe  resonance.  Both  the  engine  distortion  parameters  and  pressure  data 
can  be  dlgitlzcu  at  various  sampling  rates. 
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FIGURE  26.  DYNAMIC  DATA  SENING  AND  EDITING  SiSi'EM 


Our  past  and  current  efforts  have  included  revie  i  of  the  compatibility  points  in  the  B-l  Inter¬ 
face  Control  Document  and  the  Arnold  Engineering  Development  Center  1/10  scale  inlet  test  data.  In  addi¬ 
tion  to  continued  support  of  the  B-l  program,  data  from  the  RA-5C  wind  tunnel-flight  test  correlation  and 
Tailor-Mate  programs  will  be  reviewed. 

McDor.nell-Douglas  personnel  ^  have  developed  a  screening  system  for  use  during  the  F-I5  inlet 
development  program.  In  examining  this  capability  *-o  review  dynamic  data  based  on  conventional  means,  it 
wa3  estimated  that  six  manyears  and  one  million  dollars  wei_  required  to  review  one  percent  of  a  250  data 
point  program  which  represented  some  four  million  pressure  distributions.  The  development  of  an  analog 
editing  system  reduce  '  this  task  to  six  weeks  with  less  than  1000  feet  of  tape  to  be  examined.  Our  own 
experience  has  shown  ..i.«t  oi.o  reel  of  tape  containing  30  data  points  can  be  examined  in  approximately  one 
hour.  To  accomplish  th<»  same  tssk  with  a  digital  computer  would  require  15  hours  to  digitize  che  data 
and  approximately  20  hours  of  computer  time  to  process  the  Information.  This  estimate  is  based  on  200 
samples  per  data  point.  7hr  development  described  above  represents  a  major  step  in  handling  the  extreme¬ 
ly  large  amount  of  data  associated  with  an  inlet  development  program. 
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A  description  of  how  the  engine  distortion  parameters  are  Implemented  on  the  analog/dlgltal 
computer  to  accomplish  the  goal  of  editing  and  screening  the  data  will  now  be  addressed.  This  can  be 
accomplished  by  relating  the  expression  for  Kg  to  a  particular  configuration  of  total  pressure  probes 
at  the  compressor  face.  In  this  particular  case,  consider  a  configuration  that  consists  of  48  probes 
with  six  rings  and  eight  rakes.  The  Implementation  of  Equation  (2)  on  tha  analog  computer  is  quite 
simple.  The  steady  state  and  gain  adjusted  fluctuating  pressure  are  summed  together  to  form  the  total 
component  of  pressure.  Each  pressure  is  multiplied  by  its  respective  sine  8  and  cosine  8,  summed  around 
each  ring,  ar.d  then  squared.  These  two  terms  are  added  together  and  then  the  square  root  Is  taken  of 
this  summation.  Finally,  this  value  is  multiplied  by  the  value  of  the  leading  term  to  attain  Kg  for  one 
ring.  This  process  is  repeated  for  each  ring  and  then  the  individual  ring  K-  are  summed  together  to  form 
the  total  K.,  While  the  value  of  this  expression  is  being  calculated,  a  similar  process  is  occurring 
simultaneously  for  the  other  parameters. 

The  editing  process  is  accomplished  by  considering  the  time  history  of  the  parameter  Kg  .  Kg 
can  be  generated  as  a  continuous  function  since  an  analog  computer  is  a  continuous  type  c.f  machine. 

The  operator  has  the  ability  to  cet  a  threshold  level  for  each  of  the  parameters  such  'hat  only  informa¬ 
tion  occurring  about  that  level  will  be  examined.  The  engineer  must  know  when  a  peak  in  Kg  has  been 
experienced  and  the  time  of  this  occurrence.  In  addition, he  ic  interested  in  the  value  of  Kg  wlen  it 
exceeds  a  given  threshold  level  and  when  it  returns  to  a  lower  value.  Special  peak  detector  ne:works  are 
utilized  to  accomplish  these  objectives.  These  peak  detectors  track  an  increasing  signal  to  the  peak 
level  and  maintain  that  levrl  until  it  is  reset.  The  peak  detectors  are  normally  reset  when  the  value  of 
the  parameter  drops  below  the  threshold  level  in  order  that  successive  peaks  can  be  detected  even  though 

such  peaks  may  be  of  a  lower  value  than  a  pieced  ,g  peak.  In  addition,  the  peak  detectors  can  be  used  as 

a  signal  generator  that  signifies  a  peak  has  been  detected.  Judgement  must  be  made  as  to  identifying 
both  thresi<  id  crossings  and  peaks  or  peak  values  alone.  When  a  threshold  crossing  occurs,  an  interrupt 
signal  is  generated,  and  the  information  is  transferred  from  the  analog  to  the  digital  computer.  No 
on-line  manipulation  of  this  Information  is  permitted  in  order  to  transfer  the  data  as  quickly  as 
possible.  The  current  response  time  from  signal  Interrupt  thru  information  transfer  is  300  microseconds. 
An  Important  feature  of  the  program  is  the  identification  cf  which  paiameters  triggered  the  interrupt 
signal.  Whenever  the  interrupt  signal  occurs,  the  peak  value  of  the  parameter  is  stored  as  well  as  the 
value  of  the  other  parameters  at  this  particular  instant.  Th  >  next  output  from  the  editor  is  the  time 

when  the  peak  was  detected.  The  time  resolution  is  to  within  one  millisecond. 

Many  electronic  components  make  up  the  editing  system.  A  14  track  tape  transport  is  used  to 
px  , jack  the  dynamic  data  through  the  discriminator  system  which  de-multiplexes  the  individual  signals. 
Each  pressure  signal  is  filtered  before  it  is  sent  to  the  ane.xog  computer.  Coupled  with  the  tape  deck 
and  hybrid  computer  is  the  tape  search  unit.  The  search  unit  allows  one  to  find  a  particular  time- 
pressure  history  or  the  tape  while  it  also  serves  as  the  time  reference  frame  for  the  hybrid  computer. 

The  peak  detectors,  mentioned  earlier,  are  coupled  to  the  analog  computer.  The  information  stored  in  the 
digital  computer  can  be  printed  o  .t  on  the  line  printer  or  stored  on  magnetic  tape. 

VII.  CONCLUSION 

The  effects  of  ''turbulence,"  or  specifically,  the  fluctuating  nature  of  the  measured  total 
pressures  at  the  compressor  face  have  been  found  to  have  a  strong  Influence  on  the  stall  margin  of  most 
engines.  This  phenomenon  normally  commences  at  low  supersonic  speeds  with  Increasing  disturbance  inten¬ 
sity  as  a  function  of  increasing  Mach  number.  This  "turbulence"  exhibits  a  wide  range  of  amplitude- 
frequence  content.  For  low  frequency  disturbances,  engine  performance  is  basically  similar  to  steady 
state  operation  since  the  engine  outlet  pressures  will  follow  the  inlet  flow  variations  in  magnitude  and 
phase,  such  that  overall  compressor  pressure  ratio  will  remain  the  Bamc.  However,  the  majority  of  time 
dependent  total  pressure  fluctuations  are  found  to  be  significantly  faster  than  the  aforementioned  flow 
properties.  Under  these  circumstances,  outlet  pressures  lag  the  inlet  pressure  variations  in  both  ampli¬ 
tude  and  phase.  Consequently,  the  pressure  ratio  across  the  compressor  can  differ  considerably  from  a 
steady-state  value,  and  conditions  can  develop  wherein  compressor  stall  margin  is  completely  negated. 

For  years  the  use  of  a  frequently  referred  to  "turbulence  factor",  (A  P  )rm»/P  ,  averaged  over  the 

av 

compressor  face  has  raised  many  doubts  concerning  itc  usefulness.  The  results  of  the  study  presented  in 
this  paper  clearly  indicates  that  instantaneous  spatial  distortion  calculations  are  necessary  to  Judge 
the  performance  characteristics  of  the  ducted  flow  as  caused  by  a  number  of  physical  phenomenon  such  as 
shock  wave-boundary  layer  interaction  and  flow  separation.  The  development  of  small-scale  powered  simu¬ 
lators  for  wind  tunnel  use  can  be  very  beneficial  in  establishing  inlet-engine  compatibility.  Although 
only  the  effects  of  "turbulence"  on  engine  stability  have  been  addressed,  future  efforts  should  be 
directed  toward  identifying  unsteady  flow  influences  on  the  vitally  important  thrust  aspects  of  the 
inlet. 
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Monterey,  California,  91940 
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SUMMARY 

Caraful  attention  la  giver.  to  various  definition*  relating  to  thruat  and  drag.  Since  thrust 
minus  drag  la  of  primary  interest,  the  background  on  drsg  determination  la  discusred.  This  la  followed 
by  tasting  techniques  for  full  aoala  propulsion  system*.  Many  of  the  tasting  techniques  yield  unln- 
» tailed  angina  thruat  levels  significantly  greater  than  Installed  values.  Sources  of  Installation  losses 
are,  hence,  of  considerable  it  -direst.  Several  different  methods  have  evolved  to  account  for  various 
terM  in  a  d'eag/thrua'  determination.  Bookkeeping  of  forces  and  momentum  flux  is  described.  Any  air¬ 
craft  development  lc  controlled  by  schedules  and  fixed  resources.  Influence  of  these  constraints  on 
engine-airframe  integration  is  discussed.  Some  special  integration  problems,  e.g.,  engine  bleed  air,  are 
considered. 


I.  INTRODUCTION 

In  recent  times  there  have  been  examples  of  aircraft,  both  military  and  commercial,  with 
inaccurate  prediction  of  performance  during  development.  The  aircraft  are  committed  to  production  without 
knowledge  of  substandard  performance.  The  consequence  is  a  non-competitive  aircraft.  Prediction  of 
aircraft  performance  is  based  mainly  on  static  tests  of  the  aircraft  engine  end  wind  tunnel  tests  on 
aubscale  models  oi'  the  aircraft.  Sources  of  inaccuracy  in  the  prediction  are  the  changes  of  thrust 
from  uninstalled  to  the  installed  condition  and  the  mutual  interaction  between  engine  and  airframe. 

As  a  result  of  pest  cier.oe  with  faulty  predictions,  there  has  been  greater  emphasis  on 
accurate  testing  and  consistent  bookkeeping  procedures.  Some  of  these  tests  and  procedures  are 
described. 


After  defining  many  of  the  forcea  associated  with  an  aircraft,  the  determination  of  aircraft 
drag  in  a  wind  tunnel  is  discussed.  These  tests  are  almost  solely  subecale.  It  is  not  practical  to 
build  subscale  models  of  aircraft  engines.  As  a  result,  full  scale  engines  are  tested  starting  with 
demonstrator  engines.  Methods  and  techniques  for  testing  full  scale  engines  and  propulsion  systems  are 
presented. 


A  critical  component  in  a  propulsion  installation  is  tbs  exhaust  system.  External  flow  and 
aerodynamic  interference  add  complexity  to  the  determination  of  exhaust  performance.  Isolated  and  com¬ 
plete  model  test"  of  nozzles  are  discussed.  A  method  for  estimating  installed  gross  thrust  knowing  un¬ 
installed  gross  thruat  and  subscale  nozzle  data  is  presented. 

Many  of  the  factors  that  cause  losses  when  an  engine  is  installed  in  en  aircraft  are  briefly 
"xaminsd.  This  is  followed  by  a  discussion  of  a  thrust  and  drag  bookkeeping  system.  Certain  aspects 
of  system  management  are  included  to  emphasize  the  fact  that  any  test  program  is  constrained  by 
resources  and  schedules. 

II.  DEFINITIONS 

A  series  of  definitions  will  be  stated  before  the  main  discussion  of  engine  integration. 
Definitions,  which  are  quite  uninteresting,  should  appear  perhaps  in  a  remote  appendix;  howevor,  due  to 
the  fact  that  the  definitions  are  essential  to  the  understand^  the  paper,  they  appear  in  this 
prominent  looation. 

Some  quantities,  e.g.,  ram  drag,  are  defined  much  the  same  throughout  the  propulsion 
cosmuDity.  As  a  result  of  the  diversity  of  aircraft  typas  and  different  powerplant  installations,  there 
are  many  specially  defined  drag  and  thrust  quantities  which  are  not  universally  defined.  This  is 
another  motivation  for  providing  a  definitions  chapter. 

Rotation  and  nomenclature  differ  widely  with  different  symbols  for  the  same  concept  or  the 
seme  symbols  for  different  concepts.  Additive  'rag  <md  pre -entry  drag  are  identical  quantities  with 
different  nomenclature.  In  view  of  the  different  symbols  in  use,  a  more  efficient  set  of  symbol*  is 
suggested  and  used  herein.  A  capital  subscript  is  used  to  denote  en  increment  while  a  lover  oea*  sub¬ 
script  indicates  the  quantity  itself  end  not  an  increment. 

A.  Drag  Assoclatad  with  Inlets 

D  drag  of  tha  external  surfaces  of  inlet  ext*-  ling  from  stagnation  point  on  inlet  3  ip  aft  to 

*  an  expropriate  point  on  nacelle  or  fuselage.  Alternate  names  ere  forebody  draj,  especially 

for  tacellea  end  cowl  drsg. 

Dt  drsg  on  the  internal,  surfaces  of  inlet  extending  from  stagnation  |‘lnt  tc  t<-  or  compressor 
face.  Important  for  flow-through  nacelle*  in  wind  lunar  ’  udsie.  Usually  limped  with  englno 
internal  \at  thruat  when  engine  is  installed. 


7-2 


B 


£lverter  drag  due  to  the  appear  which  wore#  inlet  outward  ao  aa  to  avoid  ingestion  of 
boundary  layer  along  aircraft  forebody. 

jddltive  drag,  which  is  equal  to  Integral  of  gaga  pressure  along  atreamtube  from  a  point  far 
ahead  of  inlet  to  the  entrance  of  inlet|  also  equal  to  change  in  momentum  in  freestrean  to 
momentum  at  inlet  entrance.  Note  this  is  an  increment.  D.  is  a  tarn  resulting  fron  desire 
to  use  freestrean  conditions  to  define  ran  drag.  1 

spillage  drag  equal  to  difference  of  D,  and  the  change  in  external  drag.  The  charge  in  D 
due  to  spillage  of  air  is  often  termed  cowl  auction. 

increnent  of  drag  dua  to  boundary  layer  bleed  somewhere  along  inlet  compression  surfaces. 

increnent  of  drag  due  to  air  which  is  taken  on  board  via  the  inlet  but  which  bjpaseea  the 
engine  and  is  dunped  overboard. 

Df  ran  drag  equal  to  product  of  naas  flow  rate  entering  inlet  and  flight  velocity. 

inlet  drag  equal  to  sub  of  D#  and  Dj. 

Dt  Increnent  in  inlet  drug  equal  to  increments  D.,  D_,  D_,  and  Da. 

1  A  d  I  3 

B.  Drag  Associated  with  Nozzles  and  Exnaueta 

D.  boattail  drag  is  force  on  external  surfaces  of  fuselage  or  nacelle  that  decrease  crosa 
sectional  area  fron  maximum  area  to  nozzle  exit  area. 

base  drag  is  force  due  to  the  annular  region  between  nozzle  and  boattail. 

D  gozzle  external  drag  due  to  forces  on  nozzle  external  aurfacea  extending  beyond  nacelle  or 
s  boattail.  Variable  geometry  nozzles  usually  extend  beyond  boattail  to  permit  changea  in 
nozzle  exit  area. 


'  a 

“e 

D.t 


afterbody  drag  ia  sun  of  boattail  drag  and  drag  dua  to  fairings,  rudder,  and  elevators, 
increnent  of  gxhaust  system  drag  due  to  changes  in  D^,  Dfe,  0.^,  and  D#. 
sting  drag  ia  force  on  sting  which  supports  model  in  the  wind  tunnel. 


C.  Engine  Thrust  Definitions 


F  gross  thrust  ia  force  produced  by  momentum  flux  across  exit  plane  and  by  gage  pressure 
e  over  exit  area. 

PQ  net  thru :t  la  gross  thrust  less  ram  drag. 

net  internal  thrust  (sometimes  termed  internal  thrust)  is  equal  to  stress  tensor  integral 
over  all  internal  surfaces  wetted  by  angina  air  atreamtube.  Net  thrust  and  net  internal 
thruat  differ  by  additive  drag. 

F  uninstalled  gross  tbruat  ia  gross  thruat  measured  in  engine  test  facilities  using  reference 
nozzle  without  external  flow. 

Pf  flange  thruat  is  force  obtained  by  an  ideal  expansion  of  actual  flow  of  gasoa  at  some 

station  downstream  of  turbine  j  the  flow  includes  distortions  or  profiles  in  or  TT  present 
in  actual  engine. 

F,  ideal  thruat  la  force  obtained  by  one-dimensional  isentropic  expansion  of  gases  from  P-*  and 
1  *T6  t0  P~ 

D#  scrubbing  drag  ia  force  due  to  akin  friction  on  pylon  and  nacelle  surfaces  wetted  by  fan 
discharge  atreamtube. 

(  )g  subscript  to  denote  the  nozzle  charging  station. 

In  addition  to  the  various  drag  and  thruat  terms,  there  are  related  coefficients  defined,  e.g. ,  gross 
thrust  coefficient.  These  will  be  discussed  later. 

III.  AIRFRAME  DRAG  DETERMINATION  IN  WIND  TUNNEL 

A.  Scope  of  Testing 

Thara  are  many  different  kinds  of  aircraft  ranging  from  supersonic  transports,  supersonic 
fighters,  VTOL,  to  piston  powered  sport  planes.  To  provide  propulsion  for  the  gamut  of  aircraft,  there 
are  a  wide  variety  of  propulsion  systems.  A  major  variable  for  aircraft  gas  turbines  is  bypass  ratio. 
3upersonic  aircraft  tend  to  have  zero  or  amal.  bypass  ratio  (less  than  unity).  High  subsonic  cruise 
aircraft  tend  to  have  large  bypass  ratio  up  to  8  or  ao.  Lowar  Mach  number  cruise  yields  higher  bypass 
ratio  as  the  optimum,  thus  transforming  the  turbofan  to  a  turboprop.  Large  bypass  engines  -e  mounted  in 
nacellea,  whereas  turbojets  may  be  buried  within  the  fuselage.  In  this  lecture  we  limit  the  discussion 
to  buried  and  large  bypass  ratio  podded  engines. 
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There  are  at  least  three  mounting  locations  for  jet  engines  in  nacelles  on  high  subsonic 
cruise  aircraft:  below  the  wing,  above  the  wing,  and  rearward  on  the  fuselage.  For  low  pressure  ratio 
fans  the  loc>-''  assure  distribution  due  to  wing  or  fuselage  can  altar  fan  performance. 


The  scope  and  kinds  of  testing  are  determined  by  the  point  in  the  development  cycle. 
Figure  1  illustrates  schematically  the  engine/airframe  integration  process  for  an  engine  mounted  in  a 


Figure  1.  Eugir.s/Airframe  Integration  Process. 

nacelle.  Figure  2  shows  major  elements  of  wing/pylon/n..celle  flow  field.  Figures  ..and  2  are  reproduced 
from  the  Lockheed-Oeorgla  response  to  the  AGARD  ad  hoc  study  on  transonic  testing. For  the  procedures 
shown  in  Figure  1,  the  aircraft  preliminary  design  and  configuration  layout  is  complete.  The  work  that 
remains  is  the  verification  of  design  calculations,  accumulation  of  wind  tunn'-l  data  to  predict  per¬ 
formance,  and  specification  of  many  of  the  details  not  part  of  initial  design. 

For  on  aircraft  with  the  engine  buried  in  the  fuselage,  a  bookkeeping  system  ie  illustrated 
in  Figure  3.  Figure  3  was  *eproduced  from  Reference  1.  The  various  models  necessary  to  obtain  drag  and 
thrust  increments  are  also  shown.  Figure  3  represents  the  same  span  of  development  cycle  illustrated  by 
Figure  1. 
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Figure  2.  Major  KLemsnte  of  Wing/Pylon/Nacells 
How  Field. 


B.  Variable* 

In  addition  to  the  flight  or  opera¬ 
tional  variables,  e.g. ,  Mach  nuaber  and  altitude, 
there  are  many  geometrical  variables.  For  key 
operational  points  a  reference  configuration  ia 
chosen  from  among  the  possibilities.  A  change  in 
geometry  gives  rise  to  a  drag  or  thrust  increment. 
Some  of  the  geometrical  variables  are  noss'.e  exit 
area,  noaale  throat  area,  wheels  up  or  down,  wing 
sweep  angle,  flap  position,  control  position, 
bleed  door  position,  bypass  door  position,  and 
inlet  throat  area.  If  the  flight  condition  ia 
defined,  then  many  of  these  variables  become 
fixed.  For  example,  cruise  of  a  supersonic  air¬ 
craft  at  a  supersonic  Mach  number,  which  is  a 
key  operational  point,  has  wing  sweep  at  maxim* 
angle,  wheel*  and  flaps  up,  etc.  A  model  io 
built  with  these  geometric  variables  fixed  at  an 
appropriate  value.  For  transonic  cruise  of  a 
supersonic  aircraft  at  tbs  transonic  dreg  rise, 
the  geometrical  variables  have  changed  compared 
to  supersonic  cruise.  Another  model  is  needed. 


AERO  FORCE  ANO  MOMENT  MODEL 


f  BASIC  \ 
4  aircraft  1 
V  ORAC  I 


Figure  3.  Thrust  and  Drag  Accounting  System. 


Propulsion  variable*,  other  than  geometry,  that  influence  drag  and  thrust  are  mass  flow  ratio 
for  the  inlet,  exhaust  no* lie  pressure  ratio,  and  afterburner  operation.  These  propulsion  related 
variables  must  be  duplicated  in  the  inlet  or  afterbody  models  to  obtain  thrust  minus  drag  throughout  the 
operating  envelope. 

G.  Subecale  Testing 

For  each  test  Mach  number  there  is  c  reference  geometrical  configuration.  A  model  of  tha 
aircraft  la  mada  for  that  configuration.  7am.1 17  it  is  too  difficult  to  manufacture  a  variable  geometry 
model  eo  that  additional  modals  are  needed  for  each  reference  geometry.  The  aircraft  mlesion  specifies 
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performance  for  certain  kejr  points  within  the  operating  envelope.  Models  will  be  built  as  appropriate 
for  these  key  points. 

Scale  of  the  model  is  determined  to  a  large  extent  by  wind  tunnel  size.  Transonic  testing 
is  the  most  complex  within  the  Mach  number  range  from  subsonic  through  supersonic.  Transonic  wind  tunnel 
blockage  restrictions,  expressed  as  ratio  of  model  cross  sectional  area  normal  to  mainstream  to  wind 
tunnel  flow  area  in  test  section,  yield  small  models.  Elockags  of  0.5  per  cent  to  1  per  cent  are  common. 
Scale  has  an  influence  not  only  on  Reynolds  number  but  also  on  ifedel  construction.  It  is  not  possible 
to  duplicate  surface  roughness  or  small  details  in  a  small  model,  tfedels  less  than  1/20  scale  usually 
have  so  many  ccapromises  relative  to  geometric  detail  and  Reynolds  number  that  tests  are  not  attempted. 
There  are  exc  ),  of  course,  with  sonic  boom  models  being  an  example. 

„\lljed  models  such  as  ths  inlet  model  or  the  jet  effect  model  shown  in  Figure  3  can  be 
of  relatively  large  scale,  e.g. ,  1/6  scale.  Only  part  of  the  airframe  needs  to  be  duplicated  for 
inlet  or  exhaust  models. 

There  are  special  tests  which  are  conducted  subscale.  Spin  tests  are  an  example.  These  cr-e 
not  discunsed  here. 


D.  Propulsion  System  Representation 

There  are  three  common  techniques  for  representing  the  propulsion  system  as  part  of  a  wind 
tunnel  modelt  faired  over  inlets,  flow  through  nacelles,  and  powered  simulators.  With  faired  over 
inlets,  there  is,  of  course,  no  flow  entering  the  model.  If  exhaust  gases  are  piped  into  the  model 
with  faired  inlet,  the  exhaust  plume  can  be  simulated.  Without  an  exhaust  gas  supply,  neither  inlet 
nor  exhaust  flow  is  simulated. 


Flow  through  nacelles,  also  called  free  flow  nacelles,  give  partial  simulation  of  inlet  and 
exhaust  flows.  The  nozzle  pressure  ratio  is  usually  <a  error.  Figure  4  compares  the  nozzle  pressure 


ratio  for  an  optimum,  ideal  turbojet  with  the  flow 
through  nacelle,  it  a  Mach  number  of  1  the  turbo¬ 
jet  has  NPR  '  ,ut  two  and  one  half  times  greater 
than  flow  through  nacelle. 

To  obtain  the  aircraft  drag  using  a 
flow  through  nacelle,  it  is  necessary  to  sub¬ 
tract  the  drag  of  the  internal  surfaces  of  the 
nacelle.  The  internal  drag  can  be  obtained  by 
flow  surveys  at  the  exit  plane  of  the  nacelle. 

Figure  3  indicates  separate  model* 
to  obtain  inlet  forces  and  to  obtain  exhaust/ 
afterbody  interference.  Powered  simulators 
permit  simultaneous  simulation  of  both  inlet 
and  exhaust  flows.  If  it  is  possible  to  ob¬ 
tain  the  desired  information  from  a  single 
model  with  a  powered  Simula  ..or,  why  are  the 
separate  inlet  and  exhaust  models  employed? 
Simulators  for  supersonic  aircraft  are 
currently  being  developed.  Simulators  for 
large  bypass  turbofana  have  been  in  use  for 
some  time.  Figure  1  indicates  that  these 
siihilatora  play  an  Important  role  in  the 
engine/airframe  integration  of  a  high  bypass 
ratio  engine.  Figure  5a  is  a  photograph  of  a 
supersonic  propulsion  simulator.  Figure  5b 
la  a  photograph  of  the  simulator  undergoing 
teats;  this  bears  a  striking  similarity  to  a 
real  gas  turbine  under  test.' 


E.  Summary 


Figure  4.  Nozzle  Pressure  Ratio  VS  Mach  Number 
for  an  Optimum,  Ideal  Turbojet  and  a 
Flow  Through  Nacelle. 


A  specialized  inlet  model,  usually  of 


To  sumarize  Section  III,  an  aero- 
force  model  is  used  to  obtain  airframe  drag 
polar  at  specified  reference  conditions. 

Propulsion  may  be  simulated  in  several  ways  as  discussed  above, 
larger  scale  than  aeroforce  model,  is  used  to  obtain  drag  increments  for  varying  mass  flow  ratio,  angls 
of  attack,  and  angle  of  yaw.  Another  specialized  exhaust  modtl,  also  called  jet  effects  modtl  in 
Figure  3,  is  used  to  obtain  thrust  minus  drag  increment#  due  to  varying  nozzle  pressure  ratio,  mass  flow 
ratio,  and  nozzle  geometry.  For  podded  engines  a  larga  seals,  at  least  large  scale  relative  to  aero- 
force  model,  powered  simulator  is  used  to  determine  propulsion  characteristics  and  lntsrfsrsnce  with 
airframe. 


IV.  ENGINE  THRUST-FOIL  SCALE  PROPULSION  TESTING  TECHNIQUES 

There  are  four  testing  techniques  applicable  to  full  soale  anginas >  sss  lsvel  atat<o, 
altitude,  wind  tunnel  with  inlet  and  partial  airframe,  and  flight  testing.  Altitude  testing  is  described 
as  direct  connect  testing.  In  direct  connect  testing  ell  the  air  supplied  pasees  through  tha  engine.  In 
the  wind  tunnel  tests,  spillage  of  air  can  occur.  This  is  called  free  jet  testing.  Sea  level  static  and 
altltuda  testing  give  the  internal  or  uninstalled  thrust.  Wind  tunnel  testing  vitb  inlet,  exhaust,  and 
partial  alrfrt  as  bacomes  a  rsssonsble  approximation  for  installed  thrust.  Flight  testing  provides 
Installed  thrust. 


dWFH  WW  W&Vt  n*  *** 
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SUPERSONIC  PROPULSION  SIMULATOR 

CONTRACT  NO.  F3381* -••■C- t«OS 

to  eao 

TECH  DEVELOPMENT.  INC. 

DAYTON . OHIO 

a.  Exploded  View. 


b.  Simulator  on  Test  Stand. 

Figure  5.  Supersonic  Propulsion  Simulator. 

(Figure  5  was  supplied  to  the  author  by  Captain  Steve  Piller  o'  DSAF  geroPropulsion  Laboratory. ) 
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login*  companies  specify  that  thsir  engines  vill  have  a  certain  magnitude  of  gross  thrust 
vhen  tested  sea  level  static  unas?  certain  conditions.  When  the  customer  buys  an  engine,  the  specifica¬ 
tion  usually  indicates  a  definite  value  of  gross  thrust  d'lring  sea  level  static  or  altitude  testing. 
Thrust  is  a  function  of  many  variables  including  the  following!  (a)  dtitude,  whioh  determines  free- 
stream  pressure  and  temperature,  (b)  flight  Mach  number,  (c)  inlet  pressure  recovery,  (d)  distortion  of 
flow  into  compressor,  (e)  power  level  angle  or  throttle  position,  (f)  power  extraction  by  bleed  air  or 
torque  at  accessory  pad,  (g)  secondary  airflow,  and  (h)  exhaust  nozzle  position  (when  nozzle  geometry  is 
variable),  is  can  be  seen  in  figure  6,  a  major  problem  is  the  conversion  uninstalled  thrust  to  in¬ 
stalled  thrust.  Conditions  at  Station (2)  the  compressor  face,  may  be  only  , jrtially  simulated.  The 
nozzle  differs.  There  is  external 

flow  over  the  nozzle,  for  static  Rloorl  Air 

testing  a  simple  convergent  nozzle  Diecu  Mir 

may  be  used,  whereas  a  sure  com-  A 

plicated  nozzle,  e.g. ,  blow  in  1 

dcor  ejector,  siay  be  used  in  the  _ 

aircraft.  Subsequent  discussion  I 

should  answer  aome  of  the  quae-  _  _ * - 

tiona  posed  in  this  paragraph.  1  ■ - «=  - j=j - 


i.  Sea  Level  Static  Testing 

Sea  level  static  test¬ 
ing  is  the  most  economical,  by  a 
wide  margin,  of  all  the  tech¬ 
niques.  The  engine  is  mounted  on 
a  base  plate  supported  by  flexure 
stiips.  A  bell  mouth  is  bolted  to 
the  engine  face,  and  a  reference 
nozzle  is  installed.  Thrust  of 
the  engine  and  bell  mouth  ie 
measured  directly  by  a  load  cell. 

By  calibration  or  pressure  taps 
along  the  bell  mouth  inner  wall, 
the  force  on  the  bell  mouth  is 
known.  Momentum  flun  into  the 
bell  mouth  is  also  determined. 

After  suitable  correction,  the 
gross  thrust  of  an  uninstalled 
engine  is  obtained.  To  avoid  bell 
mouth  corrections  a  labyrinth  seal 
may  be  used  at  the  Junction  be¬ 
tween  engine  and  bell  mouth. 

Accuracies  of  0.5  per  cent  for  F 
are  coimonly  attained.  With  ' 
thia  level  of  accuracy,  care  must 
be  taken  to  have  uniform  pressure 
over  the  engine  external  surfaces. 
Fuel  must  be  introduced  normal  to 
thrust  axis  or  else  a  correction 
needs  to  be  made  for  fuel  momentum. 


INLET  w 

DIFFERS  Dt  .  A. 

Bleed  Air 

Bypass  Dump  t 


NOZZLE 

DIFFERS 


/  Secondary  Flow 

Boundary  Layer  Bleed  Duct 

Figure  6.  Aircraft  Engine  in  Altitude  Test  Facility  and 
Installed  in  Aircraft. 

Figure  7  illustrates  base  plate,  flexure  strips,  etc. 


Data  are  reported  in 
terms  of  gross  thrust  coefficient 
defined  as 


Jjl  .  Ik 

Vi  Fi 


where  ie  the  mass  flow  at 
engine  exit.  Station©  in  Figure 
6.  Mass  flow  at  engine  exit  la 
the  sum  of  mass  flow  of  air  plus 
fuel.  The  velocity  v,  is  an 
ideal  velocity  obtained  by  iaen- 
tropio  expansion  from  P_.  and 
T_*  to  P«.  The  gross  thrust 
coefficient  is,  in  a  sense,  an 
efficiency  comparing  actual 


THRUST 
Ml  AMCC 
CAIIBR/  TIW 


efficiency  compering  actual  Figure  7.  Engine  Static  Thrust  Measurement  at  Sea  Level, 

thrust  to  ideal  thrust.  C- 

provides  a  link  between  the*ina  tailed  end  uninstalled  engine  gross  thrusts.  From  that  point  of  view,  it 
Is  valuable.  Cycle  analyses  are  one  'limenalonnl  and  can  yield  values  for  F^.  The  thrust  coefficient  prr 


Is  valuable.  Cycle  analyses  a: 
vidas  a  means  for  estimating  r 
dimensional  concepts  with  th-  - 
T-*.  it  is  necessary  to  us  ■ 
to  arrive  at  a  single  nun 
conservation  equations  j 
Flange  thrust  F.  has  ’ 
station.  Defining  a  C^  wlv  . 


ins  uiasnaional  and  can  yield  values  for  F..  The  thrust  coefficient  pro- 
C-  also  eliminates  engine  size  or  scale.  However,  C_  mixes  ons- 
5Ssion»l  flow.  The  question  arises  concerning  how  to*define  P_.  and 
-  eraging  procedure,  e.g.,  area  weight*'’  or  mass  flow  weighted  averages, 
An  average  cannot  be  defii.  ed  whioh  elmultaneously  satisfies  the 
.  '-oregss  are  used,  one  of  the  conservation  equations  is  being  violated, 
recognise  the  three-dimensional  aspects  of  flow  at  the  charging 
laced  by  F^  would  add  realism  bv*.  would  be  comp  icated  to  use. 


To  obtain  C-  from  a  sea  level  static  measurement  of  F  ,  It  is  necessary  to  determine  the 
mass  flow  rate  of  air  at^engine  inlet  fc  .  Compressor  maps  yield  corrected  weight  flow  rate  as  a  function 
of  engine  speed  N/VS”  and  compressor  prlssure  ratio.  Separate  means  of  measuring  &  are  calibrated  beJ~ 
mouth,  venturis  or  orifices.  Calibration  of  engine  air  flow  in  terms  of  N/V?  and  pressure  ratio  pro¬ 
vides  useful  data  for  flight  testing.  Pressure  rakes  and  temperature  rakes  are  used  to  determine  P_v  and 
T«.  Since  specific  fuel  consumption  and  ideal  thrust  require  knowledge  of  the  mass  flow  of  fuel  fclj  the 
specific  gravity  of  the  fuel  must  be  measured  at  the  engine.  Most  flow  meters  yield  volume  flow  rate. 

The  station  where  P-*.  and  T_,  are  measured  is  frequently  called  the  nozzle  charging  station. 
The  charging  station  must  be  acaessible^for  instrumentation  in  both  full  scale  and  model  nozzles. 

The  thrust  coefficient  C  includes  losses  due  to  flow  divergence,  skin  friction  on  internal 
nozzle  surfaces ,  leakage,  non  uniforarprofilea,  and  swirl.  These  are  some  of  the  flow  phenomena  and  loss 
mechanisms  which  make  less  than  unity. 

B.  Altitude  Testing 

Conditioned  air  is  supplied  at  the  compressor  face.  The  stt  v.  ion  pressuro  and  stagnation 
temperature  aie  determined  by  calculations  knowing  flight  altitude  and  Ma^.i  number.  A  suitable  inlet 
pressure  recovery  is  assumed.  Compressors  and  heaters  (or  refrigerators)  are  necessary  to  supply  correct 
T„  and  P_  at  engine  face.  The  engine  external  surfaces  are  maintained  at  ambient  pressure  suitable  for 
aftitudeTbeing  simulated.  Kxhauaters  ore  required  to  maintain  a  low  pressure.  Fijnire  8  ahows  a 
schematic  of  the  altitude  test  facility  at  the  Naval  Air  Propulsion  Test  Center.'*'  Prom  the  scale  of 
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Figure  8.  Schematic  of  Altitude  Test  Facility  at  Naval  Air  Propulsion  Test  Center. 
(Reproduced  from  Reference  2. ) 

the  engine  one  can  Judge  the  scale  of  the  facility.  To  aid  tho  exhausters  the  high  velocity  Jet  from  the 
engine  is  used  as  an  ejector  enhancing  the  facility  capability  in  terms  of  altitude  and  mass  flow  rats  of 
air.  Altitude  testing  is  expensive.  For  large  engines  with  high  the  costs  may  be  a  few  thousand 
dollars  for  each  hour  of  test  time. 

Altitude  testing  yields  an  uninstalled  thrust  value.  As  in  the  case  of  sea  level  static 
testing,  thrust  is  measured  using  apparatus  similar  to  that  ehovn  in  Figure  7.  An  alternate  method  to 
determine  F  is  to  make  exhaust  surveys  as  illustrated  in  Figure  9.  Within  current  testing  philosophy 
this  is  generally  regarded  as  a  aecondary  method.  The  pressure  and  temperature  rakes  are  upstream  of  the 
sonic  line  to  avoid  measurements  in  a  aupersonic  stream.  By  careful  attention  to  experimental  details, 
it  is  possible  to  obtain  agreement  within  1  per  cent  between  F^  i'rom  load  cell  and  F^  from  survey. 

C.  Wind  Tunnel  Testing  with  Partial  Airframe 

For  fighter  size  aircraft  it  is  possible  to  test  a  full  scale  engine  along  with  its  inlet 
and  exhaust  in  a  wind  tunnel.  Those  parte  of  the  fuselage,  usually  the  forebody,  and  wing  which  in¬ 
fluence  the  inlet  flow  are  duplicated.  Figure  10,  which  is  reproduced  from  Reference  3,  is  a  sketch  of 
such  a  test. 

For  large  aircraft  it  is  not  possible  to  test  the  complete  propulsion  full  sc«le.  Although 
thir  section  in  on  full  scale  testing,  we  show  the  photograph  of  B-70  propulsion  in  the  16-foot  wind 
tunnel  to  illustrate  the  concept.  The  scale  is  .577.  Figure  11  is  from  Reference  4. 

Part  of  the  motivation  for  conducting  tests  as  illustrated  in  Figures  10,  11,  and  12  is  to 
determine  inlet  engine  compatibility,  inlet  controls,  nozzle  controls,  influence  of  angle  of  attack,  etc. 
Another  reason  for  the  tests  is  to  obtain  installed  thrust, 

D.  Flight  Testing 

Flight  testing  of  a  propulsion  system  occurs  late  in  the  development  cycle.  To  fly,  the 
<lne  must  bo  flight  rated,  and  this  rating  is  Issued  only  after  a  long  series  of  vests.  If  anything  is 
ng,  it  is  late,  and  the  changes  to  correct  a  propulsion  system  become  expensive. 

There  are  several  cases  of  flight  testing  full  scale  propulsion  systems i  a  new  engine 
mounted  on  sn  old  aircraft,  a  new  engine  in  the  new  aircraft,  and  an  old  engine  on  an  old  aircraft  as 
part  of  a  comprehensive  ground  and  flight  test  program. 
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A  new  engine  under  development  can  be 
flown  on  an  old  alrorrf t  to  check  operation  in  a 
flight  environment.  There  are  phenomena,  e.g. , 
gyroscopic  forces,  that  cannot  be  examined  on  the 
ground.  Engine  performance  can  be  verified.  The 
drag  polar  of  the  old  aircraft  is  well  documented 
so  that  engine  thrust  can  be  estimated  from  air¬ 
craft  performance,  lfriglne  thrust  nay  be 
determined  by  inverse  procedure  of  sea  level 
static  test.  0.  is  assumed  known.  N/y^S"  and 
compressor  presalre  ratio  are  measured;  from  these 
data  it  is  determined.  Stagnation  pressure  and 
stagnation  temperature  are  measured  at  the  nozzle 
charging  station  so  that  v^  can  be  calculated.  It 
then  follows  ' 

F  «  (Liv. 

3  78»1 

Of  course,  the  new  engine  in  a  new  air¬ 
craft  is  always  flight  tested,  is  stated  before, 
this  is  very  late  in  the  development, and  correction 
of  any  deficiencies  is  expensive. 

NASA  baa  been  conducting  flight  tests 
of  a  J-85  on  a  F106  aircraft.  This  is  an  example 
of  an  old  engine  on  an  old  aircraft.  These  tests 
were  part  of  a  comprehensive  wind  tunnel  and 
flight  test  program.  Several  different  nozzle 
configurations  were  flown.  The  program,  besides 
supporting  SST  development,  provides  badly 
needed  data  for  checking  wind  tunnel  results  with 
flight  tests. 


CONVERGING  NOZZLE 

Traversing  Probe 

T 

/‘"'-—Sonic  Line 


CONVERGING  DIVERGING  NOZZLE 


In  sea  level  static  and  altitude  tasting,  the  uninstalled  thrust  is  measured.  For  fan 
engines  mounted  on  pylons,  the  uninstalled  thrust  includes  scrubbing  drag.  To  arrive  at  the  installed 
thrust,  it  la  necessary  to  add  or  subtract  increments  due  to  the  following*  (s)  inlet  additive  or 
spillage  drag,  (b)  momentum  losses  due  to  flow  extracted  from  the  engine  inlet  for  boundary  1  ayer  bleed, 
bypass,  or  oecondary  cooling  air,  (c)  thrust  recovery  from  air  extracted  from  the  eng'ne  (See  Figure  6.) 
for  customer  use,  (d)  scrubbing  drag  on  adjacent  airframe  not  previously  included,  (a)  nacelle  friction 
or  pressure  losaes  due  to  airfrome/engine  interference,  (f)  changes  in  pylon  pressure  distribution  due 
to  aerodynamic  interference,  (g)  alteration  of  C_  due  to  external  flow,  and  (h)  change  in  bosttail  or 
base  drag  due  to  exhaust  flow.  g 

V.  KHAOSTS^ 

A.  Introduction 

Once  a  given  Jet  engine  has  been  selected,  the  nozzle  selection  remains  open.  As  shown  in 
Figure  12,  there  is  a  wide  variety  of  nozzle  designs  from  which  to  choose.  The  aim  of  this  section  is  to 
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8*70  Wind  Turmti  Motts 


Figure  11.  Photographs  of  B-70. 

(Reproduced  from 
Reference  4. ) 

this  is  done,  there  are  62,206  different  combination*, 


indicate  how  a  prediction  of  installed  thrust  can 
be  aad*  baaed  on  wine  tunnel  data  and  engine  test 
ce1!  dots.  The  techniques  for  estimating  nozzle 
performance  and  jet  interference  will  be  dis¬ 
cussed. 

To  make  an  obvious  statement ;  a  super¬ 
sonic  aircraft  will  fly  subeonicelly,  tran- 
souically,  and  supersonically  in  any  supersonic 
mission.  Aircraft  performance  must  be  verified  in 
each  flight  regime.  Comments  concerning  transonic 
flight  will  be  made;  similar  statements  can  be 
made  for  the  other  operating  conditions. 

The  transonic  flight  regime  is  a 
region  where  afterbody  and  nozzle  drag  is  high. 
There  are  at  least  four  operating  conditions  that 
must  be  thoroughly  invest) gated s  (1)  transonic 
oruise,  (2)  transonic  acceleration,  (3)  tranaonlc 
deceleration,  and  (4)  hlgh-g  maneuvers.  These 
four  operating  conditions  have  different  nozzle 
pressure  ratio,  exhaust  stagnation  temperature, 
nozzle  area  ratio,  heat  capacity  ratio,  and  air¬ 
craft  angle  of  attack.  Figure  13  ehowa  the 
typical  range  for  some  of  these  variables. 

Afteruvdy  models  are  used  to  complete 
the  necessary  drag  data.  These  models  are  In 
addition  to  the  aeroforce  model,  which  is  a  repro¬ 
duction  of  the  omplete  aircraft.  Afterbody  drag 
and  nozzle  drag  .ay  be  20  to  40  per  cent  of  com¬ 
plete  aircraft  drag  .t  transonic  flight.  A 
variety  of  bookkee;  »  procedures  has  been  de¬ 
veloped  to  define,  identify,  measure,  diagnose, 
and  correct  forces  of  various  components. 

The  trend  in  nozzle  desip  •  has  been  to 
iris  and  plug  nozzles.  Development  fan  engines 
has  made  cooling  ai:  available.  Tu-  'jets  needed 
a  lie.  of  cooling  air  which  could  be  obtained  from 
ejector  action  of  the  primary  Jet.  I  rly  Jet 
fighter  aircraft  placed  heavy  emphasl.  on  ejector 
nozzles.  For  some  supersonic  aircraft,  blow-in 
door  ejector  nozzles  provide  performance  gains  in 
transonic  flight.  Variable  geometry  nozzles  ars 
essential  for  multiple  Mach  number  design  point' . 

Three  is  a  wide  number  of  variables 
related  to  nozzles  and  exhausts.  Table  I  lie*  ’■ 
these  vs-  *  ’’es.  A  particular  nozzle  problem  can 

be  statec  .•  specified  by  taking  one  adjective  for 
ei.ch  variable  from  the  right-hand  column.  When 
implying  that  number  of  nozzle  configurations.’ 


An  Important  aspect  of  nozzle  and  exhaust  testing  is  the  fidelity  of  jet  simulation.  Jet 
simulation  will  be  discussed. 


Test  planning  involves  many  considerations  including  the  type  of  nozzle  and  type  of  installa¬ 
tion.  Sxtent  of  simulation,  da  mentioned  previously,  must  be  decided.  Compromises  ars  required  by 
constraints  of  local  facilities  and  program  goals;  decis.ons  concerning  compromises  are  based  on  past 
experience. 


B.  Accuracy 


Accuraoy  of  determination  of  thrust  should  be,  of  course,  compatible  with  the  accuracy  of 
measurement  of  drag.  Since  the  aircraft  senses  net  thrust  and  the  procedures  yield  gross  thrust,  it  is 
necessary  to  have  a  more  precise  measure*  0f  gross  thrust.  The  ratio  Fg/fnet  ie  2  to  3  for  transonic 
flight.  Assessment  of  accuracy  is  compl  .o  *ed  by  the  many  instruments  employed  in  the  measurement 
sequence,  the  many  models  used  for  obtaining  drag  increments  and  separate  portions  of  overall  drag,  and 
the  complex  test  apparatus.  Desired  aejuracy  In  the  transonic  region  li  0.5  per  cent  for  T^. 

Figure  14,  which  is  reproduced  from  Reference  6,  shows  the  range  sensitivities  for  various 
installation  parameters.  A  3  per  cent  decrease  in  propulsion  package  weight  causes  an  increass  in  range 
of  about  40  n.m.  A3  per  cent  increase  in  C„  yields  a  range  increase  of  300  n.m.  Nozzle  performance, 
for  a  S3T,  it  a  most  sensitive  parameter.  * 

C,  Isolated  Nozzle  Versus  Complete  Model  Tests 

Isolated  nozzle  testa  are  a  very  close  approximation  to  a  two-dimensional  flow  problem.  The 
geometry  1*  usually  axisyametric  without  fins,  elevators,  or  other  features.  An  aiterbocy  or  complete 
model  test  duplicates  the  geometry  of  the  aircraft.  This  is  a  three-dimensional  problem.  Isolated 
nozzle  tests,  which  are  valuable  for  oomparlng  different  nozzle  designs,  are  usually  conducted  early  in 
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the  development  phase.  In  later 
phases  of  the  aircraft  develop¬ 
ment,  absolute  values  for  nozzle 
performance  parameters  are  needed. 
7or  these  purposes  complete  model 
tests  are  usually  conducted.  Ad¬ 
vantages  and  disadvantages  for 
isolated  and  complete  model  testa 
are  sunsarized  in  Tables  II  and 
III.  Figure  15  illustrates  two 
test  arrangements  for  a  wind 
tunnel. 


Figure  16  shows 
schematically  a  complete  model 
test  using  tandem  bidances. 

Nozzle  gross  thrust  ia  obtained^ 
by  adding  readings  of  balances @ 
and  (b).  Information  is  obtained 
nbout  the  sum  of  afterbody  plus 
base  drag.  Tandem  balances  offer 
sgny  advantages.  Both  balances 
@  and  (b)  in  Figure  16  can  be 
sized  to  match  the  force.  The 
main  disadvantage  is  the  com¬ 
plexity  of  the  model. 

0.  Installed  Gross  Thrust  from 
Uninstalled  Gross  Thrust 

From  the  tests  de¬ 
picted  oy  Figure  6  or  7,  a  gross 
thrust  coefficient  is  obtained, 
and  the  gross  thrust  can  be  cal¬ 
culated  by 


\  ■  Vi 

From  the  tests  schematically  shown 
in  Figure  16,  another  groas  thrust 
coefficient  is  obtained 


Fixed  CONVERCE  4T  vaR.aBU  COnv  t  k  At* 

NO  AFTER  BURNING  'A  B 


MAX  A  B 


VARIABLE  FLAP  EJECTOR 

ORY 

MAX  A  B 


BLO*  in-DOOR  EJECTOP 


DRY 

MAX  A  B 


VARIABLE  FLAP  CON  -Div  IRIS  CONVERGENT 


IRIS,  CON.-  DlV.  PLUG 


Figur*  12*  SchtBfttlc  of  Varlou*  Nozzla  Jfeslfiuim 
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A  prime  is  used  to  denote  the  com¬ 
plete  model  teste.  Taking  the 
ratio  of  the  above  two  equations, 
one  obtains 


F  V- 


C « 

it 


'A 


The  ideal  velocity  v.  bee  can¬ 
celled  out  sines  seen  nozzle  vs 
been  run  with  the  same  P_  and  T. 
at  tha  nozzla  charging  station. 

Specific  thrust,  i..e.,  thrust  per 
unit  mast  flow  rate,  is  equal  to 
the  ratio  of  groaa  threat  coeffi¬ 
cients.  The  engine  of  Figure  7, 
when  installed  in  an  airframe  of 
the  gaonstry  of  Figure  16,  should 
give  e  specific  thrust  F^/fc^. 

This  die cues ion 

illustrates  the  usefulness  of  C_ 
and  d-monit, rater  how  teat  cell  * 
result*  can  be  combined  with  com¬ 
plete  model  data  to  predict  performance 


Figure  11.  Mar  of  Exhaust  Variables  for  e  Fighter  Aircraft. 


The 


tehee 


Ti* 


Profiles  of  Py  or  T^, 


swirl,  nozzle  leakage 


accuracy  of  the  prediction  depends  on  how  well  v,  match 
ge,  and  aissilar  flow  proportlea  can  cause  ineceufmeiee. 


X.  Svamaary  Remarks  on  Exhausts 

In  this  part  of  the  "Exhausts*  Section  various  items  will  be  listed  end  briefly  discussed. 

1.  Models  tested  in  the  wind  tunnel  do  not  represent  accurate  scaled  models  of  the  actual  airplane. 
Development  programs  ere  paced  by  schedules  and  constrained  by  resources.  In  e  development  program 
wind  tunnel  data  art  of  Importance  only  to  the  extent  that  tha  data  help  to  produce  a  good  perform¬ 
ing  airplane.  The  wind  tunnel  data  are  relegated  to  tha  fila  oablnet  a*  toon  aa  the  aircraft  la 
certified.  Meat  aircraft  programs  do  not  lnoluds  reaourcas  to  reexamine  the  quality  of  wind  tunnel 
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TAELS  I.  VARIABLES  RELATE!)  TO  EXHAUSTS 

Varisblo 

Poaaibl*  Value*  or  Feature 

Mainstream  Msch  Humber 

Subsonic  -  Transonic  -  Supersonic  -  Hypersonic 

Jet  Mach  Number 

Subsonic  -  frensonic  -  Supersonic  -  Hypersonic 

Noz/l#  Pressure  Ratio 

Overexpendsd  -  Optimum  -  Underexpanded 

Direction  of  .Tat 

Parallel  -  Acute  Angle  -  Normal 

Number  of  Exit  Fort* 

Single  -  Dual  -  Multiple 

Spacing  of  Multiple  Jata 

Nerrow  -  One  Jet  Diameter  -  Vide 

Number  of  Nosxle  Streams 

Primary  -  Primary  and  Secondary  -  Primary,  Secondary,  and  Tertiary 

Geometry  of  Afterbody 

Axisymsetnc  -  Nonaxisysmetrlc 

Shape  of  Afterbody 

Blunt  Baa*  -  Smooth  Contour 

Boundary  Layer,  Internal 

Laminar  -  Turbulent 

Boundary  Layer,  External 

Laminar  -  Turbulent 

Ratio  6*  to  Jet  Diameter 

(Smooth  Variation  of  Thia  Parameter) 

Sensitivity  to  External  Flow 

None  -  Influenced 

- PROPULSION  PACKAGE  WEIGHT 

_ _  NOZZLE  GROSS  THRUST 

COEFFICIENT 

- AIRFRAME  L/O 
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~  INLET  PRESSURE  RECOVERY 


PERCENT  IN  PARAMETER  IMPROVEMENT 


Figure  14.  Performance  Sensitivity  of  Propiislon- 
System  Installation  for  a  Typical 
Supersonic  Transport.  M  *  2.7 j  Range, 
1500  Nautical  Miles. 

(Reproduced  froa  Reference  6.) 


data  in  ths  light  of  flight  test  results. 

Since  the  Model  aay  not  aatch  the  airplane, 
soae  key  points  aay  need  checking  in  the  wind 
tunnel  with  a  new,  accurate  Model. 

2.  Similarity  rules  of  fluid  aschanlss  are 
violated  in  nearly  every  wind  tunnel  teat. 
Raraly  is  Reynolds  number  correctly  duplicated. 
The  problem  with  interpretation  of  wind  tunnel 
exhaust  dwta  is  to  know  the  consequence  of  in¬ 
exact  similitude  and  scaling.  With  the  ad¬ 
vances  in  computational  fluid  mechanics 
coupled  with  analytical  approaches,  new  in¬ 
sight  aay  be  gain  el. 

?.  Unsteady  aerodynamics  certainly  occurs  in  the 
external  flow  flald  in  tbs  transonic  regima. 
Tima  dependant  exhaust  flow  may  be  an  overlooked 
feature  whin  evaluating  exhaust  system  per¬ 
formance — or  when  evaluating  ths  lack  of 
performance, 

4.  Thrust  coefficients  ere  based  on  an  ideal 
noxsle.  Thrust  coefficients  are  a  ons- 
dlmensional  concept  trying  to  quantitatively 
define  performance  of  a  three-dimensional 
flow  device.  Thrust  cosfflclsnta  and  ideal 
thrust  neatly  tie  cycle  analysis  to  exhaust 
system  hardware  and  its  performance.  Ths  tie 
becomes  confusing  and  has  sources  of  error  in 
the  number  to  assign  to  ideal  thrust  when 
there  ere  profiles  of  P^  or  T^. 

5.  Bookkeeping  procedures  based  on  increments 
have  several  advantages  such  as  conceptual 
simplicity;  however,  to  fully  exercise  the 
complete  bookkeeping  procedure,  numerous  addi¬ 
tions  and  subtraction#  of  data  obtained  from 
many  different  models  of  widely  varying  scale* 
must  be  accomplished.  Bookkeeping  procedures 
which  do  not  clearly  daflnt  th*  division  of 
responsibility  between  the  engine  and  airframe 


companies  do  not  gain  acceptance.  Being  practical  and  aatuta,  thla  is  a  recognised  requirement  on 
bookkeeping  procedure;  howover,  the  aircraft  responds  to  thrust  minus  drag.  Is  the  split  of 
responsibility  a  factor  which  hinder*  optimisation  of  thrust  minus  dragT 


6.  Present  methods  of  defining  thrust  permit  verification  of  full  scale  angina  quality  by  testing  out¬ 
side  the  aircraft.  This  is  certainly  desirable. 


7.  Inlet  spillage  may  have  an  influence  on  exhaust  performance-  Remember  the  accuracy  goals  ere  0.5  per 
cent.  Limited  work  has  bean  don*  to  define  inlet  interference  on  exhausts  for  engines  buried  In  the 
fuselage.  More  extensive  work  has  baen  don*  on  pylon  mounted  turbofan  engine*.  Faired  inlet*  may 
distort  installsa  nossl*  performance. 


8,  A  Mach  number  of  unity  la  difficult  to  achieve  in  a  wind  tunnel,  '.rind  tunnel  tests  near  M  «  1  are 
difficult  to  conduct  without  tunnel  interference. 


TABLE  II.  ISOLATED  N02ZLK  TBTS 


Advantage! 

Larger  Scale.  Hence  Larger  Re 
Larger  Scale,  laeler  to  Instrument 
Larger  Scale,  Exact  Detailing  Possible 

Net  ■'every  for  Cnecklng  New  Nossls  Concept! 
and  Baeic  Studlec 

Baaeline  for  On lna tailed  Perforeance 

Substantiate  Calculation!;  laeler  Geometry 
for  Which  to  Hake  Prediction! 

Relatively  Economical 


Disadvantage! 


Plow  Is  2-D  Instead  of  1-D 

Installation  Effects  May  Require  Soule 
Redesign 

Do  not  Form  Basie  for  Predicting 
Interference  in  V-D  Medals 

Support  Structure  El lain* tee  Possibility 
for  True  Isolated  Tests 

Not  Adequate  for  Interference  Between 
Multiple  Nosslea 


TABU  III.  COMPUTE  MODEL  TESTS 


Advantages 


Disadvantages 


Better  External  Flow  Simulation 

Only  Means  Available  to  Predict  Installed 
Nossls  Performance 

Verifies  Aircraft  Design 

Influence  on  Aircraft  Aerodynamics  Can  Be 
Measured 

Influence  of  Exhaust  Plume  on  Control 
Surface  Effectiveness  Can  Be  Determined 

Pylon  Design  Verified 
Flow  Visualisation  Possible 
Multiple  Noaile  Designs  Verified 


Smell  Sits  Nossls  or  Else  Very  Large  Tunnel  Needed 

Complex  Shspe  Requires  More  txtenaive  Instrumentation 

Simulation  of  Secondary  or  Tertiary  Plow  Difficult 

Support  System  Interference  Needs  Careful  Checking 

Models  Are  Complex  and  Costly 

Low  Be  for  Nossls  Dus  to  Site 

Changes  in  Geometry  Are  Difficult  to  Make 

Rot  Jets  Difficult  to  Incorporate 

Profile  into  Bottle  May  Ns  Poor 

Difficult  to  Measure  Mesa  Plow  Accurately 


STATIC  PRESSURE 
TAPS  USED  TO  GET 
BOAT  TAIL  ft  BASE 
DRAG 


Figure  19.  Isolated  Nosale  Tests  in  a  Wind  Tunnal 

9.  Pressure  ratios  are  small  in  the  stress tube  passing  through  the  fan.  The  potential  for  mutual 
intarfarenca  between  a  wing  and  a  turbofan  la  great. 

10.  Sources  of  error  in  exhaust  testing  include  struts  to  bold  model,  roughness  in  tbs  model  flow 
ehanmsl,  omission  of  smell  detail  due  to  model  scale,  and  incorrect  profiles  at  nossls  sntranoa. 

VI.  INSTALLATION  LOSSES 

An  unine tails d  angina,  as  shown  in  Figure  6  or  V,  has  a  level  of  performance.  This  level  of 
performance  in  not  achieved  in  an  alreraft.  Various  aircraft  demands  erode  the  performance.  Various 


CORRECTIONS  REQUIRED  FOR  SPLIT  PRESSURE, 
SEAL  FORCES,  AND  ANY  MOMENTUM  OF  AIR 
ENTERING  NOZZIE 


Figure  16.  Tandem  Balance!.  Balance  (T)  read!  T  -  -  Dfa.  Balance  (5)  reads  3^  ♦  D^. 

installation  factors  alter  perforeance. 

A.  Losses  Due  to  Inlet 

A  price  Is  paid  for  the  air  taken  on  board  tbs  aircraft!  1*  is  the  raa  draf.  At  the  engine 
faoe  the  stagnation  pressure  is  less  than  that  attained  by  an  iaentnoplc  compression.  This  Is  a  loss 
which  degrades  performance.  The  impact  of  pressure  recovery  on  3ST  range  Is  shown  in  Figure  14. 

The  Inlet  provides  distorted  flow  to  the  fan  and  compressor.  Distorted  flow  nay  cause  the 
compressor  to  stall  and  the  engine  to  surge.  Adequate  stall  margin  must  be  Incorporated  to  avoid  stall. 
The  margin  degrades  performance  of  the  engine  compared  to  what  it  could  have  been.  For  the  same 
pressure  ratio  additional  stages  of  compression  maF  be  needed. 

The  Inlet  Is  sised  for  maxima  air  flow  requirement.  For  operating  conditions  off  the  maxi¬ 
mum  design  point,  air  must  be  spilled  or  taken  on  board  and  dumped.  Spillage  of  air  causes  a  drag,  or 
alternatively,  a  loss  of  thrust. 

B.  Losses  this  to  ftiglne  Accessories 

togine  accessories  Include  fuel  pupa,  fuel  controls,  and  lubrication  pumps.  To  drive  the 
accessories  power  is  taken  from  the  engine.  Accessories  tend  to  increase  engine  frontal  area  increas¬ 
ing  nacelle  drag  or  airframe  drag  which  effectively  decreases  thrust  minus  drag. 

C.  Losses  Due  to  Power  Bleed 

Power  may  be  removed  from  the  engine  In  the  form  of  compressed  air.  The  compressed  air  may 
provide  air  conditioning  for  electronic  equlpamnt  and  crew,  drive  poeumatlc  actuators,  provide  boundary 
layer  control,  and  force  the  flow  of  cooling  air. 

Power  may  be  removed  from  the  engine  In  the  form  of  torque  on  a  shaft.  Modern  aircraft  have 
large  electrical  power  needs  for  radar,  galley  heaters,  etc.  Hydraulic  pumps  for  the  aircraft  control 
system  are  driven  by  the  engine. 

D.  Installation  Structure 

It  la  necessary  to  transfer  engine  thrust  to  the  airframe.  Structure  is  needed  for  this 
task  and  adds  weight.  Figure  14  shows  Impact  of  propulsion  package  weight  on  SST  performance. 

K.  environmental  Factors 

doeely  related  to  the  Inlet  distortion  discussed  In  A  Is  clear  air  turbulence  which  can  be 
a  source  of  distorted  flow  at  the  compressor.  Ingestion  of  foreign  gsses,  e.g. ,  steam  during  a  catapult 
launch,  can  cause  stall.  Stall  margin  must  be  built  Into  the  compressor. 

Gas  turbines  have  limits  on  turbine  Inlet  temperature.  On  hot  days  It  is  necessary  to  de¬ 
crease  fuel  flow  to  avoid  over  temperature  In  the  turbine.  When  operated  In  similarity  conditions, 
thrust  of  a  gas  turbine  falls  off  linearly  with  ambient  pressure.  Decreasing  pressure,  e.g.,  at 
altitude,  decreases  performance. 

F.  Acceleration  and  Safety  Margins 

For  an  engine  to  accelerate,  turbine  torque  must  exceed  compressor  torque  requirements. 
Adding  fuel  to  accelerate  tends  to  drive  the  transient  operating  line  toward  stall.  The  operating  point 
must  be  sufficiently  far  from  surge  line  so  that  transients  do  not  cause  surge.  This  necessitates  more 
stall  margin. 


G.  Nozzle  Performance 


M< 


External  flow  end  aerodynamic  interference  can  cauae  loaa  of  (rose  thruat  coefficient. 
Figure  17  ahowa  drag,  thrust,  and  thruat  coefficient  aa  a  function  of  Mach  number  for  a  supersonic  air¬ 
craft.  In  the  transonic  region,  has  a  pronounced  dip,  which  glees  a  corresponding  dip  in  throat. 
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Figure  17.  Thrust  and  Drag  as  a  Function  of  Mach  Number. 

Installation  losses  are  due  to  Inlet  and  exhaust  inefficiencies,  safety  margins  of  one 
nature  or  another,  and  power  bleed. 

VII.  THRUST  AND  DRAG  ACCOUNTING  STSTSW 

There  are  numerous  sohemes  for  obtaining  drag,  thrust,  and  thrust  minus  drag.  One  such 
method  will  be  discussed  here  to  illustrate  the  scope  of  a  complete  test  and  to  show  how  afterbody  and 
inlet  tests  fit  into  the  procedures. 

Aircraft  performance  is  defined  in  pert  by  thrust  minus  drag.  The  engine  company  sells 
thrust,  and  the  airfraam  manufacturer  minimises  drag.  Since  there  are  items  in  the  force  bookkeeping 
procedure  which  must  be  assigned  to  drag  or  to  thrust,  careful  definitions  are  required. 

Bookkeeping  of  forces  usually  involves  increments  to  drag  or  thrust  for  operation  at  some 
point  other  than  the  reference  condition.  At  a  given  M*,  three  variables  are  usually  specified  as 
standard  or  reference  values.  These  are  aossle  pressure  ratio  P,  nossle  area  ratio,  and  angle  of  attack; 
subscript  r  denotes  reference  values.  Deviation  from  these  reference  conditions  gives  rise  to  force 
increments.  One  philosophy  for  assignment  of  tbs  force  increment*  is  to  alter  thrust  if  the  increment 
results  from  a  throttle  change.  If  the  increment  is  due  to  a  change  in  angle  of  attack,  it  is  assigned 
to  dreg. 


The  drag  of  inlets  depends  on  mass  flow  ratio  m  into  the  air  induction  system.  The  drag  of 
exhaust  systems  depends  on  nossle  pressure  ratio  P  for  a  given  flight  condition.  Variable  geometry  of 
inlets  or  nossle  adds  complexity  and  alters  drag.  Changes  in  a,  P,  and  area  ratios  are  mainly  due  to 
throttle  changes  and  hence  are  assigned  to  thrust. 

The  aeroforee  model  is  mounted  on  a  sting  and  force  F}  determined;  see  Figure  18.  For  this 
tent  there  are  reference  values  of  and  P*  which  may  not  be  the  same  as,  or  even  close  to,  the  values 
ohosen  as  the  standard  flight  configuration  and  denoted  by  subeorlpt  r.  At  mr  and  Pr»  drag  increments 
due  to  the  inlet  or  nossle  flow  are  set  equal  to  sero. 

Figure  18  shows  schematically  bow  drag  is  obtained  from  the  aeroforee  model,  the  inlet  model, 
and  the  exhaust  model.  Variation  of  foroe  due  to  variation  of  a  or  P  is  readily  obtained  from  the  test 
data.  The  change  in  the  force  on  the  inlet  represented  by  F^  -  F  would  be  charged  to  thrust  since  it  is 
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Figure  18.  Bookkeeping  for  Dreg. 

•  result  of  throttle  (mass  flow)  changes.  The  change  of  force  represented  by  F?  -  Fg  would  also  be 
charged  to  thrust  since  nozzle  pressure  ratio  is  a  function  of  throttle  setting. 


Propulsion  system  installed  gross  thrust  is  obtained  from 


The  test  cell  P(  was  discussed  previously.  The  increment  teras  need  to  be  defined  and  discussed. 

The  increment  due  to  the  inlet  includes  the  f  cl  lowing  i  (1)  spillage  drag,  (2)  bleed  drag, 
and  (1)  bypass  drag.  Spillage  drag  consists  of  additive  drag  and  the  change  in  force  on  the  inlet  cowl. 
Usually  data  are  reported  in  teras  of  CggpUl  or  Cq^jj  plus  0^.^.  To  control  shock-vave-boundary- 
layer  interaction,  it  is  necessary  to  partially  resort  the  boundary  layer  at  critical  portions  of  the 
inlet.  The  bleed  air  is  duaped  overboard.  Por  soma  flight  conditions  it  is  better  to  take  excess  air 
on  board  and  then  dump  it  overboard.  Inlet  stability  or  the  trade  off  between  spillage  and  bypass  drag 
aay  aaka  it  dasirsbls  to  swalloy  air  in  axoess  of  angina  n*eds. 

Ssveral  factors  determine  the  site  of  the  drag  inereasnt  due  to  the  exhaust!  (1)  correction 
for  external  flow,  (2)  hast  drag,  (1)  boat  tall  drag,  and  (4)  exhaust  interference.  Installed  gross 
thrust  is  at  sons  flight  Mach  number.  The  test  cell  gross  thrust  la  at  ststlo  conditions,  i  corrsction 
must  ba  made  for  the  external  flow  influenca  on  internal  flow.  Por  the  CD  nossle  illustrated  in  Figure 
19,  thia  corractlon  aay  be  very  small.  Por  ths  CO NT.  PLUG,  or  BIDS  nosslss  of  Pigurs  19,  this  aay  ba 
a  relatively  large  correction.  The  correction  la  obtained  from  the  subtraction  of  static  noszla  thrust 
from  the  thrust  of  the  asae  aoiile  Installed  in  an  afterbody  modal.  The  nozsla  is  mstrlc  within  tbs 
afterbody  modal,  in  axaapla  of  tha  corractlon  for  external  flow  la  shown  in  Figure  20  for  a  plug  nossle. 
Also  the  boattall  and  bast  drag  corrections  are  shown.  Figure  20  was  reproduced  from  Reference  f. 
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T lgure  19.  Static  and  Dynamic  Nozzle  Tests 


Before  proceeding  with  additional  discussion  of  base  drag,  boattall  drag,  etc.,  it  is  worth¬ 
while  to  reread  Section  II  and  examine  figure  16.  Notice  the  split  between  the  forebody  and  afterbody  of 
the  aircraft  model ;  this  indicates  that  the  afterbody  is  metric.  Afterbody  drag  includes  tail,  fairings, 
and  boattall.  The  boattall  is  the  surface  which  reduces  the  area  from  tho  forebody-afterbody  split  to 
the  area  at  the  nozzle  exit,  for  variable  geoaetry  nozzles,  there  are  usually  external  nozzle  surfaces 
exposed  to  the  external  flow  giving  rise  to  external  nozzle  drag,  Dn-  The  drag  D  may  be  Included  with 
boattall  drag.  Base  flow  is  a  downstream  flow  region  where  the  streaallnes  do  not  follow  the  bedy  con¬ 
tour.  Such  an  annular  area  is  illustrated  in  figure  16.  The  internal  nozzle  drag  is  not  important  for 
these  discussions  having  been  accounted  for  by  Cy  . 

When  the  base  flow  region  is  an  annulus  surrounding  the  nozzle  exit,  as  shown  in  figure  16, 
the  correction  for  base  drag  can  be  lumped  into  boattall  drag.  When  there  are  multiple  exhaust  nozzles, 
there  may  be  base  flow  regions  not  at  the  nozzle  exit  plane.  If  this  is  the  case,  the  base  drag  can  be 
Included  with  the  exhaust  interference  term. 


Changes  in  nozzle  pressure  ratio,  use  of  afterburner  for  thrust  augmentation,  and  other 
propulsion  system  operating  points  cause  changes  in  the  exhaust  pluma  geometry.  As  a  result,  the 
external  flow  ia  modified.  Changes  in  the  external  flow  may  alter  t  a  pleasure  distribution  on  the 
elevator,  rudder,  wing,  or  fuselage.  The  drag  increment  termed  exhaust  interference  accounts  for  this 
aspect  of  the  exhaust. 

Continuing  with  the  varioua  terms  on  the  right-hand  side  of  the  installed  gross  thrust  equa¬ 
tion,  consider  now  the  increment  due  to  the  engine.  As  a  result  of  m  different  from  mr,  inlet  pressure 
recovery  and  level  of  distortion  at  the  compressor  fact  may  change.  These  changes  can  influence  engine 
operation.  Based  on  data  obtained  from  test  programs  in  sea  level  static  test  calls  or  altitude 
facilities,  corrections  can  be  made. 

Bower  may  be  extracted  from  the  engine  either  by  bleeding  air  off  the  compressor  or  by  drive- 
shafts  for  alternators,  pumpe,  etc.  Bleed  air  from  the  compressor  to  proride  boundsry  layer  control  on 
the  wing,  air  conditioning  for  the  crew,  or  to  actuate  pneumatic  devices  causes  a  loss  of  thrust.  This 
thrust  loss  is  accounted  for  in  the  term  "increment  due  to  engine." 

The  final  term  in  the  installed  gross  thrust  equation  is  the  increment  due  to  secondary  flow. 
(Secondary  flow  can  be  defined  aa  air  taken  on  board  from  fraaatream  conditions  and  returned  to  the 
ambient  atmosphere  without  forming  part  of  the  angina  working  fluid.)  Whan  tha  secondary  flow,  a.g. , 
cooling  air,  forma  part  of  the  nozzle  flow,  there  is  a  thrust  increment  which  changes  with  ths  angina 
operating  conditions.  Tha  secondary  air  may  be  dumped  overboard  through  its  own  nozzle  or  exit  door. 
Pleasures  on  the  aircraft  may  be  changed.  The  ram  drag  associated  with  secondary  air  la  the  mesa  flow 
rata  of  secondary  air  times  vehicle  velocity. 

The  installed  Tg  equation  indicates  the  corrections  which  must  be  made  to  convert  test  call 
gross  thrust  to  installsd  gross  thrust.  The  number  of  corrections  becomss  quite  large  as  the  preceding 
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dissuasion  has  indicated.  Kaeh  eorraetion 
or  Increment  has  Its  ovn  accuracy  and  is  a 
sourcs  of  srror.  Ths  bookless  pin*  schemes 
should  strive  for  tbs  minimum  number  of 
Increments  required  to  adequately  dsseribs 
forcss  on  an  aircraft.  Ths  increments  may 
be  based  on  a  variety  of  model  sites. 
Typical  model  sites  providing  data  are  In¬ 
dicated  In  Table  IT. 


TAELE  IT.  TRANSONIC  TESTING  MODEL  SIZE3# 
(TTPICAL  FIGHTER  AIRCIUFT} 


Model 


M>0,p  <p 


Percentage  of 
Full  Scale 


Aeroforce  Model 
Inlet  Model 
Isolated  Nosale  Test 
Afterbody  Model 


5 

8-10 

25 

8-10 


*Modela  less  than  1/20  scale  have  so  many 
compromises  relative  to  geometric  detail 
and  Reynolds  number  that  tests  are  not 
attempted. 


Till.  ASPECTS  OF  SYSTEMS  MANAGEMENT 

The  motivation  for  this  section 
Is  to  support  the  argument  that  the  kinds 
and  goals  of  testing  depend  on  tbs  phase 
within  the  aircraft  development  cycle. 
Procedures  and  scope  of  tests  are  lie  ted  bf 
resources  and  schedules. 


Boattail  and  Base  Drogi-  Aircraft  Development  Cycle 


EXHAUST  NOZZLE 


20 

PRESSURE  RATIO 


A  mejor  aircraft  development 

_J  '—s  cycle  spans  several  years;  likewise,  a  major 

3  L _ | _ I  aircraft  gas  turbine  development  is  a 

lengthy  process.  Figure  21,  which  Is  based 
In  part  on  Reference  8,  outlines  some  mile¬ 
stones  along  the  cycle.  Figure  21a  deals 
with  the  airframe.  Once  vehicle  require¬ 
ments  have  been  defined,  various  vehicle 
configurations  are  explored,  Queetlona 
such  as  high  wing  versus  low  wing,  engines 
mounted  on  wing  versus  engines  on  fuselage, 

etc.,  are  examined.  A  most  likely  configuration  Is  picked.  Small  scale  (1/12 )  models  of  the  Inlet  are 
being  tested.  As  testing  progresses,  larger  scale  Inlets  (1/6)  are  hnllt.  Based  on  lA2  scale  data, 
decisions  are  made  about  axlay«Mtrlc  versus  ramp,  external  versus  mixed  compression,  etc.  Using  1/6 
scale  inlets,  questions  concerning  boundary  layer  bleed,  diverter  height,  Interaction  with  forebody,  etc., 
are  answered. 


Figure  20. 


Static  and  Installed  Thrust  Coefficient  for  a 
Plug  Nozzle.  (Reproduced  from  Reference  ) 


Early  In  the  development  cycle  rather  crude  simulation  of  the  propulsion  system  Is  possible. 
The  aeroforce  models  become  larger  scale  and  incorporate  better  propulsion  representation.  As  the  freeze 
point  In  design  Is  approached,  powered  simulators  aay  be  employed. 

For  engine  developsmnt  the  first  steps  are  to  define  cycle  parameters,  l.e. ,  pressure  ratio, 
turbine  inlet  temperature,  bypass  ratio,  etc.  Based  on  the  required  cycle  parameters,  a  demonstrator 
engine  Is  designed  using  technology  and  hardware  from  previous  exploratory  and  advanced  development 
programs.  If  the  cycle  calls  for  u  high  turbine  inlet  temperature,  the  demonstrator  engine  should 
operate  at  that  temperature.  If  the  fan  performance  pushes  the  state  of  the  art  in  tip  speed,  then  the 
demonstrator  engine  should  run  at  that  tip  speed.  The  demonstrator  engine  can  be  boilerplate,  l.e..  It 
can  have  heavy  components.  It  need  not  be  dimensionally  correct.  It  should  demonstrate  successful 
operation  of  all  new  technology  to  be  incorporated  into  the  final  design. 

Figure  21c  continues  the  engine  development  cycle  to  production.  WRT  Is  preliminary  flight 
rating  test.  It  answers  the  question  of  whether  or  not  the  engine  is  safe  to  fly.  Once  TFRT  has  been 
passed,  flight  testing  can  proceed.  MQT  Is  military  qualification  test.  This  certifies  the  engine  meets 
all  specifications  in  regard  to  performance,  endurance,  weight,  etc.,  and  Is  ready  to  enter  production. 

As  mentioned  previously,  flight  testing  is  'ate  in  the  program,  although  It  Is  before  MQT. 

B.  Types  of  Tests  and  Scheduling 

Figure  21  gives  testing  highlights.  Some  of  the  tests  related  to  alrframe/englne  are  grouped 
in  the  lower  part  of  the  figure.  Also  Figures  1  and  1  are  correlated  with  Figure  21.  At  the  start  of 
the  program  there  are  many  choices.  For  example,  see  Figure  12  for  all  of  the  nozzle  choices.  Early 
testing  Is  conducted  to  screen  possible  candidates  and  to  give  relative  performance.  As  the  design 
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freeze  point  approaches,  emphasis  is  on  absolute  thrust  and  drag  levels.  Tests  become  more  exhaustive 
and  more  precise. 

Since  there  are  two  major  groups,  the  engine  and  the  airframe  manufacturers,  working  on 
pieces  of  the  aircraft,  there  is  interchange  of  data.  Engine  tests  must  be  scheduled  to  provide 
necessary  information  to  tl  e  airframe  contractor  when  needed  and  vice  versa. 

C.  Assessing  Progress  and  Prognosis  for  Success 

About  2  1/2  years  into  the  program,  the  engine  uv '"if acturer  has  run  his  first  demonstrator 
engine.  Shortly  thereafter,  as  indicated  in  Figure  21b,  engine  sensitivity  istorted  inlet  flow  is 
being  tested. 

At  the  same  time  into  the  program,  the  airframe  manufacturer  has  gathered  some  data  from  his 
1/1  scale  inlet.  For  example,  he  knows  the  value  of  distortion  index  for  M  *  0.95.  cx »  20°,  and  p  *  5°. 
If  the  engine  and  airframe  manufacturer  use  the  same  distortion  index,  it  is  possible  to  evaluax 
likelihood  of  engine  surge.  If  a  distortion  index  of  500  causes  surge  and  if  distortion  indices  of  1000 
are  measured,  then  some  urgent  issues  need  to  be  solved  before  design  freeze.  If  the  numbers  are  inter¬ 
changed,  then  one  may  want  to  make  the  inlet  less  fancy — e.g. ,  cut  down  of  bleed  air— or  else  decrease 
stall  margin. 


About  1  years  into  the  program,  the  engine  contractor  has  a  value  for  C~  based  on  the 
demonstrator  engine.  At  the  same  time,  the  airframe  manufacturer  has  a  fairly  precise  drag  coefficient 
using  an  aeroforce  model  with  powered  simulators  and  hot  flow  afterbody  tests.  Combining  the  data 
available  at  this  point,  the  performance  can  be  estimated.  Based  on  ths  outcome  of  this  estimation, 
the  time  before  design  freeze  may  be  hectic  or  tranquil. 

Obviously  program  management  is  not  quite  as  simple  as  the  preceding  paragraphs  might  imply. 
Information  is  needed  at  the  correct  time  to  make  decisions.  Heed  for  information  must  be  anticipated. 

D.  Validity  of  Test  Data 

While  the  design  is  on  peper,  there  is  room  for  judgment  and  opinion.  Once  tests  have  been 
conducted,  the  level  of  performance  is  no  longer  in  doubt,  assuming  careful  attention  to  experimental 
detail.  Possible  uncertainty  in  test  results  can  result  from  correction  factors.  Such  correction 
factors  may  be  wind  tunnel  wall  corrections,  correction  for  pressure  or  temperature  difference  from 
reference  values,  labyrinth  seal  corrections,  etc.  Decisions  are  based  on  test  results. 

E.  Consistent  Definitions 

One  consistent  definition  was  already  denoted;  that  was  distortion  index.  Both  engine  and 
airframe  manufacturers  need  to  use  the  same  definition  for  distortion  index,  including  frequence  cut  off 
for  time  dependent  data,  number  of  transducers,  curve  fitting,  etc.  Methods  for  calculating  ideal  gross 
thrust  need  to  be  standard.  There  are  numerous  other  interface  quantities  that  need  to  be  defined. 

In  addition  to  consistent  definitions,  identical  format  for  data  acquisition  and  compatible 
computer  programs  for  data  reduction  can  facilitate  information  exchange  between  the  two  major  con¬ 
tractors. 

IX.  SUMMARY  AND  CONCLUDING  REMARKS 

Failure  of  some  aircraft  designs  to  mast  performance  goals  in  recent  times  has  focussed 
attention  on  procedures  and  techniques  to  determine  thrust  minus  drag.  Extensive  wind  tunnel  test 
programs  are  necesa-ry.  Two  typea  of  wind  tunnel  tests  may  be  conductedj  subscale  testing  of  aero¬ 
force  models  along  with  spacialized  inlet  and  exhaust  models  and  full  scale  testing  of  propulsion 
system  with  partial  airframe.  The  former  tests  are  always  conducted,  whereas  the  latter  depend  on 
program  and  aircraft. 

Full  scale  static  testing  of  the  engine  is  conducted  at  both  sea  level  and  simulated 
altitude  yielding  F  and  C_  .  It  is  necessary  to  convsrt  thsse  values  to  installed  F  .  The  method 
employed  la  by  means  of  Cp  “obtained  from  exhaust  tests.  At  the  conclusion  of  SectloS  V,  there  are 
several  aumoary  remarks  concerning  aircraft  exhausts  wnich  will  not  be  repeated.  These  remarks  discuss 
the  validity  of  approach. 

In  the  early  days  of  wind  tunnel  testing  of  propeller  driven  aircraft,  variable  frequency 
electrical  motors  were  developed  to  provide  simulation.  More  elaborate  simulators  have  been  developed 
for  large  bypass  turbofans  and  have  been  utilized  in  several  major  test  programs.  Turbine  driven 
simulators  for  turbojets  are  under  development  making  possible  one  aeroforce  model  which  simulates 
simultaneously  inlet  and  exhaust  flows.  Due  to  the  expense  of  powered  simulators,  specialized  inlet  and 
exhaust  models  will  not  be  discarded. 

Airframe  and  engine  development  occur  in  a  parallel  fashion.  There  are  numerous  critical 
interfaces  between  airframe  and  engine.  The  major  factors  of  interface  at  inlet  are  pressure  recovery, 
mass  flow  requirements,  and  distortion  levels.  For  the  exhaust  system,  the  interface  involves  nozzle 
pressure  ratio,  nozzle  area  schedule,  exhaust  temperature,  and  secondary  flows.  There  is  a  significant 
interface  with  aircraft  power  needs.  Power  is  extracted  from  engine  by  compressed  air  bleed  or  by 
abaft  torque.  A  timely  flow  of  information  between  the  airframe  and  engine  contractors  concerning  the 
interfaces  is  necessary,  and  one  function  of  the  program  manager  is  to  facilitate  this  flow. 

An  exceptional  aircraft  requires  a  superior  engine  with  superior  integration  into  a  superior 
airframe.  A  poor  engine  in  e  good  airframe  ylelde  an  inferior  airevgi t.  i  good  engine  in  a  poor 
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airframe  yields  a  poor  aircraft.  A  good  engine  improperly  installed  in  a  good  airframe  yields  an 

inferior  aircraft. 

X.  REFERENCES 

(1)  A.  Ferri,  F.  Jaarsma,  and  R.  Monti,  Editors,  "Engine-Airplane  Interference  and  Wall  Corrections 
in  Transonic  Wind  Tunnel  Tests,”  AGARD  Advisory  Report  io.  !6-71,  August  1971. 

(2)  C.  J.  Pirello,  R.  X  Hardin,  M.  V.  Heckart,  and  K.  R.  Brown,  "an  Inventory  of  Aeronautical  Ground 
Research  Facilities.  Volume  II--Air  Breathing  Engine  Test  Facilities,”  NASA  CR-1875,  November  1971. 

(!)  J,  Franklin  Montgomery,  "Engine  Altitude  Test  Procedure,"  USA?  AeroPropulsion  Laboratory  Technical 
Memorandum  AFTP-TM-69-20,  May  1969. 

(4)  M.  Plndzola  and  J.  B.  Delano,  "Wind  Tunnel  Testing  of  Propulsion  Systems,1"  AIAA  Paper  65-477. 

(5)  A.  E.  Fuhs,  "Nozzle  and  Exhaust  Testing  in  Transonic  Flight  Regime,"  Paper  No.  !,  Conference 
Proceedings  No.  91,  Inlets  and  Nozzles  for  Aerospace  Engines.  AGARD  NATO,  1972. 

(6)  M.  R.  Nichols,  '  .erodynamics  of  Airframe-Engine  Integration  on  Supersonic  Aircraft,"  NASA  TN  D-1190, 
August  1966. 

(7)  G.  R.  Rabone,  "Low-Angle  Plug  Nozzle  Performance  Characteristics,"  AIAA  Paper  66-664. 

(8)  T.  F.  Stirgwolt,  "TF14  Seminar,"  Naval  Postgraduate  School  Seminar,  1!  October  1971. 


1 9P 


